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FOREWORD

Uis Symposium was primarily concerned with the fluid dynamic aspects of predicting
evod •iamic loads on aircraft and their external stores, and in particular those loads that

ret esent difficult design and operating problems. Emphasis was on theoretical and semi-

'apirical methods for determining the level and distribution of the expected loading, and on
_ assessing and evaluating the accuracy of the predicted values through comparison with avail-

able experimental data from windtunnels or from flight tests.

Four sessions were conducted. Experimental and Semi-Empiricta; External St(Ires and
Vortex Interactions; Calculation; Quasi-Steady Loads; and Transient or Fvicttiting Loads.
Following the last session, a Round Table [iscussion was conducted, led by se-ion Chafrmenn,
in which all participants were invited to comment. This is reporteJ here.

The Fluid Dynamics Panel expresses its appreciation to-the United States Notional
D:lelegates to AGARD, who were the hosts for this Meeting, and at* grateful for the provision
of the facilities required to ensure a successful Meeting.
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IIMIPLV" OF OAD-PREDICTION DIFFICULTIES

C. L. Bore

Hawker Siddeley Aviation Ltci., Kingston, Surrey, England.

ZUNMARY

This paper discusses some aspects of load-prediction techniques which still need improvement, in an

attempt to counter-balance the success stories that are usually the main subject of symposia.

INTRODUCTION

It is human nature to be proud of one's positive achievements, and this pride has often spurred people
to accomplishments far beyond their nominal duties. We will hear of some such feats in this symposium,
in relation to load prediction. So it happens that we become accustomed to hear paradea of triumphs,
which may leave some of us wondering if there is any scope left to devise one more triumph (even a little
one?) before the field is completely worked out. Perhapa this paper may bring some solace in this respect!

However, although vanity is a tremendous incentive to worthy achievements (and consequently it is a
substantial virtue) the engineers in charge of industrial enterprises should not regard glamorous challenges
as the "raison deQvre of industry. Some glamorous challenges may not be worthwhile, and some worthwhile
challenges my not be glamorous. So it can be useful, occasionally, to consider afresh the "aim of the
game" and list the more prominent difficulties hindering economice'l achievement of the aims, so that we may
devise ways round or through those difficulties. That is the main aim of this paper. With typical modesty,

"• •I will claim no responsibility for the troubles discussed.

IDAD PREDICTION

Reasons

There are basi L y three reasons for predicting the loads on aircraft.

1. Performance

To design so that the aircraft will sarry its required pay load over the specified range in given time.
Few loads in this category cause much trouble, and in any case drag and lift are topics best dealt with
in their own right.

2. flIZnx QualitiesI

To ensure that the manoesvrability shall be satisfactory at all relevant conditions. In this category
the loads arising from underanded manoeuvres (such as wing rocking, nose slice and other departures)
are difficult to predict, and fin loads can be particularly troublesome.

3. Structural Integrity

To ensure that the structure of the airframe will stay intact until the scheduled servicing. In this
category trouble arises from problems of predicting the distribution of pressure, and the magnitude and
frequAncy of repeatcd or fluctuating loads.

Underlying all these technical ob.leotives is the fundamental economic aim of producing an adequate
aircraft at the lesst cost. Because modifications rapidly rocket in expense as the manufacturing programme
proceeds, it generally follows that the best stage to predict loads is the earliest.

DIFFICULT CASES

A. Fl-ying Qualities

Most of the problems in this category arise from either post-buffet manoeuvi es, local boundary-layer
separations, from transient manoeuvres, or from the difficulties of predicting Zin loads.

1. Post-buffet manoeuvres

Buffeting in usually associated with fluctuating separation of the wing boundary layer, over a
substantial area. The pressure fluctuates and consequently fluctuating forcus are experienced, super-
imposed on the time-averag* load, and thereby posing fatigue problems. If the forces are not symmetrical,
then wing rocking motions or yawing motions may develop, which can generate ic.tisymmetrical tailplane loads
and fin loads which, in some cases, are not predictable even with knowledge of the motion and the quasi-
steady aerodynamic coefficients.

It sems likely that the unsteady boundary-layer separations generate unsteady wake flow fields whichI substantially affect the tail (as well as the wing). It is knok. that in some cases (e.g. refs. 1,
2, 3) the conditions under which rocking occurred, and the magnitude of the motion in flight, correlated
with the fluctuating rolling moments measured (at constant Mach number and incidence) on a wind-tunnel
model of normal stiffness (see figs. 1, 2). Thus it is clear that such rolling moments are not a
consequence of the motion of the aircraft, but must be regarded as fluctuating forces that cause the
motion, Such oases have been experienced in what would othervise be the Light-buffet to medium-buffet
band.
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rolling moment incidence CL Max

Cg a - Severe

1) Pen occasionally moves one way. roll iw,tch~ng Roll" Buffet
2) Pen strays to one side: wing low Moderate buffet, TwitcfR
3) Pen oscillates contittuously: wing rock S
4) Narrow band: steady in roll.a level

Increased - ' .- ___"_\.Roll Twitch
Pitch Stability and Erratic

.,',Wing Low

.. , , "Onset

I, I I I •

incidence, a Mach Number

Fig. 1. Interpretation of on-line unsteady Fig. 2. Flight control boundaries as indicated
rolling moment charts. by wind tunnel tests -- confirmed in flight.

On the other hand, when the wing flow is largely separated at high incidence, it is possible forcoupled rolling and yawing motions (Dutch roll) to build up, which are explainable 41 terams of the

stability coefficients. More research is needed on the former type of undemanded manoeuvre.

In some places on the wing, the pressure fluctuations due to flow separation can cause major
fluctuations in the loads on such components as flaps and ailerons with their actuator rods, and even
outer wing panels and rear spar reaction lugs. The flap loads are less easily predicted in l 3ss
familiar circumstances, such as intermediate positions ( on civil aircraft) or when lowered 10 or 15
for high-speed amnoeuvring (on fighters). The fatigue damage is uaually associated with large numbers
of moderate loads (which may occur typically at frequencies from 10 to 50 Hertz).

2. Manoeu',res not readily predicted in number or magnitude

The number and magnitude of loads can be specified plausibly by estimating the proportions of
various types of sortie expected - but the differences of fatigue load spectrum thus predicted can be
quite substantial (fig. 3). Even if the spectrum of sortien and manoeuvres is predicted correctly,

some of the uncertainties discusses previously still remain I fluctuating loads during buffet, fluctuatang
centre of pressure and so on.

'g' Reached or Exceeded relative fin
fatigue damage/hour

8""/ i.""• Ai•rcraft U (G.A.)
7v

6 Aircraft H (Tf""",

---- -6 Training

--1 , r. .. a ft" I

S11 . * 1

-Doi Col 10 100 Fig. 4. Relative fatigue damage to fin
CnPHraccording to formation duty

Fig. 3. Normal force spectra for two ground-attack aircraft* and two trainerli.
However, there are further problems, even for specified manoeuvres. Zn rapid pull-ups, for example,

the transieint tailplane load is not well-defined, and in rapid pull-ups into buffet, it is suspected that
the maximiu time-average load may exceed the value given by the downward-curving lift-curve (which
corresponds, of course, with the established time-average load).

A Fin loads can be very uncertain for various reasons. Since my firm first started developing and
fitting fatigue-life gauges (4, 5 )-ii has been shown that different aircraft of given type on ths
ease squadron can suffer very differentT fatigue loading. On the famous "Red Arrows" formation team
of Gnats, for example, it was feared-that the aircraft "in the box" of the formation suffered much more
fatigue loading of the fin (fig. 4). - In another case. it was found that fatigue failure of a fin was
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accurately explained by the heavy-footed rudder control of a particular pilot I But it is one matter
to explain a failure after it has happened, and quite a different matter to predict the whole spectrum
of loads at the drawing-board stage I Nevertheless, systematic measuring of lojda in flight should
be part of a programme to achieve a better capability of prediction.

The difficulties of predicting fin loads do not end there, for if themodel fuselage is distorted
to accommodate a sting mounting, the flow over the rear fuselage can be so distorted that the measured
fin effectiveness bears little resemblance to flight values, and rudders are rarely tested in the tunnel.
Furthermore, boundary layer separntions arising from the fuselage or fuselage-mounted air i'ntakes may
not be representative, and any Zet-efflux effects may not be represented properly on the wind-tunnel
model. Moreover, it was remarked earlier that in some undemanded wing-rock manoeuvres, even full
knowledge of the motion of the aircraft and the quasi-steady derivatives did not afford an adequate
link between calculation and flight test.

B. Structural Integrity

1. Store Loads

We will hear later on about some fine and painstaking work on how to predict the loads on external
stores, but in the U.K. at present the feeling is that any large store of unusual shape needs speciel
high-speed wind-tunnel tests. Remarkably large differences of load have occurred for given stores carriedon apparently rather similar aircraft (fig. 5). How much of these differences are due to fundamental
differences and how much due to details and tunnel techniques is open to speculation.

CC
CN m

HHarrier %

Harrier Buccaneer

Buccaneer ..

/01 Phiantomn Harrier

/PhahantmoHm
//

S / /or\Phantom

/ /\

(A) (B) (C)

Fig. 5. Store loads for one guided weapon with rupectie inderwing pylon,
on different twept-wing aircraft M = 0.96

Similarly, in arrays of closely-spaced stores, the loads arising on stores at different positions
can be substantially affected by interferences (figi 6).

Sometimes the supercritical flow that develops at the back of large stores under wings has induced
strong shock-waves and boundary-layer separations on the lower surface of the wing, that have caused
skin cracking on the ailerons. The concave undersurfaces now contemplated for wings with substantial
rear loading may re-awaken this problem.

In one case, the nose of a twin-store carrier bent in high-speed flight, partly because it deflected
under load and thus became even more heavily loaded.

.5
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cn

OUTBOARD STORE
C, 

ON

# 0

OUTBOARD STORE OFF

7 M=14

Fig. 6. Difference of load on inboard G.W. due to presence
or absence of G.W. on outet pylon. (unpublished RAE repor.).

2. Proximity of Jets

Jet effluxes passing c.ose to tailplanes can cause both stability changes and large unsteady forces,

and similarly fins on stores can be affected. If the efflux passes very close to fuselage or other

skin panels it is possible to get cracking of the skins under the intense pressure fluctuations.

3- Panel or Bay Venting

In a number of circumstances, the effective structural pressure loading depends on the Level of

pressure that pertains to the "back" of the panel skin. Often, that pressure arises as an intermediate

pressure consequent upon all the various leakage flows into and out of the bay concerned, and clearly this

may be transient with a substantial time constant. It is possible to provide a vent deliberately placed

to minimise the loading, but the problem of transient conditions remains. Next, a major problem

involving bay volume venting and internal flow aerodynamics will be described.

4. Air Intake Surge Loading (Concorde Example).

Engine surge causes strong pressure waves to travel up the air intake ducts, which act to slam any

auxiliary intake doors forcefully, and which can impose major transient loads on the main structure of

the duct and on such components as variable - angle inlet ramps. Indeed, in the cast of Concorde it

was the surge loadings which dictated the design of the auxiliary inlets as single thick vanes with

dampers, rather than the more efficient multiple-vane design.

The case described (ref. 6) preoccupied the Concorde aerodynamics/structures departments over the
decade 1963-73, and involved highly instrumented flight testing of prototype and preproduction aircraft

and the flying engine teetbed, in addition to full scale ground tests and various small scale model

tests. No pre-existing methods were able to predict the severity of the transient loads eventually
measured in flight.

The air intake structure for Concorde (fig. 7) had to be defined well in advance of reliable engine

surge data for the correct engine, and at that stage it was necessary to rely on a little data produced
by overfueling an earlier Olympus engine, on the Vulcan flying test-bed. The scarcity of data and

inadequate understanding at that time led to a significant underestimate of the surge pressure pulse,

which was remedied when full scale engine tests in the NGTE Call 4 and flight test data became available.

Fig. 7. Twin air intakes of Concorde,

showing front ramps,
and auxilary inlet doors (6).

,F
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Wing Surface Transducers Wedge 'PRVS' Roof B.L. BypassS/ ~Sensor //

C one

* = Pressure Transducer

Sidewall Floor Sidewall

Fig. 8. Instrumentation in Concorde intakes, for surge Inading investigation.

An empirical relationship was eventually derived for the flight engines which may be useful for
other straight jets but which, it is felt, may not be appropriate for bypass engines (fig. 9). Perhaps
some pooling of information from various sources would contribute to a wider solution of the basic problem.

The first attempt to understand the propagation of the surge pulse used a one-tenth scale model with
a cyclic valve. This valve matched the engine surge pulse in terms of waveform and frequency, but it
was incapable of producing more than 101% flow stoppage - whereas a surging engine produces substantial
reversal of the flow. Consequently the results from these tests needed interpretation to full-scale,
and the predictions were sometimes optimistic. About two years later, the results of full-scale engine
tests, in Cell 4b, became available (only a year before prototype flying) and even these did not reveal

ILthe whole story that was subsequently found by prototype flight testing.

During flight 122 of the prototype, the No. 4 engine lost its forward intake ramp as a result of a
high-power interactive surge at Mach 2.0. The immediate cause of this surge was understood I it was
associated with a transient overspeeding of the No. 3 engine when reheat was cancelled, causing this
engine to surge - and the aerodynamic interaction in turn caused No. 4 engine to surge.

Careful examination of the damage and the flight recordings of pressure, strain and ramp position
revealed the precise sequence of failure. There was nothing new about the initial surge : the new
and hitherto unsuspected factor was the possibility that interaction effects could lead to differential
pressures on the front ramps significantly higher than had been measured on tests of isolated intakes.
The consequence of that experience was an intensive series of flight tests during which surges were
deliberately irduced at high Mach number and power, while the intake loads were measured in great detail
(fig. 8). In retrospect, it is possible to isolate the interactive effect for Concorde, but it remains
unclear how such effects could be predicted at an early stage for other aircraft.

"24 ENGINE FACE 09%) 4
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Simple theoretical solutions were used as part of the design process, but they were found to be
unreliable in predicting the peak pressure loadings in at least three key areas : the pressure actiag
in the ramp void, which largely determines the link loads; the transient loads imposed on the romps,
and the loads tending to slam the auxiliary inlet doors during low-speed surges. With current knowledge
it is believed possible to obtain useful solutions using time-dependent finite-volume methods, and such
methods are under development at Filton.
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CONCLUDING REMARKS

This interactive engine surge example of a load-prediction difficulty serves to illustrate how a novel
design feature may cause major new load-prediction problems, and entail a great deal of expense if the
methods available at the drawing-board stage prove to be inadequate.

Of the problems discussed earlier, many involve transient loadings and many repetitions of loading.
Loads due to pressure fluctuations under separated boundary-layer conditions are difficult, and so are the
loads arisarig from uncommanded manoeuvres. Other cases which are difficult to predict include those where
the control actions of pilots dominate the fatigue load spectrum, and various aspects of fin loads.

It is holed that these discussions will help to reassure aerodynamic,. researchers that there is still
work to be dune in this field, despite all the triumphs we shall hear about in the next few days.

I wish - thank my colleagues in the U.K. aircraft industry for their helpful suggestions, notably
T. W. Protn (of B.A.C. Filton) for the Concorde surge problem, - and also S. F. Stapleton, E. J. Dalley,
A. Peacock, and J. W. H. Thomas (of three different H.S.A. design teams)i and Mike Salisbury of B.A.C.
Weybridge.
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SECTIONAL LOADS TECHNIQUE

Part 1: TEST TECHNIOUE

H.P Franz*
Vereinigte Flugtechnische Werke-Fokker GmbH, Bremen, West Germany

Part 2: TEST RESULTS

B. Ewald *
Vereinigte Flugtechnische Werke-Fokker GmbH, Biemen, West-Germany

SUMMARY

During the development of the VSTOL Fighter VAK 191 B wind tunnel measurements were carried out on some different forward
fuselage configurations.

In comparison with the wing alone characteristic the configuration presented a very favorable wing-body interference effect. Most
of this effect was lost with a shorter forward fuselage.

These results finally led to the invention of the Sectional Load Model Technique described in part 1 of this paper, since the
well known technique of pressure distribution measurement technique was too expensive for tests on various configurations. With
this technique the aerodynamic loads of nearlyarhitrarily split ;ections of the model are measured separately by means of strain gage
balances.

This technique proved very effective in several test programs because the loads on several exchangeable parts could be measured
directly together with the total aerodynamic forces on the model in the wind tunnel.

The following configurations have been tested:

0 Original VAK 191 B configuration

0 Derivatives of VAK 191 B forward fuselage configuration

- forward fuselage of less width

- short foiward fuselage

t 0 VAK 191 B fuselage with a larger wing in three different longitudinal positions arid additional small forward fuselage strakes

0 Schematic model of fighter configuration with large wing and strake

In all cases the Sectional Load Model Technique allowed the evaluation of load distribution along the fuselage and detailed
information on the wing body interference.

In the case of the original VAK 191 B configuration it was found that the wing induces a strong additional lift on the fuselage. It
mainly acts on its central part and is insensitive to the configuration of the forward fuselage.

A much larger additional lift is induced by the fuselage on the wing and this lift is very sensitive to the forward fuselage length and
width. The non-linearity of the fuselage-alone lift indicates the existence of fuselage generated vortices which are responsible
for the favorable fuselage-wing interference.

It is well known that the advantageous lift characteristics of strake conft; -- _..' ý";ke the YF 16 e.g.) are the results of strong
vortices generated by the strake leading edge. A sectional load test was carried out on such a model. Herein the strake was mounted
on a separate internal balance, making an exceptionally detailed analysis of the body-strake-wing load interference possible.

It is shown that the interference mechanism of the strake configuration Is not unsimilar to the behavior of the VAK 191 8
configuration generated by its forward fuselage with intakes at the fuselage sides and that in this sense the VAK configuration isa
forerunner of the modern strake configuration

Dipl..lng., Aerodynamics Department
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NOTATION

Symbols: Subscripts

A m2  area free stream conditions

b m span i internal

E kg/mm 2  module of elasticity B body

f mm bending of a balance beam W wing

p kg/m 2  static pressure (B) in presence of the bod,

q kg/m 2  dynamic pressure (W) in presence of the wing

D kg drag 81, 82... B5 body sections

I. kg lift St strdke

1M kg m pitching moment

N kg normal force

T kg axial force

a 0 angle of attack

Coefficie its:

CD, cD drag coefficient (total, sectional) cLB 2 , cLB2 (W) ... sectional loads

CL, cL lift coefficient CMW, CMB4 ... (model parts)

CM, CM pitching moment coefficiernt

CN, cN normal force coefficient 4 CLBW)... overall interferences
,A CMW(B) ... (total model)

CT, cT axial force coefficient

, o oCLB3(W) ... sectional interferences

A CMawB) (model parts)
CM, CM(B ... (total model)

Part 1: TEST TECHNIQUE

1.1 INTRODUCTION

In the early sixties the VAK 191 B was designed as a part of the VTOL/VSTOL activities in Europe (FIG 1). The VAK 191 B isa
transonic fighter of the lift-lift/cruise category (2 lift engines and 1 lift/cruise engine), fitted with a high-wing of small aspect ratio,
thin profile section, large sweep and large wing load.

It is commonly known that for this wing arrangement the profile does not play a significant part; in this case the flow is for the most
determined by the planform. The influence of the slender wing planform does, however, include the influence of the fuselage on
maximum lift. This influence increases the smaller the wing span is in comparison to fuselage width and the larger the fuselage is in
comparison to the wing chord. The addition of the lift on the wing alone and the lift on the fuselage nowhere nearly yields the lift
actually measured for the wing-fuselage combination with large angels of attack. This means that strong lift interference forces must
still be active.

The conventional method used for an analysis of the interference influences of the individual aircraft components is the pressure
distribution measuring technique. The obvious advantage of this method is that the pressure at each point is known. The high costs
for the model, the small variation potential, the necessary density of the measuring points and the extremely large accumulation of
test data are on the other hand negative aspects. Furthermore, the pressure data must be reduced and integrated for valuation of the
final test result.

A new experimental technique which we call the "Sectional Loads Technique" was introduced to reduce the extent of these
disadvantages (FIG 2).

The basic principle of this method is that individual sections are assembled to form that structural member which is to be examined,
e.g. the fuselage. These sections are independently supported on a central beam via internal strain gage balances. Therefore the
aerodynamic loads on these sections can be measured separately. The overall loads are synchronously measured by the external wind
tunnel balance via the central beam to which e.g. the wing and tail planes can also be connected. (FIG 3)
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The particular advantage of this test method is the direct measurement of integral loads on easily exchangeable, preselected parts.

One disadvantage of the Sectional Loads Technique might be that minute gaps are required between the components so as not to
disturb the contour and air flow course, although more flexible balances would be of value to have more sensitive balances.

Unfortunately, a higher flexibility effects larger gaps between the parts. Furthermore, an air flow separation, in particular at the tall
section, can cause the associated part to oscillate. These oscillations have to be damped, separately, Finally, the pressure which is
actirg in the interior of the model due to the gaps must be measured and used for corrections.

The procedure of the Sectional Loads Technique as described above, has in the meantime been successfully applied in various stages
of extension on various model configurations. The initial breakdown of the basic fuselage of the VAK into five sectiuns with five
strain gage balances, each containing the three components. normal force, pitching moment and axial force, has in the course of time
been extended and altered as follows: four fuselage sections on four balances each with five components. norma: force, pitching
moment, axial force, side force and yawing moment - as well as a separate pair of strakes on a special four component strain gage
balance (without axial force).

rhe largely universal design of the model skeleton and of the strain gage balance ensure that this test technique can be essily applied.

The contour shells of the selected structural members of the model Lan be relatively easily manufactured, modified and measured.

There is also enough space for the ducting lines of boundary layer control, span-wise blowing, engine realization etc. in the hollow
interior of the model fuselage.

1.2 CONCEPT

Extremely large interferences were seen to occur between the fuselage and the wing of the VAK 191 B, and this gave rise to the wish
for a more detailed analysis of the flow mechanism. Modifications on the forward fuselage section were to serve as geometrical aids in
changing the length/width ratio of the forward fuselage; the slender wing, however, staying the same. An ýnvestigation of the
aerodynamic loads on these exchangeable fuselage segments seemed to be an obvious way. The concept led to the following model
design: A model skeleton is connected to the external wind tunnel balance by means of a conventional wire suspension in wing tips
and fuselage nose. The skeleton consists of a wing spar and a rigid fuselage longeron. The almost arbitrarily split components - such
as the fuselage "slices",, wing sections, strakes, fail surfaces and external loads - are then individually connected to the skeleton via
separate strain gage balances.

The model set-up as described hei 1 and the measuring equipment with internal and external balances are used to establish the
interference pattern taking the wing-i,,idy lift coefficients as an example (FIG 4). For other forces and moments and for configura-
tions with tails, strakes and external lo, • the interference pattern would be similar, of course.

The three most important interferences:

ACL CLwB (CLw + CLB)

A CLB(W) = CLB(W) - CLB

A CLW(B) = CLW(B) - CLW

are pictured as they are obtained, taking the differences of the test results. The same procedure applied for determination of the total
loads at the fuselage can also be applied for individual fuselage sections, as the foliowing discussion of the test results will show.

1.3 REALIZATION

We started the application of the SECTIONAL LOADS TECHNIQUE on a 1/10 scale model of the VAK 191 B, designed for the
VFW-Fokker low speed wind tunnel (max. velocity 70 m/sec, test section 2.1 m x 2.1 m). The fuselage of the model was divided into
five sections and the exchangeable wing attached directly to the ,model skeleton. (FIG 5)

With consideration for the proposed modifications, the breakdown of the fuselage was such that the fuselage could oe shortened by
removing section B2 from the basic configuration and tha fuselage width reduced in the region of the LCE inlet ducts by exchanging
the fuselage shells B1, B2 and B3. Thus the wing-body combination was realized by varying width and length of the forward fuselage
but leaving the wing unchanged, for the first test phase. In a subsequent test prcgram a second wing with smaller loading and
sweepback was mounted to the basic model fuselage and tested in three longitudinal positions. A comparison of the geometricai
model wing data is given in the table below.

Wing I II

LE sweep 450 300

span 0.536 m 0.794 m

area 0.125 m2  0.179 r. 2

aspect ratio 2.3 3.5

taper ratio 0.346 0.342



In both these test phases the installed strain gage balances (FIG 6) were manufactured from a steel alloy. They comprise a balance
unit for the normal force N and the pitching moment M and another unit for the axial force T. Single-beam balances are used for the
N/M system within the limits

Nmax = 5kg

Mmax = 0.125 kg m.

Only the fuselage tail iection 05 is provided with a double-beam N/M unit .vhich is less sensitive to torsional oscillations. This balaioce
system is dimensioned for

Nmax 10 kg

Mmax = 0.25 kg m

The axial force balance units are all of the dnuble-beam type with

Tmax 2 kg

The surface of cut between two adjoining fuselaga •ections must be provided with gaps to prevent contact. The size of the gaps
must, however, no: be larger than required for the static deflection of the loaded strain gage balances. Preceding investigations
have shown that these gaps range between I and 2 mm. The comparison of the overall force measurement with the sum of the
partial loads gives a reliable possibility to check the gap influence. It was found out that no noticeable measuring errors occur at

a horizontal gap width up to 2 mm and a vertical step gap up to nearly 1 mm for the model size discussed here. (The vertical step
between adjoining sections is the result of the flexibility of the balances loaded with a homogenous pitching moment.) If, however,
the vertical step excecds approximately 1 mm it will no longer be within the local boundary layer thickness, a disturbance flow
develops which tr-es to counter rotate the associated sections and thus leads to a non-correctable fault. The gap between adjoining
sections has another effect apart from the possibie geometrical disturbance of the outer flow: a pressure pi is formed in the hollow
interior of the model which can differ from the ambient pressure p.. Depending on the shape of the individual sections, additional
fo-ces act on the fuselage sections. In particular on nose and rear sections. These additional forces are also measured by means of the
associated balaircis. The balance output signal therefore h-' to be corrected by subtraction of the pressure load Api x AA. rhe
interior pressure pis determined by pressure holes in several small pipes inside of the model. If these measuring points indicate
different pressures it is obvious that an air flow exists in the hollow model fuselage. This especially arises when the gaps behween the
sections are too btg or the local pressureý at the gaps differ very much. In this unfavorable case the included error in measurement can
not be corrected, and therefore one has to tiy to avoid this "air passage" by means of labyrinth seals at the gaps or something else.

It has been mentioned that the optimum gap width must account for the static deflection of the loaded balances, only. Dynamic
deflections, as they occasionally occur when measurements of this kind are made, must be avoided, generally. W2 encountered
just these difficulties at the fuselage tail section of the VAK model during the first application of the sectional loads technique.
The excitation caus.ed bi the periodicity of the separating boundary layer at the fuselage tail section as welN as the
natural frequencies of the mass spring system adjacent to the excitation frequency resulted in a strong vibratiorn, which at first was
limited only by the impact of the tail sectton against the neighboring part. This vibration tendi-ncy then was totally eliminated
by installing a simple mechanical oil damp~r at the largest possible lever arm. Alter that all four and five-component balances
were equipped with oil dampers. Only the nose section balance was not provided with an oil damper since tests have shown that
there is no exctation which might cause vibratia:is here.

The model shown in FIG 7 has a symmetrical fisel3ge, because this makes comparative analytical calculations easier and a useful
experimental variation of wing high positi:)n possible. The principal data of the wing III are.

LE sweep 320

aspect ratio 3.20

taper ratio 0.3

This wing can also be provided with a pair of strakes, Which is individually mounted on a 'our-component strain gage balance.

These new four- and five-component balances are manufactured from a copper-beryllium alloy "Cu Be 2". A comparison of the most
important characteristics

* modulus of'elasticity

* machining properties

* weldabi;lty (electron beam welding)

* heat treatment

* hysteresis and

* recistance to corrosion

proved this spring material most suitable.
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The lower modulus of elasticity of"Cu Be 2 "in comparison with steel is favorable in this case. If the cross-section of a cantilever
beam is not limited by a maximum balance diameter requirement, under the assumptson of fixed load, length and sensitivity the
stiffest balance will be the balance whose material has the smahllst modulus of elasticity,

t - const.x E1/3

Of course, the balance with the highest modulus of elasticity then will be the stiffest balance when the cross-sections are f'•-ed

f = const. x E-1

The modulus E of "Cu Be 2" is only approximately 65 % of that of steet alloys and thorefate in the case of selectable cross-sections
the deflection of the "Cu Be 2" is only about 86 % of the steel balance deflection, that means the matcrial "Cu Be 2" is more
favorable with respect to the gaps between the sections which cannot be avoidCed, Although the r'iodu~us of elastic•ty of
aluminium or titanium alloys would be -even mote favorable, so'no -,' the other 0haracteristmcs, such as weldabiltyandhyste-
resis are comparatively poor.

.4 CONCLUSIONS

Application of the Sectional Loads Technique to wind tunnel models provides both the overall aerodynamic loads acting on the
model and the integral partial loads on those structural components of the airplane which are of partmculat interest. These compo-
nents can be exchanged with relative ease, The design of an aircraft and its components can be optimrazed by this mrethod and through
proper layout of the sections.

Tests conducted up to now have shown that

- copper beryllium alloy is the most suitabla material for the strain gage bhlavres;

Y - all the balances should be of the six-component type, so that the partial Io~Ls can be tota:ly transformed in the aerodynamic
system of coordinates

- simple hydraulic dampers are quite sufficient to aviid vibrations

- the gap width between sections can be 1 to 2 mm without disturbing the air f low and the results

- the step height of the gap under load must not exceed about I mm for the size of modfel

- pressure measurements in the interior model are required for watching the air flow passage and for correcting the partial loads
depending on pressure.

After the initial difficu!ties were overcome the Sectional Loads Technique has all in all proved to yield a very good efficvnc•v clue to
the expenditure of cost.

,!
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2 V YAK 191 B CONFIGURATION

The VAK 191 B -s a VTOL Ground Attatk Fighter, of which three pin tasypI,, h.ae bi-cr huit ,nn .l'jht tbsied ii' ( 'lG 1I 11 has a
small low asl)ect ratio wing with 45 degrees lead;:q edge sweep

The aerodynamic chatacteristics of this configuration witt its ýrqginal fuselage conriu.Ait n ifusea•e• "A' A ar .e sho-wrr .n
FIG 8 Compared w'th the clean wing lift (CLWJ the wing body ,.ornbiratiii de•ei(ips ;nu•h. rnteft 0 boIve 16' arngle o! a!tack At
,-ge angles o0 .'tack the I'ft Increment is larger than the ; ft of the b-dv o n r'cLBC , soJ there most be ,a pOSIti5O wit1 body hfI Inter-

tereitce

The lift curve of the body alone shows a nonlinea, increase beginiig at 12- mcadew- .omt ro. urd witO at redact,vri of the ,riistable
moment The reason for this behavior may be a vorte.v serara:,on at tne fuseigoe !,des At tne tame angle of attdak th- h'lear lift
curve slope of the wing body suddenly decreases The Influence of th,: bodv vort.ces .ir "he Itehvitir ') the wing-body co1b5na.on is
thus obvious

In subsequent investigations of VAK derivatives with shorter and smar:oe fot ward iusiagei s tne tavvr~a•.e wing bouy Iit infriorence,
was lost and this finally gave rise to the development of the test technique de~cribt.d in pert I of this paper

The results of t*his test techunque for the original VAK 191 B conniguration aie ,,hewn in FIG 9. This ;,4ue ýJh -s thi. lift inc•rements
induced on the body and the wing due to the presence of the wing and the body respet.tveiy 1The wmng-budy interference
fA CLB(IV, increment on body lift due to presence of the wing) shows an alrost imeat Mncrease with angle of attach.. The body-wing
interference shows a steep decrease with angle of ittrck Above 120 angle of attack the slop, changes and bectmes positive, above
270 angle of attack there is a poslt,ve body wing i.,terference. The sum of both iterference effects A CL ha1% a neg0ativ- slope at lo.w
angles of attack. The interference becomes positive at 220 and reaches large positive values at h.qh angies of attack.

FIG 10 shows the local lift on five parts of the fuseiwqie The measurement was carried out with the fuselage aone and with the
fuselage in presence of the wing. T-he difference betweer, the two curves is therefore the influence of the wvng on tnq fuselage parts

Without the wing the main lift acts on the front part of the fuselage. The nonlinear behlivion of the fuselage total lift (see FIG Si
abojve 12 degrees is obviously produced by the third and the fourth section. At thi0 location the vortex separates at the fuselage
flanks.

The main lift increment due to presence of the wing occurs at the wing location, e.g. at the fourth section anoi ait the sectioins in front
of and behind the wing.

2.2 FORWARD FUSELAGE VARIATIONS

As already mentioned above, the favorable lift behavior of the wing-body combination was lost, when shorter and more slender
forward fuselages were tested during VAK-derivative studies. FIG 11 shows a comparison of the interference behavior of three
different forw'retr fuselage combinations.

At angles of attack below 140 the fuselage has eo influence on the lift curve. At iigh angles of attack tie lift of the slender
fuselage coin'guration is slightly lower than the basic configuration lift. The lift of tIe snorter conftgurat.on is much lower, there
is almost no pos!itive interference effect.

The bottom diagram ir FIG 11 shows the interference effects. The wing-body interference is not affected by the different fuselage
configurations. The boda-wing interference is largely affected at angles of attack larger than 20 degrees.

The large influence of thet forward fuselage contour on the body-wing interference indicates the importance of the vortex aevelop
ment at the fuselage flanks for the lift increment on the wing. Obviously the large fuselage side-mountcd intake- of the basic
VAK 191 B configuration promote the vortex development. On the other hand the forward fuselage must have a certain length for
this vortex development as shown by the poor result of the short fuselage.

2.3 WING PLANFORM VARIATIONS

During further VAK 191 8 derivative development configurations with larger wings were investigated. FIG 5 shows such a configura-
tion, designated configuration II in thic paper Fuselage and fuselage variations A, B and C are the same as in the original VAK
configuration I.

"1Tre influence of the forward fuselage length on lift anr' lift interference is shown in FIG 12. By con-ipdliu,. Wvtt HG 11 it is obvious
that the effects are similar to the effects of the small wing, but the total interference as well as the wing-body and body-wing
interferences are much smaller. The large wing moe or less suppresses the interference effects. This becomes even more evrdent by a
direct comparison of the large and the small wing both with fuselage "A". FIG 13 shows that:

- The small wing has -- due to its larger le iding edge sweep and its lower aspect ratio - a higher CLmax and a higher "CLmax.

- The total iift inter ference of the small wing-body configuration is much larger at angles of attack lar~er than 24 degrees.

- Even in terms of absolute force the int rference effect of the body on the wing is much smaller in the case of the larger wtng.
This is demonstrated in the bottom diastram of FIG 13 by a recalculation of the body-wing interference ACLw(B) for the large
wing with the small wing reference area, sie dotted line.
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2 4 STRAKE CONFIGURATION

The ic-ner pnritaf toad tests with VAI( derivatives desi~ribed above clearly showed the possibility of increas~rng the lift of small aspect
ratio swept wings by vortex sfeparation at the fLlselage flanks. Extreriely "table vortices dre produued at the leading edges of highly
swept wings This letd to lie development of the 'strake".configuratien which is realized e.g. in the F 16

To obtain a deeper ut'de'standing of the nrterferenc.? mechanism ,.nd the optimisation possibilities of this configuration, a partial
load wind tunnell mnodel viis tested The dimensions are given in FIC 7 In this model the fuselage was Cut into four parts as indicated
.n F IG 15. anid the strdke was mounted on a zeparate strain gage I:,a!ance. The necessary cut between wing and strake was sealed as
good as possibie.

The overall interfe~ence eflects of this configuration are shown ii FlO 14. The interference effect of the winig body configuration
is oniv modrrate as was to be expeeted with the size of the viing ano the fuselage cross section. The behavior is very similar to
that of the large wing-VAK, fuselage combination, tee F5G 13 The addiftfi-, of the strake largely increases the overall lift at angles
of attack larger than 120 At i -. 240 the increase in lift due ti. it-we streke ;$ A1CL =0,47.

Apvroximatefy 8 % of ti.;s increase are induced by the strake on tha fuselage. The main contribution, about 54 % is induced on the
wing. About 38 4, of the lift increment act directly on the exr~osed strake area

The VAK 191 B fuselaige wvith its our'd flank intakes nemids greater angles of incidence for the development of vortices at the
fuselagc , tidtes Thai, the sharp leading edge of a strake. Sr. the positive strake-wing interference becomes evident at a 12 - 140
alre-idy. while the VAIK 191 13 fuselage needs molre than '.,4 degrees of incidence to develop its full interference effect on the wing.
This diferernce can b! seen by comparison of the bottoni diagrams in FIG 13 and FIG 14.

The disiriblut-on of ;-f! on the four fuselage segments and on the expobed strake area is shown in FiG 15 In the diagram partial lifts
and -tiomer-tt are plotted for fuselage alone, fus~elage ia presence of wing and fuselage in presence of wing and strake. The behavior of
the fustlage alone, is notl unsimilar to that of the VAK 191 B fuselage. The interference effect of the wing on the fuselage also
rincentrates on the wing intersetion part of the fuselage and to a ;maller extent on the fuselage part in front of the wingq.

The posit~ve interfereic-e effect of the stvake oi, the fuselage ,orn-zentfates on tne strake intersectson part of the fuselage. A further
-"all additional lift is induced or, the front fuselaga.

On% the wing intersection pars of The fuselage the strake induces a lift decrement, which in its trenid corresponds exactly to the lift
increment on the wing due to the strak,) (see Fig. 14, difference bet-ween the c;urves ACL%,, (a) and ACLWJ (a 8,)). This lends to !he
conclusion that in parallel to ,he lift inc-,Pase due to the strake the lift distribution is shifted towards *,he outjtoard part of the wing

The far right di~agram in FIG 15 th-,Aws the lift force or, the exposed strike area, which contributes about 38 % to the total strake
effect This exposed strake area is heavily loaded, which is demonttrated by a recalculation of the lift coefficient with the exposed
-tra.lre 3ara as a reference area (seeý the scafle CL 8 5S On the right side of this diagraml). The maximum lift coefficient reaches 1,95 at

* ~A general in-pression of tile strake influence is given in FIG 16, in which the relativte lift is plotted against angle of attack The

reference lift is the lift af the clean wing and is eet to unity for all angles of attack 'All the values correspond very A-all w,th the
slender bc-dy theorv below a 90, if the fuselage width ;, used as fuselage diamneter for 'h-s theory.

The hatcfsed areas epresent, the strake influence on the body and the wing respectively, Together with the direct strdke lift they give
the total strake iniitjen,ýe.

2.5 CONCLUSIONS

The rerults of the examples for thle VFW Fokker Sectional Loads Technique demonstrate the me~chanismo of wing-body inrerference
and the influenc-e of fuselage side or strake generated vortices on this interference.

The results further demronstrate the possibilities this test technique provides for a boxser und~erstanding of such phenumena and the
advanitages for further ootinisation work. Changes in strake platiform~for instance, are simple; they result in cheap chanae-s oil thu
model de-scribed above and allow very useful wind tunnel work.
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Wing Dimensions: Area 12.5 m2

Aspect Ratio .2,3 L

Taper Ratio 0,346
L.E. Sweep 450

Fig 1 VAK 191B CONFIGURATION WITH FORWARD FUSELAGE VARIATIONS
Configurations I A, 1I 1. C

Body Sections of the Configural.on I (VAK)

Fig, 2 MODEL PARTS OF CONFIGURATION I

I4N

Fig. 3 CONFIGURATION I A IN THE VFW-WINDTUPJNEL



Component Coefficient Sketch Determined by:

Lift of the total model CLWB texternal balance

Lo4external balance and/
Lift of the body only CLB or strain gage balance

Lift of the wing only CLW external balance

Lift of the Lody, in presence CLB(W) strain gage balances

of the wing

Lift of the wing, in presence CLW(B) difference of external

of the body inpeec L( balance and strain gage
balances

/L t

4CL - CLWB (CLW + CLB)

Wing Lody in'.rference L_3- ,JJE!J;" t[

ACLI,(W) CLB(w) - CLB

Body wing interference h

ACLw(B) CLW(B) - CLw

Fig.4 SCHEME OF INTERACTING COMPONENTS

(Shown with Total Lift Behaviour)



• ~~~~Wing Dimensions"--"I'' ' Wig: I I

Area 12,5 17,9 m2

Aspect Ratio 2,3 3,5
Taper Ratio 0,346 0,342
L.E. Sweep 450 300

Fig. 5 VAK 191 B DERIVATIVE WITH LARGER WING AND FORWARD FUSELAGE VARIATIONS

Configurations IIA, IIB, IIC

Fig. 6 INTERNAL STRAIN GAGE BALANCE



2-12

Dimensions [ml

Wing III Strake

Span 8,3 2,74
Area 21,5 5,83
Aspect Ratio 3,2 1,29

.. .. . .... . . Taper Ratio 0,3 0
_ _ _ _ _ _L.E. Sweep 320 750

S- M.A.C. 2,844

15,11

1-3,14 4,25

Fuselage Crop Section

"9,16 4,44

Fig. 7 STRAKE CONFIGURATION III
Reference 151

1,4- 1,4.

C\ 1,2-I _C MV- 0,_C

-- --- Re- 0 CL .

C"LW C ,L/e __

0 0D

_ o~- C-,41 - o.2 ------

0,4 - 0,4,,,. C~

-Q4jM -Q2 q2 o4 8 12 16 20 24 ( 0]

Fig. 8 LIFT AND PITCHING MOMENT BREAK-DOWN
(Reference 11)) Configuration I A
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Ac0,

0. 
CLC

1

( L +C B

ACLwB()= CLw(We, CLW

ACL a CLW(e) A ACLB(W)

0 5 10 is152 013

Fig. 9 WING-BODY' INTE NSFERIENCE BREAK-DOWN

Configu ration I A

BI B

Reference Area 12,5 m2

Reference Length 2,52 m

C 80,12 f

0,1

0 10 20 c300 0 10 20cr 300 0 '10 20 a 00o0 10 20 a 30o

0 10 20 301J

-0,01

Fig. 10 FIISELAGE PARTI&AL LIFTS AND MOMENTS.
C~,fgrt~iIA Reference 1



CL -LWB

:C Body Configurations

0,8 Basic Configuration

0,4W

0,2[ j( . 1' A Slender Intakes

02

0 5 10 15 20 25 . 300 1010,4 ...

"ACL ACLB(W) I Shorter Fuselage

-0,2 , ~ _ _ _ _ _ _ _ _ _ _ _ _ _
•• LWIB) ,,

- 0.4 -jC

Fig. 11 INFLUENCE OF FORWARD FUSELAGE CONFIGUI\ATION ON LIFT INTERFERENCE
Reference [ 1, 13J

1,2r'

1,0 CLW Fuselage Ctnfiluratiom

0,8V
0,6
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CL CLBWing Configurations
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Reference Area 21,5 m2

0 CLB Reference Length 2,844 m

I CLB(WJ) Reference Area * 2,349 m2
CLB(W)(exposed strake)

0 CLB(W, St) 2,0

CL~t CL~t
S21,5

CLB
0,12 1,5

- .. . . 0 , 50,04 
t -------

0 0
0 10 20 Q300 0 10 20a 300 0 10 20 300 0 10 20a 300 0 10 20a 300

0,02
CMB

- 0,04

Fig. 15 FUSELAGE AND STRAKE PARTIAL LIFTS AND MOMENTS, CONFIGURATION III

Reference (5 j

2,2 ... .

C CLW 2,0
1,8 0 ' max' with Strake
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1,61 1 .L- _/ I e
Linear Wing Flow %twrak

1,4 - - -7 - without Strake

12 17 ,_W7/ with Strake
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Fig. 16 RELATIVE LIFT BREAK-DOWN, STRAKE INF:LUEN•CE
RP.ferencp. 15)]



3-1

PREDICTION OF AERODYNAMIC LOADINGS ON
THE LEADING-EDGE SLATS OF THE FOKKER F 28 AIRLINER

by
P. de Poer

Aerodynamics dept.
Fokker-VFW BV.

POB 7600Schiphol Oost
The Netherlands.

SUMMARY

Prediction of aercdynamic loadings on leading-edge slats of mndern airliners is a very
complicated process. For passive components , the isolated critical load cases on the
boundaries of the field of flight conditions as dictated by airworthiness requirements
are readily recognizable and their loadings need only to be specified for these conditions.
For lift carrying components , however , matters are much more complicated and a load case
anelysis covering the complete field of flight conditions must be conducted.

Component load data must be specified for this , which are based on wind tunnel data
test conditions thereof cover only a part of the complete field. This discrepancy is
bridged by data extrapolation , but this procedure may well result in off-design component
loadings which are no longer physically sound , in particular in case of shock effects.

Determination at the relevant conditions of more realistic loadings is then an elaborate
second phase of the prediction process.

The whole procedure is illustrated for the slats , introduced on later versions of the
F 28 airliner , with some discussion on problems for that particular case.

LIST OF SYMBOLS

SQ aircraft or section angle of incidence
c section chord
C aircraft lift coefficient . related to wing area SC section lift coefficient , related to section chord cCL section moment coefficient , related to 25% section chord

Cm pressure coefficient
CPs slat normal force coefficient , related to airfoil section chordCNsT slat tangential force coefficient , related to airfoil section chord
C slat moment coefficient related to airfoil section chord +
iams flap de:lection , 0S~fo
a. slat deflection
M Mach number
n aircraft acceleration factor
q dynamic pressure
Re Reynolds' number
S wing area
V aircraft 3peed , kts, EAS
V 1.58 Vs

speed , at which aircraft reaches stall in 66' per sec. EAS gust encounter
SVý diving speed ( 390 kts. EAS

VS stalling speed with slats and flaps retracted
+ C with subscript 0 or 25 to indicate reference point at 0 or 25 % slat chord

1. INTRODUCTION
Prediction of aerodynamic.loadings on leading-edge slats of a modern airliner is a very

complicated process. For passive components , the isolated critical load cases on the
boundaries of the field of flight conditions as dictated by airworthiness requirements

4 are readily recognizable and their loadings need only to be specified for these conditions.
For lift carrying components , the lift distribution over the component and the weight andc.g. position of the aircraft are co-determining factors , usually yielding different
critical flight load cases at different stations ; in particular for slats , matters are
even more complicated because the deformation relative to the wing qreatly affects the
support loads.

In such cases , the load case analysis must cover the complete field of flight
conditions. Component load data must be specified , as functions of M and a , which are
based on wind tunnel data. The field of conditions thereof is restricted

with respect to a because of scale effects ,
with respect to M because it is impraqtical to conduct investigations at all values of
M which may finally be of interest.

These restrictions may be overcome by data extra- and inter- pol3tions on some
analytical basis , but this procedure may well result in off-design component load
predictions which are no longer physically sounc , in particular due to occurence of
shock waves , and may adversely affect tthe conclusions to be drawn.

Reconsideration - rather construction - of physically sound compenent loadings et such
conditions is then an elaborate second phase of the prediction process.

This will be illustrated for the slats , introduced on later versions of the F 28.



Phyeical aspects of the general loadi data will be discussed. For deflected slats at low
spoeds -problems , specific to the alicraft or the prediction method applied , will alro
be considered. An in-flight verification of the load predictions was possible and yielded
a satisfactory coriciatlon.

For retracted slats at high speeds , the main lines of the loading constructJon
process at off-design conditions will be indicated.

2. THE AIRCRAFT

The Fokker F 28 twin jet short haul airliner is available in six versions indicaTed
in tabel ]. The increased aspect ratio of the later versions was obtained by addition
of larger wing tips to the original design. The F 28 family is shoqn in fig. 1.

Some remarks are desirable with respect to the wing , which reatures adistinct kink
in the leading edge at some 40 % of half span. The wing section at this station is thus
relatively heavily loaded ; it furthermore features a lowcr lift divergence Mlach number
than the other sections defining the wing shape and a precisely determined amount of
inverse camber. By these measures it proved possible to provide the aircraft with flight
characteristics eliminating the need for Mach trim compensation at speeds in excess of
the maximum operating Mach number ( MMO = •755.

This subject is brought up here because

. a section close to the kink is discussed in chapter 5 to clarify a peculiar asnect of
retracted slat loads at transonic speeds , in casu at M = .77 JusL over MMO

. in view of its generally satisfactory behaviour , it was decided to maintain the shape
"of the clean wing when slats were introduced . As a result , hiqh-speed wind tunnel
testing for the Mks. 5/6,000 could be restricted to a bare minimum ; consequences of
this fact are commented upon in chapter 5.

Next to the clean wing shape , the front spar position of the original design eas
maintained for obvious reasons. This advances from 16 % chord outboard of the kink to
12½ % chord at the root , where , consequently , the slat chord became small and the
slot behind the deflected slat pronounced oblique. A part of the wind tunnel efforts
towards slat development was devoted to this deviating sJtuation at the root.

3. THE WIND TUNNEL MODELS

Two wind tunnel models provided the load data to be discussed.
Tests in the 1.6 by 2 m. NLR high speed wind tunnel on a I : 20 scale pressure model

of the F 28 Mk. 1.000 y-leled ..r.sz•ire distributions over the clean wing , for the full
aircraft M-range of .19 to .83 and theQl-range as far as realizable at the relevant Re-
numbers. Within these limits , fairLy accurate spanwise lift distributions were thus
obtained as well as leading-edge pressure distributions for the retracted slat load data
required later on. The 0-range at M = .19 could be substantially extended , because the
relevant wind tunnel can be operated at that speed with a 4 atm. stagnation pressure.

The lift distributions thus obtained were supplemented by results of lifting line
theory ( Weissinger/de Young ) to account for effects of span extension and , at M = .19
of flap deflection.

The other model is the section model shown in fig. 2 , originally applied to develop
optimum type , shape and positions for the trailing-edge flaps. It was tested in the NLR
2 by 3 m. low speed tunnel. The test section was provided with wall blowing to suppress
otherwise large wall interference effects at larger angles of incidence.

Two test slat/fixed leading-edge combinations are of interest here ; one - the "normal" -
is characteristic for a section at about 55 % half span of the F 28 wing , the other - the
"shortened" - more or less representative for the root section commented upon in chapter 2.

Pressure recordings in the tunnel center plane over the several raodel components - slat
main section , vane and flap - were integrated to yield the forces on these components as
functions of Q ( or CL ) and section configuration.

4. AIR LOADS ON DEFLECTED SLATS

Prediction method.

Predictions of aerodynamic loadings on deflected slats were based on the probanly
familiar assumption , that the relation of any slat load coefficient at a given wing
station to the local CL is the same as to the CL of the section model with the same slat
and flap deflections.

This assumption is subject to somewhat less obvious restrictions.

In the section tests , variations in C are caused by variations in either a or 0
On the aircraft , other causes are possible for local variations in C , in particulhrinterference of the fuselage-mounted nacelles and of discontinuities Fn a at flap ends.
The different character of the latter should be accounted for , a subject to be discussedlater.

The slot flow might affect slat section load data. On the section model , a locked
vortex originates in the slat excavation . On the aircraft ( model ) this takes the shape
of a core flow , spiralling outboard with a pitch , about proportional to ( local ) sweep
back. For the F 28 , the attendant lateral speed is too small to lower the excavation
pressures significantly , but on aircraft with larger sweep its effect may become of



ntere'st.

The flow pattern in th.-- slot. is irndicate-d it, fig. 3. Fig. 4a, shows ;A day-glo
visualizatior of the core flow , it'j. 41). on,- of the dist~urbancie- traces ovey. the wing,
slightly outhoard behind the slat buspensLon tbr,-ckcts ;these oriqinate b7 the iinter-
action of the core flow with ther" ibracket-; and indicate some ,largely inevitable
parasite arag cf the slat suspension.

General load data.

Sets of deflected slat load 0ata for three flap deflectkons .-n the "normal" section
model aze shown. Ir fig. 3. Trhey ore shifted to feacure i.ffective Q rather than ",as a
priawieter and as such are virtually identical , in representing the characteristtcs of
the slat section as aný air foll in an unusuaLly dieform~ed tlow field , varying ma)inly with
incidence. '!his fact Ls conversient whrsn data are needed for a sect.ion configuration not
covered by wind tunnel tests ; it fiittuthe const.ruction of such data.

Th'-e, data for. the. 'norm~al" model section wiere applied on t~he F 26 wing outboard of the
kink , those of the "shor'tened" se,:;ion at. rhe .oot ,witn linear Interoolation betwe.Žn,
The difference betwen the two sets was , otherw4ise ,stiall.

Tne slope of' all curves increase with G and this tendency ;.s st'ch chat , for constant
lift (C .q.S *the heaviest upward loads on the slats (C,,.q.S etc. ,invariably occur
imrnc-diatlfly before the stall. In view of tho. telar.ive identiý'y of the data for different
flap deflections " he largest slat Loads will occur m'ditlberetesalwh
the highest speed ,i. e. with retracted flay~s. The shape of the curves is also such,
that the situation with the loviest C L to be considered 'ailx yield the other limitation to
the slat loads.

Airworthiness requirements dietatc consideration of flight coiditions with deflected
hiqh-lift devices up to n =2 and down to na = 0. Hence the stall just mentioned is the
2 a stall with 3=0 and the other limitation is related to C (I at a relevant placard
speed , either for slat deflection (220 kts. EAS ), for flap eflioction up to a, 25c'
(200 kts. or for landing flaps 1 60 kts.:.1 it was not difficult to trace th6 second one

as critical.

All this may be donr- Aithouta real !,)-id case analysis , but then it concerns only t-he
slats as such. F'or the suspension , matters are less simple since the deformation of the
slats with respect to the wing is an. important parameter in the structural analysis ;this
latter is so difficult to, oversee that a comprehensive siat load data specification is still
indispensible. Thus , the subject- of local C L-variation due to downstream influences now
enters into the discussion.L

interference effects.

The nacelle interference effect on the flow field is most evident- at the wing root
trailing edge and gradually damPps of f upctream and in spanwise direction. Sectionwise , it
causes a lift drop Ly indticing a virtually constant small overpressure at the upper surface.
D~irect application of the decreased CL's found on the pressure model with nacelles , in
combiniatizon writh sect~ion data fzom the. other model (i.e. attributing the decrease to &
change in a , which is essentially in peak suiction )would yield a too low local slat load.
This difficulty may be overcome by neglecting, the nacel~le Interterence effect , wnich is
slightly conservative ; r-n the P 28 this wasý also Logical since th~e effect is different
on the M~k. 5,000 and 6,000.

Slat IoaAd predictions were thus based on the wing lift distributions established on the
aircraft pressure model dithout -nacelles. SEce fig. 6.

Incýidentally , this effect tends to shift fu~rther outboard the l.ift resultant on each
half wing the closer the n~acelles stand t-o the winýg. Insertion of a fuselage plug)
between the wing trailing edge and the nacelles on a stretched version thus brings with
it some winq load a] le~riation. This fact kept the structural modifications rresulting
from the span extension and reqvired for the hea.iier 11,11- 6,000 , to a minimum.
The lift carry-ovei effect at the flap, ends is also most evident at the adjacent: t.e.

region. , hut ntot neglectanle at the I.e. region upstream. As in the case of the nacelles
the interference effect. cannot be considered in terms of local CL in the sense of section
C .Here , one is led to consideration of the change in incidence of the section ( &C[
r~q~uired to yield the same cnange in leading-edge eiiction peak as is caused by the fl~p
deflection in its lift carry-over effect.

On the "normal" mode] stection , it was found that -independent of aand aas well as
CL and within remarkably nairow tolerances (±1.5 -

ACJ. = .40 AGI

where AGIL is the change in section incidence equivalent to the change in local C .On the
aircraft 2ressure model , which featured deflectabie ailerons , the aileron lift carry--
over effect cc;uld SFtudied , albeit on a wing without slats. Since the aileron-t'o-wing
chord ratio here -gas about the same as the inap-to-chord ratio of the section model with all
high-lift devices deflected , it nevertheless yielded a worthwile contribution. It confirmed
the .40 ratio for the three-dimensional case.

Fig. 7 shows one of tne cases analyzed from section model results , fig. 8 one from
aircraft pressure model results.

Consequently , 40 t of the theoretically derived flap lift carry-over effect was taken
into account in ithe CL-disttibutions applied for slat load derivationi ( see fig, 9 ). This
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simple correctton eliminated the need for far more complex and expensive analyses of the
sibject problem.

It was difficult to foresee the impact of the adjustments discussed in the structural
analvses. Since slat deformation - and thus primarily bending moment - is An important
[erameter , they would most probably affect the support forces of the slat tracks closest
to the wing root ( nacelle interference ) and the stations where the f>,ps end ( flap lift
carry-over effects ).

On the F 28 soction model , some research was conducted at reduced tunnel speeds. This
mainly indicated some Re-effect on pitching moments , a finding of interest with respect
to the I : !2 scale force, mudel , figuring in figs. 4.

No effects on the loadspecifications were established for Re > 2.4 x 106 and since the
nicrmal value was 2.8 x 100 , no particular problems arose here. In view of the increase in
slope of all slat load curves with CL , the prediction method could be so!newhat vulnerable
to underestimation of local CL immediately before the stalls , but for the F 28 , the
high-pressurc low speed tests on the pressure model ( see ch.3 ) practically eliminated
this as a problem.

In the section tests at very low Re evidence was found of interference in the lift
development due lo occurence of a laminar separation bubble behind the upper surface
discontinuity inherent to slat deflection ; fig. 10 shows an example of relevant data.
This effect must play a role when use is made of a low-speed aircraft pressure model
provided witn deflected high--lift devices. Such ý model , when not vezy large and then
very expensive to build and to test , will featu:e lower Reynolds' numbers than those in
fig. 10 over a substantial part of the wing. 'ii_ test results must then be difficult to
interprete correctly when there is no se,:tior model test material at sufficiently high Re
when there is , the need for the relevant ari.£-•7tmodel is sub~ecL to discussion.

Verification.

Load predictions for deflected slats have been checked against results of in-flight
strain-gauge measurements on suspension components and spigots of the slats. Summation
of the internal forces ths:s measured to provide external loads on the slats yielded a
very good agreement with the predictions , as shown in fig. II. Note , that the scale
for the moments is very large to mike correlation points better distinguishable.

The relevant agreement was considerably better than that between calculated and
measured structural stresses. Of course , the stress calculations were kept on the
conservative side.

The correlation of the slat load predictions is not really good at very low loads and
thus not with respect to specifications for the deflection/retraction cycle. This is
probably a com.on problem, though one of relatively low order.

S. AIR LOADS ON RETRACTED SLATS
Prediction method and gnrlla aa

Load predictions on retracted slats were obtained by d- rect integration of the appro-
priate wind tunnel data from the air;.:aft pressure model , a relatively simple process
though elaborate in view of the amount of input data. Furithermore , chordwise Cp-plots
were found to be necessary for data checking and extrapoloation purposes.

The major feature of these load data is connected to leading-ed3e suction peaks and
coherent forward shock waves.

At high Mach numbers , peak suctions increase linearily with CL only as 2ong as local
M remains below some 1.25 , at least for the "peaky" sections on thi F 28. Any furtner
increase in lift goes together with widening of the peak with limited further growth of
C m., . This obviously causes a quite sudden increase in the rate of change ef C and in
par t ular Cm with CL at a specific wing station ; both coefficient.3 increaso sMrply
untill the shack wave , by now terminating thE. suction peak downstream , reacLes the local
slat trailing edge.

With further increaze in C it crosses over to the wing. The ronsecuent sudden drop in
pressure in the narrow gap beiween the retracted slat and the wing causes a sharp decrease
in both coefficients mentioned. This course of events is illustrated for the F 28 pressure
model section nr. 3 in figs. 12 and 13 , at 1 = .77 distinctly over-critical for this
section ( see ch. 2 1.

Occurink, only locally at a specific moment , this phenomenon does not cause sudden
changes in over-all slat loads , Lut merel' a somewhat unexpected relation with Q . At the
wing root , fuselage interference ties the forward shock wave to the leading edge ; there
the load variations noted above do not occur , but the development of the shock wave can
be seen in the load-versus-a curves for test section 1 ( close to the root ), which show
up discontinuities at its beginning. This can be seen in fig. 14 , which also shows
idealized shock wave pattern on the wing at three characteristic a 's.

At sufficiently high M , the described phenomenon occurs witnin the test a -range. Then
determination of the condition at which it occurs ( per section ) is arbitrary only within
narrow limits. Firm data are obtained on the relation between M and the C at which the
suction peak starts widening ana on the slope of Cp with C with further Increase in V
These may well be extrapolated to lower Mach numbers on thkoretical basis.
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As wili be diecussed next , the main problems arise when the phenomenci occurs
beyond the wind tunnel test 0 -range.

Load-cases.

The load case analysis scans the n-V-fields for n-anoeuvring and gusts described in the
airlworthiness requirements. The case , initially predicted to be most critical for the
slats was = .560 , a = 8

which occurs when the aircraft , after take-off at maximum weight , flies at 18,000'
altitude with a speed V and is hit by an upward lim~it gust ( 66' per sez, EAS ), which
brings it to the point 9f stalling. The adjacent wind tunnel test limits were

M .45 , X= 7.5o ( shock-free
M .65 , 0 - 3. 2.

In this case , the M-margin was very wide , since the intermediate range was of minor
interest for the original design ; as was mentioned in chapter 2 , no further tests on the
aircraft pressure model were conducted on behalf of the slat development. However , the
real problem lies not in interpolation with respect to M , but in extrapolation with
respect to a .

The construction of the slat loads at off-test conditions of the sort is well possible.
Sources of information available for construction of the relevant C.-distributions over
the wing leading-edge are

high-speed airfoil section data , collected during the original F 28 development

. general wind tunnel data of the aircraft pressure model , from which the characteristic
variation of the suction peak shape at any Mach number can be derived
the lift distribution , predicted by the load case analysis , which should be in harmony
with the C -distributicn to be constructed.

In the subject V -case , where shock waves were found to be mainly behind the slat
trailing-edge ,la• loads were substantially lower than predicted beforehand over most of
the span. Then , two "next critical" conditions emerged from the load case analysis , i.e.

t VD ' n = 2.5 at sea level ( m = .590 , a = 2.600
V , n '-2.5 at 20,000' altitude ( M = .504 , (1= 7.95)
A'

Both were found to be indeed critical over part of the span. Similar analyses were
conducted for load cases with downward limit gusts and with gust encounters at MMO
Notes on the hi!h-s~eed load construction processes.

1. Slat load extrapolation should be in harmony with extrapolation of C test data , to
account for

• stagnation pcJnt travel with a ; in the over-pressure region the Cp-a-relation is far
from linear
hysteresis effects on the C 's close to the slat trailing-edge in transhent conditions
these may well result in su~stantially lower slat loads than for static conditions.

2. On the F 28 - slat construction limitations together with anti-icing hot air discharge
requirements - the slot seal position is at some 35 % slat chord , well aft of the optimum
for minimum loads on the retracted slats. However , for the case of failed ( removed
seal , the same level of critical slat loads was found as for the case wih effective
seal. This will be coincidental for the F 28.
3. Contacts between slats and wing due to different bending of the two eýevents checking
of retracted slat load predictions against in-flight strain-gauge measurements as was done
for deflected slats.

4. Comparison between the general prediction methods discussed in chapteis 4 and 5 was
possible for the "common" case of retracted slats at M = .19 , a subject also cov.ered inthe section tests to survey the deflection/retraction cycle. Given the sober character of

the method - based on data for only two sections - used in chapter 4 , the agreement , as
shown in fig. 15 ,can be con.sidered as very satisfactory.

V 6. CONCLUDING REMARKS
g The prediction process described may be used when a restricted amount of wind tunnel

test data is available. The models required to collect these data are usually planned for
development purposes and not specifically needed for load prediction.

There appear to be no elements , essentially restricting the process to small angles of
sweep , provided that for the case of deflected slats the influence of the core flow in
the slot Is accounted for.

1. An adjustment process as described for the flap lift carry-over effect in chapter 4 can
also be derived for the tip alleviation effect. In this case a slightly higher loiding
is found for the far outer part of the slats.

2. A minor , but intriguing problem is connected with Cm , which is found as the sum/c x dx + pz dz.s
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It is in a plane in flight direction , whereas t-he structural analysis ?,orks with planes
perpendicvlar to the elastic axis of the slats. With an angle of sweep P of this axis
the local torsion moment coefficient around it becomes

S/CPx dx cosp /C Pz dz
and not the smaller Cm coso . The apparent contradiction in this st.."ent disappears
at the tips of each slit segment.

Mark seating certified wing I.e t.e
nr. (pass. ) in aspect ratio slats flaps

1,000 65 1969 7
2,000 79 1972 7.27 no

5,000 65 - 7.98 yes tdouble
6,000 79 - Islotte

_______________ ___________slotted

"3,000 65 1976 .
4,000 79 1976 7.98

Tabel 1.
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PREDICTION OF AERODYNAMIC EFFECTS OF SPOILERS ON WINGS

by

G.V. Parkinson and F. Ta= Don±

Department of Mechanical Engineering
The University of British Columbia
Vancouver, B.C. V6T IW5 Canada

SUMMARY

In work from the authors' labnratory reported at an AGARD Conference on VSTOL Aerodynamics in 1974,
three theoretical methods were described for the prediction of aerodynamic loading on iwo-dimensional air-
foils with spoilers. Two were thick-airfoil theories for steady-state pressure distribution, one analytic
and the other numerical, and the third was a thin-airfoil theory for steady and transient lift. In the
present paper, the above work is extended to an experimental study of effects of base venting on two-
dimensional spoiler pertor-Ance, and to a theoretical and experimental study of effects of finite span of
spoilers and wings. The effects of realistic amounts of base venting on lift and pressure distribution
proved small, so that unve-ted-spoiler theory can be used with acceptable accuracy. Lifting-line theory,
requiring the sectional values of lift-curve slope and zero-lift angle as inputs, was used for the finite-
span study, and the theoretical predictions were compared with experimental data from reflection-plane
wind tunnel tests. Results are presented for lift and rolling moment, and agreement is good. The overall
result is that the performance of finite-span, base-vented spoilers on finite-span wings can be predicted
with acceptable accuracy, with only the spoiler base pressure as an empirical input.

SOMMAIRE

Dans un travail du laboratoire des auteurs pr6sentg a une conf6rence de I'AGARD sur l'a~rodynamique
des avionu ý d~collage et a atterrissage court ou vertical (V/STOL), trois m~thodes thgoriques ont 6t4
d6crites concernant l'6valuation de la charge agrodynamique sur les profiles d'aile bidimensionnels mu.ais
d'a~rofreins. Deux de celles-ci, l'une analytique et lVautre num~rique, relbvent de la thgorie des pro-
fil~s 6pals pour un 6tat permanent de la repartition des pressions tandis qua la troisibme s'inspire de
la thiorie des profil~s minces pour d~terminer la portance en r~gime permanent et transitoire.

Dans La pr~sente communicatior ces travaux ont 6t6 6tendus I une 9tude exp~riments'le bidimension-
ne)le de l'effet d'une fente i la base de l'a~rofrein sur les performances du profil d'aile de mIme
qu'lil'etude th~orique et exp~rimentale des effets dus aux a~rofreins sur une aile d'envergure finie. Les
effets sur la portance et la repartition des pressions se sont avgrgs minimes de sorte que la thgorie
d~velopp~e pour les a~rofreins sans fente peut Ztre utilipe avec un degrg de pr~cision acceptable. La
thgorie de Prandtl str l'aile d'envergure finie a servi de tremplin ý l'6tude tridimensionnelle. Cette
approche requiert comme parametres d'entrge l'incidence de portance nulle ainsi qua la pente de la
courbe de portance pour les diff~rentes sections constituant l'aile. Les predictions de cette th~orie
ont 6t6 compargs avec lea r6sultats exp~rimentaux obtenus au moyen d'une maquette utilisant les propri~t~s
de reflexion du mur du tunnel t vent.

Cette communication inclut une prdsentation des r~sultats concernant la portance et le moment de
roullis. L'accord entre l'essai et le calcul semble bon. A titre de conclusion, la performance des ailes
d'envergure finie munies d'agrofreins avec fente 1 la base pent atre pr~dite avec une precision acceptable
avec comme seule donn~e empirique requise la pression de base derribre A'a~rofrein.

NOTATION

c airfoil section chord P air density

b wing semi-span U free-stream velocity

S planform area for half wing r airfoil section circulation

b spoiler span L' sectional lift

h spoiler height L half-wing total lift

E chordwise spoiler position R half-wing ro.ling moment

6 spoiler erection angle CZ sectional lift coefficient

a airfoil geometric angle of attack CL half-wing lift coefficient

aLO airfoil zero-lift angle CR half-wing rolling moment coefficient

=a a E - aLO' absolute angle of attack Cp pressure coefficient

x chordwise distance from leading edge m sectional lift curve slope

y spanwise distance from mid-span 0
-lA Fourier coefficient

o - cos-1 y/b, spanwise variable n

S values for spoilered sections

Professor of Mechanical Engineering.5 Graduate Student, Department of Mechanical Engineering.
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1. INTRODUCTION

In the prediction of aerodynamic loading on aircraft surfaces, the occurrence of separated flow
creates great difficulties, because of the inadequacies of aerodynamic theory in dealing with such flows.
As a result, design information on the aetodynamic efferts of spoilers on wings has been obtained entirely
from ad hoc testing, and prediction of loactng has only been possible approximately, on the basis of
experience with similar configurations. Yet spoilers are currently of greqt importance as control
devices, whether deployed symmetrically for lift and drag control, or asymmetrically for roll control, and
the development of prediction methods would clearly be bcneficial.

For the past eight years, there has been a research program in the Mechanical Engineering Department
at The University of British Columbia on the aerodynamics ot spoilers. In the first phase of this pro-
gram, three new theoretical two-dimensional potential flow methods were developed for the prediction of
sectional characteristics of airfoils with spoilers, and wind tunnel experlments were conducted to corre-
late with the theoretical predictions. The results of these studies were reported at an earlier AGARD
Symposium on V/STOL Aerodynamics [1]. Two of the above three theoretical methods were for the prediction
of pressure distribution. One was ai. analytic method involving a comLination cf Theodorsen's [2] con-
formal mapping of an arbitrary profile with Parkinson's (3) wake source model. It coull be used for any
single-element airfoil with a normal spoiler, and a typical comparison of predicted and measured pressure
distribution is shown in rigure I.

S0 Experiment
- Theory

-0"5--•

0'5i

1.0

FIGURE 1. Pressure Distribution on Clark Y Airfoil with Spoiler.

The airfoil is a 14% thick Clark Y with an 8.4% ngrmal spoiler at 70% chord. Angle of attack ot 10.19%,
and the experimental Reynolds number was 5.3 (1 0 )J. The experimental'data were corrected for tunnel wall
effects, and the resulting agreement with the theoretical curve is seen to be excellent, except for the
u3ual disagreement just upstream of the spoiler. Here the theory predicts a stagnation point, whereas
the actual flow separates and forms a constant-pressure bubble. The second method replaced the conformal
mapping by the surface source distribution methoa oi A.H.O. Smith and his colleagues [4], and as a result
could be applied to multi-element airfoils with inclined spoilers.

The third method used linearized free-streamline theory, and was for the prediction of lift and
moment on an arbitrary single-element airfoil with spoiler, under either steady-state or transient condi-
tions following spoiler actuation. A typical comparison of predicted and measured steady-state lift as a
function of angle of attack is shown in Figure 2. The airfoil is again a 14% thick Clark Y, in this
example with a 10% spoiler inclined at 600 and located at 70% chord. The test Reynolds number was 4(10)5.
Agreement of the theoretical curve with the experimental data is seen to be good. The nonlinear increase
of the experimental lift at high a is a result of the growth of the separation bubble seen in Figure 1.
In the above theories, the only empirical input needed is the spoiler base pressure coefficient.

However, in these theories the spoilers are impervious, and the flows are cwc'-dimensional, whereas
in aircraft practice spoilers are vented at the base and cover only part of the finite span of wings.
The current phase of the research program is therefore investigating the effects of base venting and
finite span of spoilers.

2. BASE VENTING EXPERIMENTS

Two-dimensional flow conditions were retained for expetimental investigations of spoiler base
venting, so that direct comparisons could be made with the two-dimensional theories, and with previous
sectional measurements for unvented spoilers [1]. The experiments were perforwed in a low-speed, low-
turbulence wind tunnel with a test section 915 mm wide and 687 mm high, The test airfoil was a Joukowsky
section 11% thick with 2.4% camber, of 307 ma chord. It was constructed mainly of wood, with an aluminum
section at mid-span containing 37 pressure taps, of which 24 were distributed on the upper surtace, It
was built with end plates on which spanwise metal spoilers could be mounted. The spoilers were normal to
the airfoil surface, and of 10% airfoil chord in height above the surface. They were located at 50, 60,
70, or 80% chord. The spanwise base vent was 10, 70, 30 40, or 50% of the spoiler height.

The test airfoil spanned the tunnel test section vertically, with small clearances at floor and
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ceiling, and was mounted on the yaw turntable of
the tunnel balance, locc-ted under the teat section.
For each spoiler location and degree of base 1.6
venting, lift, drag, and pitching-moment measure-
ments were madA over 4 full renge of angle of
attack, using the tunnel balance. For some angles
of attack, pressure distributions were measured
using a multitube manometer. The te.t Reynolds
number was 4.4 (10)5. 1.2-4.CLR

Fig,:xes 3 and 4 show some of the results of / CLARK Y
these measurements for the tests with the spoiler
1ccated at 70% chord. Table I identifies the C E/c 70
symbols used in the Figures for the different 1.0
base vent depths expressed as percentages of the/
spoiler height. r. 0°

Figure 3 shows airfoil pressure distributions 0.8+ 6

at e - 80, and Figure 4 gives the variation of /
lift coefficient CL with n, for the various 0
degrees of spoiler base venting. The most signi- .16-
ficant result is that over the range of positive
CL, there is very little difference in airfoil C THEORY -

for vents of up to 20% of the spoiler height - EXPT.
the range of practical interest. This is implied o
by the close agreement of the Cp-distributions 0.2

for 10 and 20% vents in Figure 3 (the unvented p-J

distribution was not measurcd at a 0 8°), and con- 0
firmed by the CL data of Figure 4. As the size
of the vent is increased above 20%, the airfoil ----
upper--surface suction increaees ahead of the - 4 8 12 16 20
spoiler, and the iower-surface pressure becomes
more positive, so that the lift slowly approaches -.
the valu( for the basic airfoil without spoiler.
The base pressure behind the spuiler remains

i fairly con~stant for vents of 10 and 20%, but
shows the effect of flow through the vent for 40
and 50% depths.

FIGURE 2. Lift on Clark Y Airfoil with Spoiler.

-1.0
Cp

0.2 0"460810

0. X/C

SFýGURE 3. Pressure Distributions on Joukowsky Airfoil with Base-vented Spoiler,

•;1
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TABLE 1. 1

Symbol Base Vent o 0/

0 0
0 10
A 20

-8 -4 0 12 6 20
o 40
A 500

-0.

-0

-08

-10

FIGURE 4. Lift on Joukowsky Airfoil with Base-vented
Spoiler.

3. SPOILERS OF FINITE SPAN

3.1 Reflection-plane Experiments

For experimental investigation of effects of finite span of spoilers and wings, it was decided to use
half models, as shown in Figure 5, in order to accommodate a good range of wing aspect ratios (4 to 8)
with as large a chord and Reynolds number as possible. For such tests, the floor is properly a plane of
symmetry for cases of symmetrical spoiler deployment, but not for the asymmetric deployment used in roll
control. The use of the reflection-plane data for prediction of rolling moment is considered theoretically
later.

The wings were tested in the same wind tunnel and mounted on the same balance system as described in
S2. They were machined from solid aluminum, in spanwise sections 51 and 13 mm long, and of 131 mm
chord, so that half-model wings of equivalent full aspect ratio 3.9, 4.8, 5.8, 6.8, and 7.7 could be
assembled. Wings spansning the height of the test section could Also be assembled for two-dimensional
tests. The airfoil section was NACA 0015, and the wings could be fitted with 10% unvented normal spoilers
located at 48, 58, 68, 77, or 87% chord. Spoiler spans were 20, 30, 40, or 50% of the span of each half
wing, with the spoiler inboard tip always at mid-span of the half wing. Test Reynolds uumber was 3(10)5.
Force and moment measurements were made for all configurations over a full range of angle of attack,

3.2 Lifting-line Theory - General Formulation

The lifting-line theory as formulated by Prandtl [5], is applicable to unswept wings of large aspectratio. In this theory, the wing Is replaced by a lifting line of bound vortex filaments at the one-

quarter-chord position, and a sheet of trailing vortices Has in the plane of the wing and the free-stream
veloci7. The trailing vortices induce a downwash over the wing, which alters the direction of the flow
approaching the wing downward by an induced angle of attack. The effective angle of attack and the corre-
sponding sectional lift are thus reduced below their two-dimensional values, although the relationship
between them is unchanged. Also, the secLional lift L' is still given in terms of local circulation r
by the Kutta-Joukowsky law,

L' - Pur (3.1)
so that the unknown spanwise distributions of downwash and circulation are related. An additional rela-
tion between them is found by using the Biot-Savart law.

Next, it is assumed, in the manner of Glauert (6), that the circulation is given by the infinite

Fourier series,S ! • m mwnm,
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SPOILER

REFLECTION PLANE
WING MODEL

FIGURE 5. Wind Tunnel Test Configuration for Finite-span Spoilers.

SI' 4bU • A siu n6 (3.2)
n-1

where U is the free-stream velocity, b the wing semispan, and 6 is defined in terms of spanwise coordinate

y by

y - b cos 0 (3.3)

Substitution of Equation (3.2) in the previous relations leads to the fundamental equation for the
unknown coefficients An

• A sin nO _- 8bsin 6 + n] a sin 0 (3.4)
1 n Lo c a

where c, m , and a are the sectional chord, lift-curve slope, and absolute angle of attack. Parameters0o a
c, mo. and ca may vary along the span depending on whether or not the wing has section changes, taper or
twist. The equation must be satisfied for all points, 0 < 0 < ir.

Solution for the unknown A 's is accomplished by considering a finite number of terms of the Fouriern
series, say m termp. By choosing the number of values of span variable 0 equal to m, the number of terms
in the truncated Fourier series, and by substituting these m values of 0 into Equation (3.4), a system of
m equations in m unknowns is obtained, and hence a solution for the An's. Since only m terms of the
Fourier series are considered, Equation (3.4) is satisfied only at the M positions of 0.

Wieselsberger [71 has pointed out the necessity of including the wing tips in calculations for
flapped wings. Since Equation (3.4) is degenerate at the tips where 0 6 0 or Tr, V'H~pital's rule must be
applied to obtain the result

• •n -1 (3.5)ia (0) n A(-I)

a n1

The lift L and rolling moment R can be calculated once the Fourier coefficients are known. Since

dL - pUr(y)dy

and

it 
dR - ydL,

by integrating across the span, the lift and rolling moment for the wing can be obtained. Since the
theoretical results were to be compared with syvmetric reflection-plane experimental results, the inte-
grations were made over the semi-span. Thus,
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b
f pU r(y) dy

L o
CL 1 2 1 2 (3.6)

PUS PU2S

and

b
f pU r(y)ydy

'R 1 R 2 1 2 (3.7)
PU2Sb I(USb

where S is the planform area of the half wing. Upon integration, we get

C -- A (3.8)
L S 1

C 8b 2  m (-1)i- (3.9)
R -- A2 1-1 (2i - 3)(21 + 1)

In Equation (3.9), use is made of the fact that only the odd terms of the Fourier series contribute to a
symmetric loading distribution.

3.3 Application to Wing with Part-span Spoilers

Experimental and theoretical investigations of two-dimensional airfoils with spoilers [1] have shown
that the effect of a spoiler on section characteristics is to alter both the lift curve slope mo and
zero-lift angle of attack aLO. (The absolute angle of attack as is related to the geometric angle of
attack a by aa - , - LO' ) Let m and a be the sectional lift curve slope and absolute angle of

attack of the spoilered sections. Then in applying the lifting-line Equation (3.4) to a wing with a
part-span spoiler,ca and m must replace a and m over that portion of the wing which is spoilered.

This results in a discontinuity in the angle of attack and lift curve slope distributions across the
wing. For an infinite Fourier series, the position of this discontinuity may be exactly fixed, since
all values of the span variable e are covered by the series. For a Fourier series with a finite number
of terms, however, the values of lift curve slope and angle of attack will change from one value to
another between two adjacent values of 0. This represents a gradual change in sectional lift curve
slope and angle of attack over a finite range of the span variable 9, and is an approximation of the real
situation. The position of each discontinuity may then be arranged to lie midway between two consecutive
values of the span variable 8.

Either experimental or theoretical values of mo, m , aa, and a may be used as inputs to

Equation (3.4). In this paper, experimental data was used, since it was available. The two-dimensional
experimental data must first be linearised, as Equation (3.4) is linear. Straight line regressions were
made on the data and the resultant values of m0 and 'LO are given tn Table 2. An example of the linear

approximation to the experimental sectional data is shown In Figure 6, for the NACA 0015 section with 10%
normal spoiler at 48% chord.

Lift coefficient CL, rolling moment coefficient CR, and spanise Lift distribution in the form

(r/4Ub) were calculated for sym=etric cases corresponding to the reflection-plane experiments. Calcula-
tions were also made for asy-metric cases of full wings with spoiler eorected on only cne half. A compari-
son of calculated spanwise lift distributions for unspoilered, asymmerrically spoilered, and symmetrically
spoilered rectangular wings of aspect ratio 7.7 is shown in Figure 7. The airfoil section Is again
NACA 0015 and, for convenience, calculations were made for an angle of attack of 1 radian. Spoilers were
of length b eoual to 40% of the wing semispan b, and mounted between 50 and 90% semispan. The chord-
wise location E of the spoilers was at 48% chord c.

Examination of the curves shows that the symmetric loadings differ by less than 2% from the asymmetric
loading at the wing root, and the two spoilered cases are in progressively closer agreement away from the
root. This suggests that the reflection-plane tests can be used with small error to predict the charac-
teristics of an asymmetrically spoilered wing.

3.4 Comparison of Theoretical Predictions with Experimental Results

Theoretical values of half-wing CL and CR were calculated for all wing-spoiler configurations tested
in the wind tunnel. A typical comparison is shown in Figures 8 and 9 for the rectangular half-wing of
equivalent full aspect ratio 7.7. The airfoil section is NkCA 0015 as before, and the spoiler parameters
are 6 - 90%, h/c - 0.10, E/c - 0.48, bs/b - 0.20, with the inboard spoiler tip at mid-span of the half-
wing.

The agreement of the predicted and measured values is seen to be quite good, both for CL and CR,
although the sectional input data for the NACA 0015 (both spoilered as in Figure 6 and unspoilered), for
which a linear approximation is used in the theory, is more nonlinear with a than usual. The same non-
linearity appears in the experimental finite-span data of Figures 8 and 9, and accordingly limits the
degree of agreement with the linear theory.

Another comparison of interest is that of the variation of the predicted and measured effective
moment arm of the incremental rolling moment caqsed by spoiler erection. Such a comparison is presented
in Figure 10 :n the form 6CR/ACL as a function of relative spoiler span bs/b. Again the half-wilg is
rectangular, of equivalent full aspect ratio 7.7, with NACA 0015 section and spoiler parameters 6 - 900,
h/c - 0.10, E/c = 0.48. The spoiler inboard tip is again at mid-span of the half-wing for all cases.
The experimental points for each value of bs/b represent an average ACRACL over the range - 40 < a < 14W.
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TABLE 2. Values of Lift-curve Slope and Zero-lift Ct

Angle from Linear Regressiop of Data for
NACA 0015. 02.

m or m ILO LO S -8 -4 0 4 8 12 16 20 24

E/C per rad. rad. "0'2

unspoilered 5.40 0
.48 4.45 0.182
.58 5.02 0.172 -04

.68 5.70 0.160
116.15 0.159 -6-F.7 7.00 0.157 06

0 EXPT
-08 - REGRESS:ON

-121

FIGURE 6. Linear Approximation to Lift Variation of
NACA 0015 Airfoil with Spoiler.
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FIOME 7. Spanwise Lift Distributions for Symmetric and Asymmetric Spoiler Configurations on a
Rectangular Wing of Aspect Ratio 7.7.
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FIGURE 8. Half-wing Lift for Wing of Aspect FIGURE 9. H1alf-wing Roliing Moment for Wing of
Ratio 7.7. Aspect Ratio 7.7.

The dashed line in the figure represents the 0*8

variation that would occur if the incremental
lift acted at mid-span of the spoiler.

The agreement between predicted and measured T
values is seen to be good, with the effective 07
center of incremental lift lying between 1/3 and
1/2 the distance from the spoiler mid-span to its
inboard tip. \CL .6

4. DISCUSSION L06

Figures 8, 9, and IU indicate that good pre-
diction of the lift and rolling moment character-
istics of finite-span wings r•ith spoilers can be 0 5-
achieved using sectional input data in a lifting-
line theory. As usual with lifting-line theory,
the loading is somewhat over estimated, but the
agreement between predicted and measured values is O.-
good, and would have been still better if an air-
foil section with a more linear basic C1 - a
variation than that of the NACA 0015 had been used. EXPT

Also, as Figure 2 indicates, the thin- 0
airfoil theory of Reference I would give at least THEORY
as good predictions of m , as the linear

S OS
approximation to experimental sectional data
used here. This thin-airfoil theory of course 0"2.
takes no account of the nonlinear effect of the
separation bubble upstream of the spoiler, and so
would produce better agreement for the lifting-
line theory at the lower angles of attack. The O I
thin-airfoil theory wasn't used in this paper
because it hasn't been worked out yet for the
NACA 0015 section with spoiler.

Figure 4 shows that C at a given a is only - - ----- ,--

slightly higher for an airfoil with spoiler con- 0 01 0'2 0'3 0'4 05
taining a 10 to 20% base vent than for the same bs/b
-onfiguration unvented. Since the value of CZ
predicted by the thin-airfoil theory, as in
Figure ?, also tends to be slightly higher than FIGURE 10. Effec-ive Moment Arm of Incremental
the expedrmental value for the unvented Rolliui Moment from Spoiler.
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configuration, it appears that the sectional lift of actual vented configurations will be acrurately
predicted by the thirt-alrfoil theory. Figure 3 indicates that practical amounts of spoiler base venting
do not change the spoiler base pressure significantly.

The theoretical results of Figure 7 suggest that reflection-plane wing experiments will be satis-
factory for wind-tunnel inves.tigations of asymmetric wing-spoller configurations. It should be noted
that the half-wing rolling moment coefficient CR used here is not the rolling moment coefficient as
usually defined for a wing or complete aircraft. Figure 10 indicates tnat the effective center of the
incremental lift from the spoiler lies well inboard of the spoiler mid-span.

The overall result of the paper is that for a finite-span wing without slotted flaps, the effect of
base-vented part-span spoilers on lift and rolling moment can be predicted accurately with only the
spoiler base pressure coefficient as a required empirical input. It seems likely that an adequate
empirical recipe can be devised for predicting this base pressure coefficient as a function of wing
geometry and incidence, since it has a very limited range of values.

For the more interesting case of a wing with spoilers in the presence of slotted flaps, a sectional
thin-airfoil theory for predicting m and LOS is not available. However, the numerical thick-airfoil

theory of Reference 1, in its so-called 2-source model, can be used to calculate Cz as a function of
for an airfoil with spoiler and slotted flap, so that m and ciLO can be determined, and the lifting-

S
line theory can then be used as in this paper. This form of theory has still to be worked out and tested
against experimental data.
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A TECHNIQUE FOR PREDICTING EXTERNAL STORE
AERODYNAMIC LOADS

A. R. Rudnicki, Jr.
E. G. Waggoner, Jr.

R. D. Gallagher
Vought Corporation

Systems Division
Dallas, Texas 75222

SUMMARY

A technique has been developed under U.S. Air Force sponsorship for predicting six-component airloads
on captive stores for single and multiple carriage configurations. The prediction method includes tech-
niques for predicting the basic airload as well as the incremental airloads due to aircraft yaw and adjacent
store interference. The single carriage prediction technique is valid for the Mach number range 0.5 to 2.0
while the multiple carriage technique was developed for the Mach range 0.5 to 1.6.

The basic approach to the prediction technique was a.a empirical correlation of a large experimental
data base consisting of literature survey data and data obtained from a parametric wind tunnel test.

This paper summarizes the study program, presents the approach and major variables considered in the
technique development, and 'iscusses the prediction results achieved. Comparisons between experimental
data and predictions for the s, airload components ire included for both subsonic and supersonic flight
conditions.

NOTATION

b Aircraft wing span, in. XB,YB,ZB Store body axis coordinate system

C Side force coefficient. SF
yREF c Fraction of wing chord

d Store maximum diameter, in. Z Distance from lower surface of wing
to bottom of pylon at the mid-lug

K Generalized factur used to represent point, in.
an empirically derived correction.
Descriptive subscript will be a Angle nf attack, deg.
associated with this factor.

a Local angle of attack, deg.
KCSF Side force correlation factor

BIBS Store yaw angle, positive nose
KINTF Interference correction factor outboard, deg.

KL/C Correction factor based on store Increment
length :ind 3ircraft wing local chord • BL

) n Fraction of wing semi-span, W, whe e

KNOSE Store nose lift efficiency factor YBL is the distance from the-aircraft
centerline to the centerline of the

KWING Store wing/fin lift efficiency factor pylon, measured in the wing plan view.
K Pylon height correction factor A Aircraft wing quarter-chord sweep

Z angle, deg.

K Wing spanwise correction factor a Sidewash angle, positive outboard, deg.

K Aircraft ing sweep correction factorAircraft yaw angle, positive aircraft
sAl Ai nose right, deg.

K Partial derivative of sidewash with Subscripts
0 respect to a, ao A/C

2aA/ Aircraft

L Store length, in. C Aircraft local wing chord

M Mach number INTF Interference

q Fi.ee-stream dynamic pressure, los ISOL Isolated

PRED Predicted
SF Side force, lbs

a Differentiation with respect to
SPA Side projected area, in. 2  angle of attack

SREF Store reference area, .- _2, ft'. , Differentiation with respect to yaw angle
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1.0 ;aTRODUCTION

Determination of the aerodynamic forces and moments acting on individual components of an aircraft
is a part of the design process to assure that adequate load carrying structure is provided for all design
flight conditions. Accurate information on the aerodynamic loads Is important to achieving aerodynamic
compatibility between the aircraft and stores. The flow environment In which external stores are immersed

to is generally highly complex and affected by many variables; e.g., flight conditions and physical charac-
teristics of the aircraft, store installation, and adjacent stores. Successful theoretical prediction
of quantitative data has proven to be difficult, although some techniques have been used successfully to
predict qualitative trends. The stro,,g influence of viscous flow, particularly at transonic speeds with
multiple carriage store arrangements, has made current methods inadequate for many applications. The most
reliable method by which the engineer can provide store airloads continues to be through wind tinnel testing.
This latter process is normally complex and expensive and too often provides airloads data late in the
design effort, after many decisions influencing aircraft/store compatibility have already been wade.

A study program was conducted by Vought Corporation, Systems Division under sponsorship of the Air
Force Armament Laboratory (DLJC), Eglin AFB, Florida to develop a generalized technique to predict aero-
dynamic loads acting on airborne external stores. As a consequence of the relatively low effectiveness
and inherent limitations of present theoretical methods, an experimental data correlation approach was
selected for developing the prediction technique. The major objective of this program was to provide a
prediction technique that is rapid and easy to use, versatile in application to various aircraft and store
configurations, applicable to maneuvering flight conditions at subsonic, transonic, and low supersonic
speeds, and sufficiently accurate for store/store installation design purposes.

Objectives of this program were accomplished in two phases. The initial phase involved the collection,
dncumentation, and correlation of existing a~rloads data upon which to initiate the technique development
and preparations for wind tunnel testing. The second phase of the program consisted of conducting the
wind tunnel test program to complete the required supporting data, performing detailed data correlations,
and developing the final prediction technique.

This paper describes the work performed anr the results obtained during all phases of the study
program. The various sections delineate specific tasks which were performed. Descriptions of both the
technical information survey and wind tunnel test planning and preparations are included. A discussion
of the approach to the prediction technique including the dominant parameters is also presented. Finally,
the capa ilities and nominal accuracies of the method are assessed, including some comparisons with experi-
mental data.

2.0 TECHNICAL INFORMATION SURVEY

An extensive data survey was performed by Vought Corporation to locate and acquire data and related
information on captive store and store installaLion airloads. Acquiring these data was necessary to de-
velop correlations essential to the prediction technique aevelopment and to provide guidelines in planning
the wind tunnel test program. Although data were known to exist on numerous qtore types and store
installations, problems in acquiring useful airloads data were apparent. These problems inrluded: the
inter-industry and inter-service dispersion of data, the diverse origin of airloads data, and the assorLud
approaches used in measuring airloads. The following paragraphs explain the general survey approach, the
type of data solicited and the broad survey results.

2.1 Survey Procedure

Early survey planning indicated three primary avenues by which the required technical data could be
identified. Selection of these avenues, which were chosen to encompass the majority of data sources, also
provided a built-in cross-reference system which minimized the possibility of overlooking pertinent data.
Listed below are the primary approach avenues followed:

o Airframe and weapon contractors and government agencies
o Aircraft/weapon system program offices
o Technical literature surveys

Vought had compiled a comprehensive stores. data bank through continuing in-house efforts and systematic
surveys under contract. Hence, data sought thraugh the survey were the most recently generated data
available in the technical community. Although all the data idenitified through the survey were not ob-
tained, efforts to acquire those data deemed most relevant to the program were highly :zccessful.

2.2 Nature of Data Solicited

Aerodynamic data and information as summarized in this section were requested to support the study.
The desired data involved stores, store installations, and parent aircraft. This information is classified
in three broad categories: experimental data, existing prediction methods and data correlations, and
related literature on the subject. A further breakdown of the experimental data includes aerodynamic
force and moment data, both wind tunnel and inflight, and flow field information. The aerodynamic force
and moment data include those obtained for individual stores, racks, pylons, or aircraft, such that air-
loads on individual installed stores can be defined. Free-stream store data were also sought to be used
as a base in isolating store-aircraft interference effects. Data for all types of store loading arrange-
ments were solicited. These included data for stores mounted singly or on MER or TER racks, single and
multiple rail luanchers, conformal pallets, etc., on both wing and fuselage stations.

Techniques capable of predicting airload components for stores carried in the flow field of aircraft
were also solicited. In general, these prediction methods were found too limited to meet the objectives
for preliminary design. However, most techniques present an approach to the treatment of certain para-
meters which are considered primary independent variables influencing the store airloads. These include
such parameters as aircraft attitude and flight condition, store ge~metry, location and installation, and
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adjacent interference. Hence, these correlation and prediction technioues were a useful aid in the
formulation of the general prediction method.

2.3 Surv~ e esuL Its

The data survey resulted in the acquisition of a considerable amount of data pertaining to stores and
store installations which was not in the original Vought data bank. Niuch of the experimental data acquired
provides total aircraft airloads due to the combined aircraft-store configuration. While useful in
determining general store effects, it is difficult to isolate iidividual store or store installation
airloads from these data. Extensive indivudual store and store installation airloads data were made
available on the A-7, F-4, and F-Ill aircraft. The major.ity of data on these aircraft consists of metric
store and metric pylon airloads where a balance mounted internal to the store or pylon installation measures
the applied aerodynamic forces and moments. Other aircraft for which store airloads have been acquired
are the A-4, A-6, F-5, F-86, F-105, F-lO0 and various wing-fuselage combinations.

The following summary observations are made concerning the specific flight condition and geometry
variables encompassed by the survey data and the general nature of the data. The significance of these
observations is best realized when it is understood that the developed prediction capability for a given
variable :nd the selected conditions/configurations for wind tunnel testing are a direct function of the
vailiable data quantity and qualit,.

Data coverage for the desired subsonic to supersonic Mach number range was generally acquired with
lesser quantities being available for the supersonic region. lhe majority of acquired data defines airloads
in the subsonic flight regime. In the supersonic flight regime data are generally limited to single store
carriage installations; however, substantial multiple store instaliation data were obtained well into the
transonic region. F-4 and F-Ill store airloads data comprise the majority of the supersonic data. The
available A-7 store airloads data are limited to subsonic and transonic flight although considerable A-7
supersonic data were acquired in wind tunnel tests conducted as part of this study.

Store and store installation airloads were acquired for a variety of store types. However, there
has not been a great quantity of data ecquired for any one store type mounted on various aircraft. These
data are necessary tc isolate the effects oel certain variables, or at least to remove the variance in
store geometry as an independent variable. Considerable free-stream store aerodynamic data were also
obtained which were useful In isolating aircraft/store interference effects. In regard to store installa-
tion type, the bulk of the data acquired were for single and multiple stores carried on wing pylons.
limited data are available on fuselage mounted installations, including multiply and singly carried
stores, both tangent and pylon mounted. Sparse data exist for TER, wing tip wounted, fuselage semi-
submerged, wing tangent and semi-subierged, and conformal store :nstallations.

3.0 WIND TUNNEL TFST PROGRAM

Early in the study it was recognized that stifficient airloads data did not exist for developing the
prediction techniques from empirical correlations. Also, it was impractical to expect that data accumulrted
from the varied sources would be thorough enough to establish predictible trends for all priority variables
whose contributions collectively define captive store airloads. The practical solution seemed to be to
compile all availaoie ar!oads data, review these data to identify voids where additional data were
needed, and then perform a wi.d t.unnpl ir.st program to acquire complementary airloads data through
systematic variations in aircratL d1U 5Lure configurdtions. Vought possesses unique wind tunnel model
instrumentation and hardware capable of acquiring extensive store airloads data in a single run. Much
ot the model nardware needed to test a wide 4arlation of instrumented store arrangements was already
available for nigh speed testing. It was decided to adapt this hardware to existing F-4 and A-7 wind
tunnel models for a test program which would technically and economically s-itisfy tte c.rrent Study needs.
The following sections describe the test program and include a description of test. hardware, variables
encompassed, and related test preparation.

3.1 Program Description and Test Capabilities

The wind tunnel test program consisted of instrumenting 0.05 scale models of both the A-7 and F-4
aircraft to measure individual store airloads for both single and multiple carriage stores. In addition,
the A-7 parent aircraft model was instrumented to obtain six-component aircraft force and moment data
simultaneously with the instrumentd store data.

Five component balances (excludes axial force) were used on both F-4 and A-7 test programs to
obtain multiple carriage store airloads data. The instrumented MER is designed to carry six of these
balances simultaneously, one on each of the six MER stati.jns. Data were obtained at all six MER stations
continuously during a rin. The MI17 (MAU-103A/B fin) and BLU-27!B (finned and unfinned) firebomb stores
were utilized in obtaining multiple carriage rack airloads. Instrumented multiple carriage racks were
capable of being tested on all right-hand wing store stations and on fuselage centerline store stations
on both the A-7 and F-4 aircraft models. All multiple carriage store airloads data for the wind tunnel
test program were obtained using an instrumented MER since no instrumented TFR hardware was available.
Six component balances were used on both aircraft models to obtain individual store airloads for the single

f carriage stores. The 300 gallon fuel tanK and the Walleye (AGM-62A) store models were used to obtain the
Ssingle carri,ge airlo.ds. Instrumented single carriage stores 1.ad the capability of being irounted at any

wing store staticn on both the A-7 and F-4 models. The illustratiohs presented in Figure 1 provide a
summary description of instrumented single and multiple store testing capabilities.

Another test capability, which is not o)vious from Figure 1, permits 412 inch (full scale) longitudinal
shift relative to the pylon in the instrumented F-4 single carriage store position for both inboard and
outboard wing pylon stations. It provided additional parametric type store airloads data for the 300
gallon tank and Walleye stores by providing captive airloads data at several chordwise positions. These
data were of considerable value to the technique development.
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A-7 F4 3.2 Test Variables

Any prediction technique
derived through an empirical

(LH) (RH) correlation of data requires an
UHadequate database to be meaning-
Sful. rhe data base must span

RJ the range of variables that
I WALLEYE I ID dominate captive store airloads.

SW AERO EID~ WALLEYE These dominant parameters include
store contiouration; store span-SWALLEYE wise, chordwise, and vertical
pusition; air..raft configuration

cc (wing sweep angle, high/low wing,
Sz etc.); aircraft attitude; and

flight conditions.
i s Many of the variables

0 examined during the wind tunr'el
MM.117 e test program concerned with

LU-27 Mdircraft/store configuration
BLU-27 effeces were included in the

discussion of test capabilities
OSabove (aircraft type, chordwiseI ~~~~~NOTESpoiinsansepitoec)

1. INSTRUMENTED MER RACKS CAN BE CARRIED AT EACH OF THE PYLON position, spanwrie positionetc).
STATIONS ON THE A.7 AND F-4 AS SHOWN AaOVE, BUT NOT AT MORE Remaining variables include the

THAN ONE STATION SIMULTANEOUSLY range of flight conditions tested.
The Mach number range for single

2. TH4E INSTRUMENTED SINGLE.CARRIAGE STORE CAN BE CARRIED AT carriage configurations varied
THREE A70R TWO F4 PYLON STATIONS SIMULTANEOUSLY from 0.5 to 2.0 with data ob-

tained specifically at M=0.5,
0.7, 0.9, 1.05, 1.2, 1.6, and

Figure 1. A-7 and F-4 Instrumented Store Test Capability 2.0. The Mach number range
for multiple carriage configura-
tions varied from 0.5 to 1.6

with data obtained at the same Mach numbers as single carriige excluding Mach 2.0. nifficulties were
encountered with model dynamics when testing multiple carriage configurations at Mach 2.0; therefore, this
higher Mach number was deleted from the test prcgram. The angle of attack range for all test data varied
from -4 to +12 degrees while the yaw angle range variel from -8 to +8 degrees in four degree increments.

4.0 PREDICTION TECHNIQUE

Development of the prediction technique was approached as an empirical correlation of all available
airloads data. The parametric type wind tunnel data obtained from tests conducted as part of this study
were used to complement the existing data.

The question of how to correlate these data into a prediction method that is both simple ard accurate
was answered by preliminary comparisons of captive and isolated store data. Aerodynamic character~stics
of the captive stores were observed to possess much the same linear nature as isolated stores. The isolated
characteristics are presented in Figure 2 for the same store whose captive side force characteristics are
shown in Figure 3. The linear approximation is indicated in each figure by a dashed line an' is an adenuate
representation of the actual quasi-linear data.

6.0 " EXPERIMENTAL DATA
-,LINEAR APPROXIMATION - EXPERIMENTAL DATA

2.0 ,- - LINEAR APPROXIMATION

CY

4.0,-

C y - -4 08 12
CY 4,S•. •a DEG

2.0-2

40 -2.

Figure 3. Captive Store Side Force Characteristics

V This linear characteristic found in most of the data

_ - DEG greatly simplifies the mathematical expressions
needed. Unfortunately, the quasi-linear reiationship

S- displayed by the side force component does not extend
-2.0 to all components for the angle of attack range

desired for the prediction technique (-4/12 degrees).
The captive yawing moment component for the subject
store is presented in Figure 4 along with the linear

Figure Typical Isolated Store Aerodynamic Characteristics approximation covering the largest portion of the
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EXPERIMENTAL DATA desired angle of attack range. As shown in the
---- -- ----- LINEAR APPROXIMATION figure, significant errors will result using the

2) linear approximation above approximately 8 degrees
angle of attack. Even so, there is a linear region
to represent a significant part of the airplane's

cn flight enveiope, and the advantages of using the
linear approxination for each component far outweigh
the disadvantage of some loss in accuracy in a
portion of the desired angle of attack range. It
should be noLed that if the isolated aerodynamic
characteristics of the store are non-linear in nature,

0 then this non-linearity should be expected in the
captive airloads. The advantages of linearizing the

0 1 data base are (1) a simple representation of the
component airload by a y=mx + b type equation and

-4 0 4 8 12 (2) a major variable, aircraft angle of attack, is
built into the mathema:1cal component airload

S-DEG representation. As a resuiL, the data base was
linearized so that each airload cumponent could be
expressed as a slope (force or moment ab i function

-1.0 of angle of attack)and an intercept at zero ai•Ic, of
attack. As a result of the linearized data base, ati
predictions are accomplished in the form of a pre-

Figure 4. Captive Sto.e Yawing Moment Characteristics dicted slope and intercept for each of the airload
components. Because of increasing nor-linearity

.! at the larger aircraft angles of attack and yaw angles,
significant errors are likely outside the range of applicability stated for these variables, A suminary of
nominal method accuracy including some comparisons with experimental data is presented in Section 5.0.

4.1 Basic Approach

A theoretical method must rely on mathematical descriptions of the aircraft components, pylons, racks
and stores to implement potential flow solutions of the store airloads. Any corrections for viscous effect-.
must be handled separately. An empirical method allows much simplification to that approach. The basic
dpproach used in this method applies the concept that captive airloads are the result of a free-stream flow
plus the interference effects. In this way, work that has beir previously accomplished for free-stream
aerodynamic predictions can be used as a base on which to relate captive airloads. This permits the
prediction procedure to be a summation process as indicated below,

Captive Store Airloads = Isolated Store Airloads + Interference Effects

Applying the summation approach to interference increments depends first on airloads for some base
configuration. Corrections can then be added to these initial airloads to account for differences between
the base configuration and the desired configuration. Predicting these initial airloads is called the
initial prediction. It involves assuming the store is in the flow field of a base wing with 450 sweep
and installed at a specific spanwise, chordwise, and vertical location. The next step is tu obtain a
final prediction by applying empirically derived corrections to the initial prediction to compensate for
aircraft confiyuratic, differences and to account for the effects ef the store being in the desired span-
wise, chordwise, and vertical location.

This dpproach was used in correlating the experimental data to develop the prediction method presented
here. Correlations toidentify airloads for the base configuration implement the initial prediction pro-
cedure and were basic to the entire development process. These correlations were performed with M=0.5
data to avoid the increased complexity of compressible flow corrections and shock induced effects. This
is the lowest Mach number of the test data from the wind tunnel tests of this program. Because compressi-
bility effects are normally small at speeds below M=0.5, the method is considered valid for low subsonic
speeds without Mach number corrections.

Correlations of the data to identify corrections needed to account for Mach number and configuration
differences were much more d'.icult than those for the base data. This greater difficulty results from
the many factors which contribute to the aerodynamic differences between the various store installation
configurations. Some of these factors are the reason rigorous mathematical soluticns are not yet practical
for prediction purposes on many installations, particularly for multiple carriage racks. Fortunately,
experimental data indicatm that some of these differences are either small or compensating so that empiri-
cal exprnssions are possible without including terms which evaluate each contributing parameter. A method
ias keen developed by using the available data to establish predictable trends and these trends are expressed
mathematically.

To apply the method, the initial prediction of captive airloads is always made first at M=O.5 by
assuming the store is inserted into the flow-field of the base wing (450 sweep). The initial prediction
is made for the basic airload case (i.e., the captive store airload generated by a zero-yaw pitch excursion
of the parent aircraft). The incremental captive airloads due to aircraft yaw and the effects of adjacent
store interference are predicted as increments to be added to the basic airload. The effects of Mach
number are treated as an increment to be added to the prediction at M=0.5. At a particular Mach number
the total captive airload experienced by a store can be obtained from the following generalized coefficient
expression:

C x OCx + ACx a + ACx

TOTAL BASIC INTF
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wht.1re:

x - can be y, n, N, M, A, or Z representing side force, yawing moment, normal force,pitchitng
moment, axial force, and rolling moment, respectively.

Cx - Basic captive airload generated by a zero yaw pitch excursion of tne parent aircraft.
3ASIC

AC incremental airload due to aitcraft yaw per degree store yaw angle, B.

6 - Store yaw angle equal to TA/C for a right wing store installation and -T A/C for a left
wing store installation,

6C x - Incremental airload due to the effect of adjacent store interference.
INTF

In summary, the total captive dirload experienced by a store can be calculated by incrementing the
isolated store aerodynamic characteristics throughthe initial prediction summation procedure for the base
wing (45' sweep), applying empiri,:al corrections to arrive at the final prediction for the subject wing,
and using the generalized coeficient expression above to sum the major cont-ibutions to the installed
airload.

1.6 i 4.2 Prediction Equations

The variables used in
3 00 deriving the final prediction

1.2 equations for both single and
KOa multiple carriage configura-

K -- tions were essentially the
same. These jariables accounted

0.8 101 store conficiuration charac-
teristics (both physical and
aerodynamic); store spanwise,
chordwise. and vertical location

OA- in the aircraft flow-field; the
interference effect of the
aircraft fuselage ard adjacent
stores; parent aircraft attitudeS• • i • • • (pitch and yaw); and Mach number.

-0.4 -0.2 0 0.2 0.4 0.6 0.8 1.0 1.2

ai As a result of the simi-C larities in the equation forms,
only the single carriage M=O.5

Figure 5. Variation of a witha for a 45' Swept Wing side force slope prediction
equation is presented and dis-
cussed here. The intent is to
describe typical procedures used
in developing the prediction
method.

4.2.1 Initial Airload Prediction

Initial prediction calculations
begin by assuming the store is inserted

1 2 3 4 5 6 7 8 9 10 into the flow field of the base wing
(450 sweep) at the mid-semispan (n=O.5)

position. Longitudinally the store is
AREA SEGMENTS placed at the true captive positionand the local wing chord is assumed

to be the same as the captive position
for the subject aircraft wing. The

NS sidewash characteristics of the base
NOSE wing are known from an analysis of

the flow field data presented in

BODY r1 Reference 1. This analysis yielded
the rate of change of sidewash angle,
ai, with respect to angle of attack,a.

WING This term, ac is known as a function

of x/c for the base wing, Figure 5.
Several definitions concerning

the store and aerodynamic character-

istics must also be made. The total
store planform area is divided into
nose area, body area, and wing area

Figure 6. Area Segmentsfora Typical Store as shown in Figure 6. rhe distinc-
tion in planform areas is required

since aerodynamically the nose and wing are more efflcient producing lift (or side force in this case) than
the store body. Because of this efficiency distinction, factors have been defined using Reference 2 for
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for the store nose, KNOSE, and wing(s), KWING, to weight their respective planform areas in relation to
the stnre body planform area.

With a knowledge of the store geometric aad isolated aerodynamic characteristics, a summation
procedure is performed along the store in the aircraft flow-field to obtain an initial prediction of side
force slope. The store is positioned in the aircraft flow field as shown in rigure 7. The planform area
of the stbre is projected into the X8 , Z8 plane and is defined as side projected area, SPA. The store
is divided into constant length segments from nose to tail, Figure 6,and the SPA is computed for each of
the segments with distinction made as to nose, body, or wing areas.

x= -08 -0.6 -0.4 \-0.2 0 0.2 04 0.6 08 1.0 1.2 1.4

.1

Figure 7. Typical Store Immersed in Aircraft Flow-Field

With the segmented side projected areas defined and the store inserted into flow field of the base
wing, the summation procedure is given by the following relationship.

m
ADJUSTED SPA I K KNOSE KWING SPAn

n=l n n (TAIL)n

where:

m - Number of constant length area segments as computed from store nose to tail.

Ko - Rate of sidewash variation with angle of ttack, Figure 5.
, g

KNOSE - Store nose lift effectiveness.

KWING - Store wing or tail lift effectiveness.

(TAIL)

SPA - Store side projected area, in'., Figure 6.

then:

KC = ADJPSTED SPA
KSF SPA TOTAL

where:

ADJUSTED SPA - Adjusted side projected area of the store as given by the summation equation a&ove.

SPATOTAL - Total side projected area of the store. The sum ot nose, body, and wing side projected
areas.

The initial side force slope prediction is given by thp following equation:

INITIAL = KCSF
PRED
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where:

- Isolated aerodynamic characteristics of the subject store. Equal to CL s S F .
dlIso Computed from the method of Reference 2. ISO REF, deg.

It should be roted that if exuerimental isolated store characteristics are used in the above equation,
the user must still perform most of the computations of Reference 2 since many of the terms of the computa-
tion are used in defining the store nose and wing weighting factors.

The discussion in this section has been limited to the single carriage side force slope in~tlal
predictions. Initial predictions of normal force, pitching moment, and yawing moment slopes for both
single and nultiple carriage, are similar. An additional term is added to the summation procedure for
the moment terms to account for the displacement of the area segment with respect to the moment reference
point. Initial predictions of axial force and rolling moment are somewhat different wit. a complete
discussion included in Reference 3.

4.2.2 Aircraft/Store Interference Prediction

The single carriage side force slope prediction equation is presented below.

(,)• : KC (-)X K KINTF KL KZ K,,

PRED ISO T 1

The initial term, KCsF \q , in the above equation is the initial prediction discussed in Section

4.2.1. The remaining factors are empirical corrections to the initial prediction to compunsate for the
effects of the parameters previously mentioned in this section.

The first empirical correction, term, Kn, is a factor to compensate for the spanwise position of the
subject store. This factor was derived from three independent data sources, all of which were contained
in the data base consisting of the survey data and the wind tunnel test data. In order to derive a span-
wise correction factor, it is desirao!e to have captive airloads data for several store types on all wing
pylons for as many parent aircraft as possible. Two of the previously mentioned data sources came from
the survey. Ona source, Reference 4, contained the BULLPUP "A" missile on F-4 inboard and outboard wing
pylons. A second source, Reference 5, came trom the test program in which the 300 gallon tank and Willeye
stores were tested on all wing pylons of both the A-7 and F-4 aircraft. The third and final data source
was a flow-field investigation of a wing-body combination at low subsonic speeds reported in Reference 1.
The flow-field investigation reported flow angularities both in the lateral and vertical planes for semi-
span stations n-0.25, .50, and .75 for a number of chordwise and vertical locations beneath the test
wing. Ratioing the sidewash flow angularities from the flow-field data, assuming the mid-semispan position,
n=0.5, as the base, the solid curve in Figure 8 was derived. Through a similar analysis the data points
represented by symbols were derived as also shown in Figure 8. Hence, from three independent data sources,
essentially the same spanwise trends were obtained for single carriage side force slope. The final
correlation curve presented for this term is the best fairing of the data presented in Figure 8.

The next empirically derived

1.0 - :orrection to the initial prediction
is the factor KINTF. This term
accounts for the interference effect

0.8 of the fuselage on the captive store
side force slope for high-wing air-
craft. The presence of the fuselage

0.6 near the installed store prevents the
full development of a sidewash flow-
field and, therefore, modifies the

04 -spanwise trends established earlier.0.4 --FLOW ANGULARITY DATA

O WALLEYE The term KL/C is an empirical

0.2 [3300.GALLON TANK factor based on the length of the
/BULLPUP A store divided by the local aircraft

wing chord. In addition to the chord-
0 I -I I wise location of the captive store,

0 0.2 OA 0.6 0.8 1.0 this factor gives an indication of
FRACTION OF WING SEMISPAN - 7 the amount of the store contained in

the non-uniform wing flow-field.

Figure 8. Derivation of Side Force Slope Spanwise Correction The next term, KZ, in the side
force slope equation is a factor to
account for pylon height variation.

Sidewash angularity beneath a swept wing is strongest near the wing surface and decays to zero at some
distance, on the order of a local wing chord length, beneath the wing. Experimental flow-field data
indicate that the decay is exponentially shaped. Other investigators (Reference 6) have developed an
empirical pylon height correction factor for side force slope which is presented in Figure 9 as a function
of vertical distance beneath the wing surface to the store longitudinal axis. riyure 9 also presents the
pylon height correction factor for side force slope developed from the present study for comparative
purposes and is presented as a function of vertical displacement from the wing lower surface to the pylon
rack mid-lug point. The exponential variation with pylon height Is apparent in both cases.
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The final empirical factor, KAl, is a
3 - A) REFERENCE 6 first order correction for aircraft wing

sweep angle. The factor is defined as

sin A/sin ABASE where t, is the quarter chord
sweep of the subject aircraft wing. The base
sweep angle, ABASE, for this factor is 45'
since the initial prediction discussed in

2 -Section 4.2.1 was made for a base wing with
450 sweep angle. This factor has been sug-
gested by several investigators including

KZld those of Reference 6 and is adequate for wing
sweep angles that do not vary significantly
from the base wing sweep (450). For this
reason the range of sweep angles for which
the technique is recommended is limited to
quarter chord sweep angles between 30 and
60 degrees.

The discussion in this section has been

0 _ _ limited primarily to those empirical factors
0 1 2 3 4 pertaining to the single carriage side force

z slope prediction for M=O.5. Presented in
Zn Reference 3 are the prediction equations for
Sd all applicable rack types, store carriage

locations, and aircraft speed regimes. In-
spection of these equations reveals a large

*1 2 SI RESET SUDYnumber of empirical correction factors which
have not been discussed here. However, the
development of those terms was similar to
those presented here, and detailed descriptions
of these terms are included in Reference 3.

KZ 1 5.0 ASSESSMENT OF APPLICABILITY AND ACCURACY

OF THE PREDICTION METHOD

In undertaking this research program,
there was some question regarding the degree
of success that could be expected from a data

o . . ...L I. I .correlation approach to developing a store
o 10 20 30 40 airloads prediction technique. Experience

Z -IN. in developing other empirical methods gave
reasonable assurance that a method was
possible. However, the goal for this program

Figure 9. Comparison of Pylon Height Correction Factors was a method that was easy to use and would
providE sufficient accuracies to make the
predictions sultablc for preliminary design

purposes. The results reported in Reference 3 indicate that this goal was achieved. One of the important
factors influencing these results was the quantity and quality of data used in the correlation. Because
of the limited data obtained in the survey, the wind tunnel data produced as part of the program made
possible the versatility which was accomplished.

Simplicity was achieved in the sense that there are no complicated steps required to apply the method.
There are many factors to be evaluated, but the process is outlined in a systematic sequence of simple
steps. Because there are numerous calculations required for a complete prediction of six comporent air-
loads for multiple store installations, computerization of the method for practical applications appears

* appropriate.

The method has a wide range of applications and capabilities. The method is capable of predicting
the captlie airloads for single carriage and multiple carriage store configurations for a generalized
aircraft including the basic airload (that airload generated by a zero-yaw pitch excursion of the parent
aircraft) and the incremental airloads due to aircraft yaw and adjacent store interference. Establishing
absolute limits of applicability is difficult since this is often a function of the accuracy that is
acceptable. Recommended limits are submitted and sufficient data are presented to implement the method
for those limits. Applications beyond the stated limits will normally mean a decay in accuracy.

The single carriage method Is valid over the Mach number range 0.5 to 2.0 while the multiple carriage
Mach range Is from 0.5 to 1.6. Both single and multiple carriage prediction techniques are valid over the
angle of attack range of -4 to +12 degrees and the aircraft yaw angle range of -8 to +8 degrees although
best accuracy for the increments due to aircraft yaw are for the range -4 to +4 degrees. The aircraft wing
sweep angle (quarter chord) range of validity is from 30 to 60 degrees although the method can be applied
to a wider sweep angle range (say 20 - 70 degrees) with decreased accuracy. The method is applicable to
all wing/pylon and fuselage centerline carriage configurations. It is not intended for fuselage configura-
tions off the centerline nor to semi-submerged or conformal carriage.

An assessment of the accuracy of the method has been conducted through comparisons with the data base
used In the technique development. The first accuracy check, and possibly the most meaningful, was a
comparison of predicted values of individual airload components with the linearized representation of the
data obtained from the test of that configuration in the wind tunnel. This check is meaningful because
accurate linearized representations, like those shown in Figures 2 and 3, are adequate for most engineering
applications. Wind tunnel tests for airloads data can often be avoided if this type prediction has
sufficient accuracy. The accuracy comparisons with the lInearized data base indicate that all components
for both single and multiple carriage configurations are nominally within lO% of the base value.
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Additional comparisons were made to check predicted values with specific data points. This check
does include the effects of scatter in the wind tunnel data which is not necessarily a true test of the
method. However, it does indicate something of the data non-linear effects on accuracy. Comparisons with
the experimental data base for two single and one multiple carriage configuration are presented in
Figures 10 through 15. These comparisons allow the reader to see the effects of data non-linearity on
accuracy in portions of the angle of attack range.

6.0 CONCLUSIONS AND RECOMMENDATIONS

With the conclusion of the program we are left with a few summary comments and observations which
are mentioned here.

o It is possible to take experimental captive store aitloads data and correlate these data into
matheatical expressions for predicting store airloads for the generalized dircraft/store
configuration.

o Accuracy is sufficient for preliminary design.

o The number of steps required for a six component airloads solution suggests that computerization
of the method is desirable.

o Better accuracy is attained for the force components than the moment components due to the sensi-
tivity of the moment components to the factors affecting the local flow-field such as viscous
effects and adjacent store installations

o Further work should include parametric data obtained on a generalized wing/body aircraft model
"utilizing generalized store shapes to generate larger ranges of data for the most influential
variables. An improvement in accuracy should naturally result.

o Additional work should consider using higher order curve fits of the data base for possible
accuracy improvements.
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Figure 10. Normal Force Predigtion Results
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PREDICTION OF EXTERNAL-STORES AND TIP-TANK LOADS ON WIhG-FUSEIACE CONHIGURATIONS

S.R. Ahmed*

SUMMARY

An evaluation of a first order "panel" method to predict the six-compopent aerodynamic forces and

moments on captive stores and tip-tanks mounted on a wing-fuselage configuration is presented. The method

has been tested on two accounts: Frediction of surface pressure distribution, and estimation of the

resulting forces and moments.

In view of the large number of parameters involved, the main investigation dealt with three geometric

parameters: store chordwise and spanwise location below the wing, and the wihg mid-chord swPep. Influence

of Mach numbe, wi-s investigaterl separateiy over a range of 0 to 0,9. Store/pylon/fin and wing/tip-tanl.

interactions were stuoied on basis of calculated surface flow patterns.

The method was next applied to calculate the forces and moments acting on an extreme forwa:,d, central

and extreme rearward loceted tip-tar.k on the swept wing-fuselage configuration.

Comparisons between wind-tunnel data and rerults of inviscid flow analysis are inclded for high

subsonic speeds.

NOTATION
b wing span

c local wing chord

ca local lift coefficient, based on store maximum frontal area FA

cA lift coefficient, based on store maximum frontal area FA

cM pitching momert / oA , nositive nose upwards, referred to store mid-point

CN yawing moment / qoFArA , positive nose inwards, referred to store mid-point

c static pressure coefficient = (p - po)q

0p
c local side force/ qoFA , positive towards fuselage

cy 0i d fAe q
side force / qA , positive towards fuselage

d store maximum diameterAdA

AF store maximum frontal area -
A4

At ET store and tip-tank overall length

pylon chord

Ma free stream Mach number

p, Po local and freestream static pressure

q 0freestream dynamic pressure

SV. freestream velocity

SVy 9 v velocity components in x, y and z directions

V V resultant velocity of v $ v ano v , v componentst xy ' xz Vx y Vx

X2 y, z distance measured along horizontal, lateral and vertical axis of right-handed coordinate system

xA* YAP ZA distance along store axis from nose, lateral and vertical distance between fuselage centreline

and store axis

x P distance along pylon chord from pylon leading edge

x S c1,ordwise position of store mid-point from local leading edge, fraction of local wing chord,
positive aft

YS spanwisu position of store mid-point from fuselage centreline, fraction of semispan

XTS chordwise position of tip-tank mid-point from leading edge, fraction of wing-tip chord,
positive aft

a angle of incidence (degrees), positive nuse up

M mwing mid-chord sweep

"*Dr.-Ing., Research Scientist, Institut f~r Aerodynamik der DFVLR, Braunschweig, Germany.



1. INTRODUCTION

With the incrcasing demands made on the manoevrability and stcre carrying capacity of combat aircraft,

the aerodynamic forces and moments acting on individual components tend to be relatively large compared to

the aircraft size and Inertia forces. To achieve ,.ompatibility between aircraft and stores, as well as for

a safe structural design, a physical insight into the details of the flow field and accurate prediction of

componant loads are needed at an early design stage. Information about carriage loads forms also the basis

for the initial conditions at the time of store release.

Most of the present day combat airplanes have stores or similar bodies mounted externally beneath the

aircraft wing and are thus placed in a non-uniform flow field of curved streamlines, varying velocity and

dynamic pressure. The highly complex interference phenomena between aircraft and store assembly components

induce sidewash, up- and downwash, and angular flow displacements. These in turn cause normal- and side-

forces, and pitching, yawing and rolling moments on the components. The mutual sunerimposition of the

component pressure fields and that of the parent aircraft has a corresponding influence on the boundary

layer development, often enhancing the adverse effects leading to its separation.

The complexity of the problem, the strong influence of viscous effects particularly at transonic speeds

and by multiple store arran6 ements, makes theoretical prediction of store loads in real flow extremely diffi-

cult. Earlier effort in this field has been mainly experimental in nature. A comprehensive review of both

experimental and theoretical work till 1962 was given by Marsden and Haines, Ref. 1. Based on this they

developed an empirical method to calculate aerodynamic loads, which was later substantiated by more meas.,rt-

ments, Ref. 2, and updated, Ref. 3.

Existing theoretical methods for estimating store/pylon and tip-tank loads use approximate analytical

techniques to allow for the interaction among configuration components. The flow field around the wing-

fuselage is most commonly determined by linear theory. Fernandes (Ref. 4) computes the load along store

axis by applying the so determined local field conditions to the load distribution obtained in uniform flow.

His method is developed for subsonic compressible and supersonic flow. Grose and Bristow (Ref. 5) use singu-

larities to satisfy boundary conditions on store surface. Effects of pylon and fins is not included in the

reported results. Nielsen, Goodwin and Dillenius (Ref. 6).evaluate store loads from slender body theory and

f~n loads from linear theory. Viscous crossflow effects are included, the results however seem to be sensi-

tive to the assumed location of separation point Chadwick (Ref. 7) uses non-planar lifting surface theory

to calculate pylon load& from wing/pylon analysis for incompressible flow. Interference carryover loads

between pylon and store are calculated assuming a constant sidewash.

The present approach, the so called "panel" method, permits a detailed simulation of the aircraft and

store geometry, with the result that the whole can be considered from the outset as a complete entity.

Both the displacement effect of shape thickness and lift generation is accounted for within the frame-

work of potential theory. The mutual interference of all configuration components is simultaneously con-

sidered, and exact, not linearized, boundary conditions for attached flow are fulfilled on body surface.

Thb validity of the analysis is extended to the high subsonic flight regime by the application of G6thert

rule. The method is discussed in detail in Ref. 8.

Output data of a calculation are flow quantities over the entire body surface. Integration of pressure

over the surface, part or whole, yields the forces and moments required.

2. BASIC CONCEPTS OF THE METHOD

The incompressible potential flow around an arbitrarily shaped three dimensional body is considered to

be formed by a linear superposition of a known uniform onset flow and an unknown perturbation flow. The per-
a

turbation flow represents the amount that the onset flow is changed by the presence of the body to produce

the actual flow field. The perturbation flow fulfils the condition of irrotationality and continuity; it can

therefore be expressed as gradient of a scalar potential function. This potential function represents

a solution of the Laplace equation.

In the flow field, perturbation effects vanish at distances far from body and on the body surface,

flow tangency is prevalent everywhere. These two boundary conditions are imposed on the solution sought.

......... mm•• nmmn~iqm • mmljmm
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The solution of the Laplace equation is constructed by arranging a distribution of basic singularities

on the body and wake surfaces. Each of these singularities represents by itself a solution of the Laplace

equation. Effect of this singularity distribution producing disturbance velocitieb at a point on body sur-

face is evaluated as an integral, employing Green's theorem. This integral expresses Lhe induced velocity

at a body point in terms of the known body geometry and the unknown perturbation singularity strength.

Satisfying condition of zero normal velocity (i.e. flow tangency) at a surface point yields a determining

equation for the singularity strength. The procedure has been developed originally by Hess and Smith, Nef. 9.

Rubbert and Saaris (Ref. 10) added the capability to handle problems with circulation and ;ift. Detaif.d

description of the formulation and experience gained with the computing routine used in this paper are given

in Refs. 8 and 11.

3. DESCRIPTION OF THE THEORETICAL MODEL AND SOLUTION IMPLEMENTATION

Simulation of flow about lift generating bodies should include representation of trailing vorticity,

which for the present case consists of contributions from wing, fuselage, pylon, store, fin and tip-tank.

As the trailing surface is treated in the method in a similar manner as the body surface, its geometry needs

to be known in advance. The definition of a trailing surface, especially for bluff bodies, and its disposi-

tion with change of aerodynamic parameters is extremely difficult to describe quantitatively.

A simplified procedure, meeting practical purposes, is adopted to enable the computation. All trailing

surfaces are assumed to be planar, their relative position with body geometry remaining constant with change

of, for example, incidence. Wing, pylon, and fin trailing surfaces emanate from trailing edge and extend

planar, in direction of trailing edge bisector, downstream. Fuselage and store trailing surfaces start at

the bluff aft end, fuselage trailing surface coplanar with that of the wing, and store and pylon trailing

surfaces perpendicular to each other (see Figs. 1 and 2).

With these assumptions body .-ind trailing surface is approximated by plane quadrilateral panels, each

carrying a constant singularity distribution over its surface. Solid surface is represented by a source panel

network. Lift and sideforce generation is accounted for by multihorseshoe vortex system on the camber sur-

face of wing, fuselage, pylon, store, fins and tip-tank. The trailing surface is represented by the trailing

vorticity of the multihorseshoe vortex system arranged inside the body, and emanating at the trailing edges.

The numerical model so developed is detailed in Figs. 1 and 2.

The integral equation for perturbation potential, mentioned ii Section 2, reduces through the surface

discretisation described above, to a sum of integrals, each belonging to a panel. The integ.'als are essenti-

ally functions of panel singularity strength and its geometry. Fulfilment of boundary condition at a point

on body or wake surface yields a linear equation relating the unknown panel singularity strengths with the

known body and trailing surface geometry. Solution of the integral equation means therefore, the solution

of a large system of linear equations, the number of unknowns being equal to the number of points where

boundary conditions are satisfie,.d.

Output data available after a computatiol. are flow quantities at a characteristic point of each panel,

six-component forces and moments of each panel obtainpd from integrated surface pressure, and finally flow

quantities and streamlines in flow field outside the body.

4. EXPERIMENTAL INVESTIGATIONS

4.1 Pressure measurements

rhe experimental pressure distributions fur comparison with theory were obtained on wind-tunnel models
0shown in upper half of Fig. 3. The straight and the 45 sweptback wing were alternatively mounted symmetri-

cally on a fuselage of fineness ratio 8. Both wings, of aspect ratio 6, were untapered, unwarped, and had a

9% thick RAE 101 Section profile, Unswept pylons with blunt leading and trailing edge were fixed vertically

without skew on the wing. Stores and tip-tanks had identical geometry.

Closely spaced static pressure orifices were provided on the wing, fuselage, pylon, store and tip-tank

surface. All test data was obtained at a wing chord based Reynolds number of about 3.3-105. A fuller descrip-

tion oi the experiments conducted at Deutsche Forschungs- und Versuchsanstalt fOr Luft- und Raumfahrt e.V.

(DFVLR), in Germany, is given in Ref. 11.



4.2 Store/Pylon load measurements

Principal dimensions of thc wing-fuselage model used at Aeronautical Research Association (ARA) in

England, for store/pylon load measurements is shcwn in lower half of rig. 3. The results, reported in Ref. 2,

have been utilised in the present study to check the load predictions cf the theory.

The wing 01 aspect ratio 2.8, taper ratio of 0.33, a mid-chord sweep of 45° and a 6% thick RAE 102

section was mounted symmetrically on a fuselage of relatively large diameter. Wizng planform and thickness/

chord ratio are typical of aircraft design for which store assemly loads are require'. Store used in the

tests was a sirple streamlined body of revolution of fineness ratio 8.3. The swept forward pylon of constant

chord could be placed at 0.3, 0.5 and 0.75 semispan locations beneath the wing. Slots were machined at these

pos:tions on the wing underside allowing a chordwise displac-me-nt of store/pylon assembiy to positions with

xý = G, 0.15 ano 0.5. for all test locati'ns, the store centrelire was 1.4 store diameters below the wing

,lcordal plane.

Side forces and yawing moments, for the store in the presence of prlon, and for the full store/pylon

assembly, were measureG at Ma'h numbers between 0.6 and 1.14. The store was tested with and without its

cruciform fins. No tests were coaiducted wid. a tip-tank arrangement.

5. RESULTS OF THEORY AND COMPARISON WITH EXPERIMENT

5.1 Surface Pressure Distribution

Fig. 4 and Fig. 5 show a representative result of the comparison between computed pressure diýtribution

anu experimental data on the pylon, store and tip-tank of the straight wing and swept wing-fuselage configu-

rations. The case chosen is that of mid-semispan location of store under the wing, the tip-tank mounted flush

with wing tip, its axis lying in wing chordal plane and parallel to fuselage axis.

Notwithstanding the idealisation of flow in the theoretfcal model used, the overall agreement between

the measured and calcuiated pressure distribution is good., The decelaration of flow in sections I and 8 along

store meridians and the superimposition of wing pressure distribution on the distributions in sections

3 ana 4 along tip-tank meridians, is predicted very well. The pylon, store and tip-tank models used exhibited

regions of separated flow at the aft end so that discrepancies occur in this region.

5.2 Surface Flow Pattern on Store, Pylon and Tip-tank

Fig. 6 ard Fig. 7 show examples of the theoretical study that explored the detailed variation of flow

on the store and pylon surface with incidence and store chordwise position. fhe theoretical velocity vector

plot for the inboard side view in Fig. 5 depicts the strong influence of incidence on the flow pattern of the

store and pylon. Results shown are for store on port wing. Except in the vicinity of the fins, the entire

surface flow i5 affectod by the incidence cf the freestrean. With positive incide ýce the pylon leading edge

experiences a flow from the inboard to outboard face &s evident from the velocity distributior seen from top.

With negative incidence this flow pattern is reversad. Displacement of store along the wing chord induces

change of the sidewash below the wing. The resulting change in s,,rface flow over store and pylon is depicted

in Fig. 7. Starting with the store chordwise position of x, = 0, a rearward movement to xS r 0.15 brings the

store pylon intersection apparently in a region of higher sidewash as seen 4n the top view. With a further

displacement to xS = 0.5, the flow over the main store body is "straightened", the store nose experiencing

now the region of high sldewasx.

The cnordwise movement of a tip-tank relative to the wing-tip and the subsequent velocity pattern which

develops is represented in the illustrations of Fig. S. Shown are the inboard side -iew, tip-tank on starboard

side, and topview, tip-tank on port side, for the tip-tank chordwise locations xIs 1, 0.5 and 0. The super-

imposition of wing flow field on the tip-tank flow pattcrn is clearly depicted in the sideview. In the top

view, the wing induced inward flew over the tip-tank periphery can be seen.

5.3 Variation of Side force and Lift distribution with various para,.ters

The influence of incidence a, store chordwise position xs, store spanwise position yS and wing mid-chord

sweep p. on side force and lift distribution along store axis is investigated in Fig. 9. For the sake of

clarity only the distribution for store is considered with pylon and fins present.
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When the store is positioned beneath the wing, the induced side force on the store at n = 00 is already

of considerable magnitude and positive, rig. 9a. A4 was indicated in vilocity pattern of Fig. 6, a slight nega-

tive sidewash is present at zero incidence which causes this positive side force. The load is greatest in a

-egion corresponding to the store/pylon intersection. The store side force distribution changes its sign

between a = 00 and a = 0 0; the negative load at a = 100 is associated with the large positive sidewash

induced, as seen in the corresponding velocity plot of Fig. 6. host of the side force in this example con-

sidered is induced near the store mid-point, so that the resultant store yawing moments would be small.

The case with negative incidence is characterized by a reversal of ide force ever a sizable rear

portion of the store.

Store side force distributioi is sensitive to the store chordwise position, as demonstrated by the

curves of fig. 9b. The greatest load is experienced when the store mid-poirt lies below tre wing leading

edge (x, = 0). A drastic reducut' in side force is evident for the rearmost store locaticn of x. = 0.5.

This behaviour is confirmed by the experimental results summarized in Ref. 1.

The nature of variation of store side force with spanwise location is shown in rig. 9c. The trend is for

the side force to increase with distance out along the span, the greatest change being efiected on the rear

half of the store. The curves shown are for the same chordwice store location of x, = 0, so that with stor6

moved out along the span, the trailing t-dge of the tapered wing co.,es closer to the store aft end. This

behaviour of side force change with store spanwise location stands in quolitative agreement with the analysis

of experimental results of Ref. 1.

The variation of store side force distribution suggests that the store yawing monant may vary most with

spanwise position.

Variation of wing mid-chord sweep between the values of 00 and 450 appears to have minor influence on

the side force distribution of the store at the chosen chordwise and spanwise location, Fig. 9d.

The illustrations 9e to 9h depict the influence of the four investigated parameters on the lift

distribution axong store axis. Also here the greatest changes are visible in the region of store/pylon

intersection. it is interesting to note that the store induces - flow accelaration on wing underside at

zero incidence, causing a negative lift on store nore and a positive lift on store aft portion, Fig. 9e.

This trend is maintained also for negative incidence. The major affect of a positive incidence is evident

on the store nose and aft regions which causes corresponding variations in the store pitching moment.

Effects of store chordwise and spanwise displacement on lift distribution as seen in Figs. 9f and Og

are similar to those on the side force distribution. As noted earlier for the yawing moment, the changes in

lift distribution in Fig. 9f and 9 g entail changes in the store pitching moment.

The lift distribution over a major part of the store rear varies with the wing sweep, changing its sign

as the swJeep increases from 00 to 4ro, Fig. 9h. Although in this investigation the relative position of store

mid-point to local wing leading edge is retained, the change in fm decreases the wing leading edge and

trailing edge sweep, the latter becoming negative for Tm = 00. This drastic change in wing plan geometry

overshadowing the store aft Fart is responsible for the lift distribution change with Vm' An interesting

insight into the side load distribution over the pylon height is afforded by the pariseter study in Fig. 10.

As earlier in Fig. 9 the influence of the 4 parameters: a, xS, y3 and 1m is investigated. The side force

values are minimum near the pylon/store intersection (z/z = -0.64) which for potential flow could be
A

explained by the "straightening" effect of the pylon/store intersection on the surface flow. The values of

pylon side force are invariably much smaller then the values for the store. The most pronounced change on

pylon side loads is seen from fig. 10 to be effected by incidence and spanwige location. Pylon side loads

which are prezent even at zero incidence Increase and change sign with a. Tne velative increase in Cy is

much stronger with negative incidence as for the positive values of a. Anel-har rmportant parameter which

leads to a rapid Increase in pylon side loads is the spanwisc positions. However, the 5panwise Position

r•ffcts are of consequence for values of Y. above about 0.75. Chordwise displa9cryrrt of stcm/pylon assembly

on thM wing or change of wing sweep have, as indicated 31 Fig. 10, little influence over pylon side loads.

The force distribution on the tip-tank is sirongly influenced by wing pessuxe distribution aw borne out

by the curves In Fig. 11 which show the effects for an extreme rear,.ard, central and t-I'ece for-ward placed

tip-tank. The tip-tank geometry chosen in the astudy is identical to that of the ARA store uthoqt fins, which

has a slenderness ratio of I?%. compared to wing thicknesb/vhord ratio of 5%,
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Highest values of side force and lift are obtained for the extreme forward location of the tank,

whereby the maximum is located near the tip-tank mid-point which for this case also lies in the vicinity of

wing leading edge. As the naxiinum is located near tip-t*ank mid-point, the corresponding yawing and pitching

moments can be expected to bt small. Moving the tip-tank rearward to the central position shifts the location

of c and c maximum towerds the tip-tank nose which is a direct consequence of the location of wing leadingy a
edge. As the maximum st¢re diameter is shifted now aft of wing leading edge, the abso±i-te values of c andy
ca maximum also decrecse. The curves for cy and ca for the central tip-tank location are asymmetric so that

the yawing moment and pitching mormen, values would be high. For the extreme rearward location of the tip-tank,

the side force over the whole tip-tank axis remadns negative (nose outwards) with a fairly const.nt value

over the rear half.

5.4 Variation of foi ces and moments with various parameters

The force and moiient distributions as discussed in Figs. 9, 10 and 11 can be integrated to evaluate

the force and noments acting on the store, pylon and fins. A comprehensiv• representation of the influence

of ,he four parameters u, xS, YS and T on the store, pylon and fin forces and moments is shuwn in Fig. 12.

The values plotted for a component include the induction effect cf the other two components of the store/

pylon and fin assembly. The physical quantity most sensitive to a parameter change turns out for the store

to be the side force cy as inferred from Figs. 12a to d. The variation cf ,store cy with the parameters a

and YS is non-linear, especially for the negative incidence range and for outboard locations exceeding

YS = 0.7. Lift coefficient for the store remairs practically constant between the values of a = -30 to 30.

Moving the store rearwards along chord, outboard along span or decreasing the mid-chord wing sweep decreases

the store lift. The store pitching moment cM is essentially a function of a and to lesser extent of xS and yS.

Except for a change of sign for high y, values, the yawing moment cN for store is relatively little influ-

enced by the parameters under study. Variation of the rolling moment cL for the store was negligible and

its absolute value very near zero, so that the result has been omitted in the Figs. 12a to d.

Sizable variation was observed in the case of the pylon for the side fo-ce, for the paramEters a ani

YS' Figs. 12e to h. It is interesting to note the high value of pylon side force for negative incidence.

Pylon yawing moment (cN) behaviour seems to be of consequence for high values of yS where its value changes

from negative to positive.

The last column in Fig. 12 shows the forces and moments acting on the four store fins. Except the

rolling moment cL, whose value remains very small, the contribution of the fins to all oner forces and

"moments is very high. Major part of the lift CA' pitching monwnt c. and yawing moment oN of the store/pylon/

fin assembly would, according to the result of Figs. 12i to i. be contribLted by the fins.

Fig. 13 shows the variation of loads and moments on the tip-tank configuration studied earlier in

Fig. 11. As indicated before, the central tip-tank location results in lowest side force value but highest

values Df pitching and yawing moments. Low values of pitching and yawing moments are obtained for the forwar-d

tip-tar.k location, with the side force attainin9 a high negative value for the rearward position.

5.5 Campareson with experiment

The theoretical prediction method has been tested by comparing the computed forces and moments with

the results of a series of wind-tunneltests conducted at the ARA in England (Ref. 2). Fig. 14 shows a

representative example of the agreement obtained between thi theory and experiment. The first set of results

a*e for three chordwise positions xS 0 0, 0.15 and 0.50, and the second set for the two spanwise positions

of vS = 0.5 and 0.75. In the first set, the spanwise store location was y. = 0.5 and in the second set the

chordwise store location xS

Except for the h'gh incidence range and the rearmost store location, agreement between theory and

experiment is gooc. Even though the values for the casa of xS o o.5 and negative incidence are overestimated,

the non-linear behaviour of experimental results is also exhibited by the t.'eory. A rather severe test for

the theorv is the comparison of yawing moment results. The basis of the calculation of forces and moments in

the prediction method is the assumption of constant )ressure over .he panel surface and that the resultant

force te acting at a characteristic central point , the panel surface. The approximation of the continuous

surface by plane suirface elements, the otnLaing error due to misallgnment of resultant force direction and the
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error caused by the assumption of the force acting concentrated at a point on the panel, lead to discrepan-

cies especially in the prediction of moments.

A typical result of the a;greement between the predicted yawing moments for the store assembly compo-

nents and experiment is shown in Fig. 15. The results for store plus pylon and store alone are for the fins

off case, whereby the computation was done without fins in the theoretical model, to conform with the

experiments. Fin yawing moment was obtained as the difference between fins on and fins off cases.

Theoretical prediction of store plus pylon and store alone yawing moments is for not too high incidence

satisfactory. The non-linear trend of cN-variation is essentially reproduced by the theory.

The real flow over the sharp-edged fins bears little similarity with the attached potential flow. Side-

wash produces separation reaions n~av the -h!.s-p fin tadr •dges, wnicn is one of the main causes of the

discrepancy between the experiment and predicted results.

Effect of compressibility in the subcritical Mach number range is allowed for in the method by the

Gdthert rule. Although it is speculative to expect a reasonable prediction beyond a Mach number of say 0.6

by this method, a sample calculation was performed for a configuration at zero incidence between Mach numbers

of 0 and 0.9. The values of computed side force are compared with experimental data in Fig. 16. Agreement of

theory with experiment is quite satisfactory. Increase of side force with Mach numb-r is, in its trend,

correctly predicted.

6. CONCLUSIONS

Six-component aerodynamic loads and moments have been calculated for a wing/fuselage/pylon/store/fin

and a wing/fuselage/tip-tank configuration with the help of "panel" method for high subsonic Mach numbers.

Some results of pr,-ssure distribution on a straight wing and swept wing-fuselage configuration with pylon,

store and tip-tank are also included.

Parameters considered are incidence, store chordwise and spanwise locations, tip-tank chordwise location,

and Mach number. The study reveals that pylon loads and moments are mainly influenced by incidence, chordwise,

and spanwise location. For the store, the wing mid-chord sweep affects, in addition, the loads and moments.

Contribution of fins to value of total loads and moments is high and exceeds in most cases that of store and

pylon.

Comparison with experiment shows that for attached flow conditions the estimation of forces and moments

by this potential flow analysis yields adequate agreement. Accurac3 of results obtained suffices for pre-

liminary design. Viscous effects present in the real flow cause a rpn-linear behaviour.

The predicted force and moment results for store assembly components exhibit non-linear behaviour, so

that non-linearity observed in experimental data is not the result of viscous effects alone.

i

I!
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Source- Panel arrangement

Multihorseshoe vortex system

Fig I Numerical model of swept wing-fuselage

Source - rIanel arrangement

Fin

Pylon

Store
Multihorseshoe vortex System

Fig.2 Numerical model of pylon and store with fins
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Fig.6 Variation of' velocity distribution with incidence
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Side V1,8 (inboard)

V z V'r =V + YV
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Fig.8 Variation of velocity distribution with) tip-tank chordwise position
(Side view: tip-tank on starboard wing, top view: tip-tank on port wing)
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COiIPARISOIT OF PREDLCTLD AEihODYNAL1IC LOAD)Ihf' .,ITH FLIP;I.T ', hi:S'.;LS

by

Jan Klous

SAAB-SCANIA ABS

3 58188 Linkoping, Sweden

SUMVIARY

Four loaa prediction problems of the more intricate kind art treated in tr.is paper. In the 1irut
three cases,

prediction of lonas on wing mou'nted external stores during rolling pufl-ots,

• prediction of fin loads during fast rolling manoeuvres,

effect of airfrsane elasticity on load distribution,

it is shown how windtunnel data, combined with fairly simplc computation proceuure.c, ca!. pXrviuC auu-
quate load predictions that are in good a;reement with flignt test results.

In the fourth problem area,

loads due to encounter with ing-tip vortices fro., aircraft at hign loam faccors,

results from the first stage of a flght test prograi that has been starteu, a:re shoin.

INTRODUCTION

The importance of having reliable load predictions avaulable in an early stage of tne uermign and of
avoiding subsequent flight testing, is obvious. The aim of thir paper iu to L, w r, acCount of a number
of cases 'n which Saab-Scania's experience indicates that loaa piedictio:,; of .ueq.auu reliability ca:.
be obtained by windtunnel testing and to show examples of the agreement with flight test retlts.

LOADS ON EXTERNAL STORES

Comparison between windtunnel tests and flight tests

The aerodynamic load on the Rb 27 (Falcon) misaile, wing mounted on the Saab 3,) Draken "irciaft, ee
figures 1 and 2, was measured in the 1 x 1 m2 transonic-supersonic wvindtunnel at the FFA, Aerunat,.cal
Research Institute of Sweden. The tests were done on a 1:18 .cale model at I..ach numbers, .5 to 1.9,
using a five component strain gauge balance inside the missile, connected to the pylon by means of a
vertical strut. The opposite wing station was utilised for a simultaneous aesunrement of the loactiL
on rissile plus pylon by attaching the pylon to the miassi.e and attaching the stzrit, through an opening
in the pylon, to the wing.

In a later stage of the program,
loads were measured in flight
tests with a special dummy mis- ...

si-e containing a six component ---
strain gauge balance. The varis-- ---- a'
tion of the air loads with angle
of attack, angle of sideslip and
,Mach number showed good agree-
ment with the windtunnel test
results.

The critical loading case for a
6 wing mounted pylon and its attach-

XC ~ment usually is a rolling pull-out.
The reason fcr this is that on the
downward moving wing the most im-
portant loading components, side -

loads and rolling moments, due to
several factors all act in the
eame direction. Loads due to

Fig 1. SAAB 35 DRAKEN

angle of attack, inducing sidewash,

rolling velocity, inducing mass loads and a increase in local angle of attack

angle of sideelip, induced by aerodynamic and inertia coupling,
all add up to critical loads.
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it would be a distinct advantage if misenle loads
durinL a rollinL pull-out could be prelicted ade- 0
quately from windtunnel r.sults witnout recourse
to complicated computational methods. Therefore, ,y
flight test measured wiss~le loads during rolling
pull-outs were compared with loado, calculated
from winstunnel tests by using the flziht test
values ot 4,.ach number and angle of sidesi~p and 1
using as angle of attack the local angle of attack
at the missile station 0

'Ii55sile X~sc + Y ý/V

An example of the result of this comparison is Cz ...
shown in figure 5 for a 3600 rollinj manoeuver at
a load factor nz = 2.5 for the missile on the down-
ward moving wing. Completely satisfactory anree- 0
ment was obtained consistently for the aissile on
the downward novinC wing. The loads on the upwaru
moving sing aid not show quite such good agreenent. test
During a part of the rolling manoeuvre better a~ree-
ment is obtaineo with a calculatior in wnich the -5 - --- cac.
yxi - contribution o Ogmiszile is neglected, ut -0.5
the reason for tnis i. not clear. As the loads on Cl
the doainward moving wing are mure critical than
those on the upward moving wints, this lesser ae;ree
of agreement is not of great importance.

As a consequence of tne good prediction that was
obtained for missile loads, even during complicated 0
manoeuvres, the anount of flight load testing of
external stores at Saab-,Scania has ceen arastically Cm
reauced and replaced by windtunnel tests which can
be done in an eaý-i.er design staee. A later check -5
of windtunnel-measured loads on the Rb 04 on the
Saab 37 Viggen, for which especially reliable load- -6 --

ing data was considered desirable, confirmed the
agreement between windtunnel and flitht tes. re-
sults. -7

Effect of gap between missile and pylon 7

It has been mentioned above that the strain gauge
balance in the Rb 27 windtunnel model was attached .
to the pylon and not t. a separate sting. Although 10
the torsional flexibility of such a strut has occa-
sionally caused excessive deformation in yaw of the
missile model, the strut-uttachment has the impor-
tant advantage that accurat• contro ofth a be-0 5 t i me (sec)
tween missile and pylon is possible. A separate
stin6 almost inevitably -mplies a larger gap in or-
dei to avoid contact between i£ssile and pylon and I,',-, 3. MISS]La lOks IUJAINC A 'U0 5 0LIING"
considerable variation ort gup Lize due to flexibi- MA:I0EU7Vul AT - , i,
lity under the varying loass during3 the winatunnel
tee to.

2he importance of the size of t.,e gap tetween missile and pylon i Uli"utrateA oy figure 4 vhich shows
missile rolling moment as a function of gan nize for the wing-mounted Rb 71 ýSpurrow on the Saab 37

SViggen ut differant angles of attack. ligure 5 shows missile rollin,; ooment as a functioi. of missile
forward travel for different gap .i•,',. Because of the gap si;.e effect, the Sarb-Scania windtunnel
tent programs that u•e iting counted missila models for the seasuroment of aircraft-missile inter-
ference for separation calcuiatiuns art sually complemented by measurements with the missile model
strut-mountcd in several fixoc positions to obtain accurate loading duta for stressing purpo-.es, as
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,ell as accurate Interference data for the very first part of the, missile path, where interference
effects are most important.

?I-" LOADS

-omparison between windtunnel tests and flight tests

.n slender delta wing cor.figurations such as the Saab 35 Draken and 37 Viggen, appreciabie angles of
ziideolip occur during fast rolling manoeuvres due to inertia and aerodynamic coupling. An important
cause of aerodynamic coupling on these aircraft is the side load on the fin which is caused by differ-
ent elevon angles on port and starboard elevon during a rolling manoeuvre.

,n •he Saab 35 Draeon, fin loads v.ere measured on a 1:18 scale model at .,acn n.'.mbers .5 to 1.5 in the
YW' 1 x I m2 tranuonic-supersonic windtunnel by miunting the fin on a separate three-component strain

au c balauice. Besiue the usual parameters, angle of yaw, angle of attack and rudder angle, that le-
fine fin loauinij, the effect of ileron and elevator angle (superimposed to elevon angles) on fin
loading was determined.

S'in load sieasurements in flight were executed in a manner very similar to the wlndtunnel tests, the
norral fin attachmients being replaced by c:.casurint; elements witn strain gauges. After some initial
calibration difficulties caused by tee fairings carrying more load than was expected, good agreement
ma obtainca with tee windtunnel teat results during steady siderlip and yawing oscillations.

'Ile -ain air of tee flight test progiam was the measurement of fin loads during fast rolling manoeu-
vres a.- a check on fin design louds. Subsequently, an attempt was made to calculate the fin loads Our-
in, -ucun roliing manoeuvras with the help of the windtunnel data, using the test flight conditions as
Sbasis. ihe fin loads, side force, bc.u.ng moment and torsion moment, were determined from the wind-

tunnel oata for the flight test measured angle of sideslip at the correspondin6 ,.,ach number, angle of
attack and elevator ang;le. Corrections .yere then applied, for the effect of aileron angle and rudder
angle, dotermined fromn windtunnel lata, and for the effect, of roll rate, determined by a simple cal-
culation of ,he load distribution.

An ex.mplc of the reculting ccmparison is shown in figure 6 for fin tending moment during a ;600 roll
at = .93, f: =6. km, nz = 3. A slight zero shift of the calculated value seems to be present, which
is due to rudder angle. As the cause of this shilt could not be dcterminee it was prefeired to use the
Sneasureu values at; read from the flight tests without arbitrary corrections, although these would im-
orove the result.

;'he same degree of agreement that is shown in figure 6 rwas obtained in other cares. For cach rolling
manoeuvre for which fin loads were calculated, the maximum load for each manoeuvre was compared with
the flLght test value. In figure 7 the cumulative probability distribution of calculated fin load ai-
dvied by flight test measured fin load has been plotted on normal distrioution paper. The distribution

it. seen to be nor=al with a mean value of .96 and a standard deviation of .075, which must be consid-
ered satisfactory.

Sidesl-p ouring rolling manoeuvres

For both missile load and fin load calculations, flight test moacured values of angle of attack and
sidcslip durine the rolling manoeuvros have been used. It would of course be advantageouIs if the angle
of attack and sideslip varJation during. rlling manoeuvres could also be predicted. Our experience
shoas, however, that these variations only can be computeu when very accurate aerodynamic data are
available. Tne degree of acouracy that is necessary has thus far not been achieved without the ex-
tensive use of flight test results.
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The fastest way to obtain the necessary data is
therefore often to measure angle of attack, side- Ux (deg/sec)
slip etc during rolling manoeuvLes in flight tests.
The fact that flight tests must be used does to some 150
degree decrease the advantage of being able to cal-culate missile loads and fin loads, but the saving 100
of the time and expense involved in the flight test

measurement of these loads is still considered to be
a worthwile advantage.

.eynolds number effects 0

The agreement between windtunnel and flight test
results indicate that no significant Reynolds num- 8"
.ar rfects are present on the missile and fin ar- 4
rangements that are considered here, even though -

the Reynolds number, based on aircraft m.a.c., is 3
below 5 x 106 in the windtunnel tests and around 2
65 x 106 in the flight tests. Missile configura-
tions like the Rb 27 are usually not very sensitive I
to Reynolds number and delta wings like the Saab 0
35 Draken have been shown in ref 1 to exhibit good 1
agreement between aerodynamic data from flight tests
and from low Reynolds number windtunnel test. -2

Possible Reynolds number sensitive has certainly -3

to be kept in mind, while on the other hand criti- -4
cal loading cases often occur at high speeds ana
low or medium altitudes, which entails moderate -- test
angles of attack and sideslip where Reynolds number calculation
effects may be neglectable. Q02

AEROELASTIC EFFECTS ON WOAD DISTRIBUTION QO1

"lie effects of airframe elasticity on the aerody- 0 2 4 r
namics of the Saab 37 Viggen (figure 8) are appre- -(Q01 D
ciable, see ref 2. which makes aeroelastic correc- -002 t ime (sec)
tione of the load distributions necessary. -Q03

The basis for the determination of all aerodynamic
loading distributions is a windtunnel pressure :meas-
urement in approximatply 280 points, distributed Fig 6. FIN BEIN.DIG MO•S,2 DURJI:1 A 360° ROLLII.d
over the entire aircraft model. 'he correction for MLNUZiJUV.2E AT M=.=93, h=6.5 kr,, nz
aeroelast2c effects wao computed, using a vortex
lattice method for subsonic speeds and a panel aeth-
od for supersonic speed as described in ref 2, in ,95
the following way. p

LoaC diatributions were calculated on the rigid air- .90
craft for the required load factor, Mach number, o
altitude etc. includinj the neccssaxi' (rigid) con-
trol surface angles to trim, the aircraft. Then the .80
same procedure was repeated for the elastic air- "
craft, thus resultinC in tne same load factor but .70
different angle of attack and controi surface sag--
les. The differenco between these two i,-d distri- .60 C
tutions, constituting a load distribution that, in-
tegrated, yields neither loads nor moments, was .50
applied as a correction to the distribution drived
from windtunriel data. .40

"Although reductions of up to nearly 70 ; in elevon .30 0
effectiveness compared to the ricid aircraft do
occur, the load distr-oution corrections arc small .20 0
due to the opposing effect of eleven angle and angle
of attack. The smallness of the corrections causes
simplifications in the coxputation model to be of
less importance, thm. rendering tne most acý.urate .10
result for t.h.e efforr involved. An example of the
correction of the load distribution on the main wing 05
in a symmetric pull up at. I: - .9, H = 0 is shownt in "
figure 9.

; V | "
'" WinL; and canard loads were checked in flight tests
I: g: ,by *train gauge measurenento. ain wing bending

moment vs. load factor accoraing to the predictiono8 .9 ic 01y
is compared in figure 10 with flight test results,
confizmirk5 that the windItunnel pressure measurementst
with the computed acroelastic corrections predict
correct load disti'ibutiona.

7. PROB1.J3ILITY DISTI UlTION OF CALCULATED
2Ji'. LOAD DIVIDE" 21Y FLGd0, _'%ST '4EASURBD

___________________"IN_ IO
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LOADS DUi, TO ENCOUITER WITH WING ill' VOMTICLS

An estimate of thc vertical velocity of the air between the wint, tip vortices of an aircraft shows
that this velocity gives rise to a load factor increment on a second aircraft (sa.e type at sic e speed)
approximately equal to the preccdinL aircraft's load factox if t~ie encountur is relatively symmetrical.

During dog fights, resulting load
factors can thus be very hith,
which is confirmed by overload
reporti; from Saab 35P Dralren ope-
ration. Alti.ou~h high load fac-
tors do occur, the probability
of their occurrence is suffici-

ently low. The probability of
exceeding ultimate load factorno (due to vortex encounter is well
below 10-6 per flight hour.

Anotner simple analysis shows
that the sidewash of one tip
"vortex may cause appreciable
side load if the second aircraft's
fin tip is near the vortex core
long enough for a yawing oscilla-

-- tion to develop.

--- J --. L-, - In order to check these calcula-
tions, a few test flights were
conducted in which the leadint,

I aircraft flew at load factors 1,

Fig 8. SAAB 37 VIGGEN 2 and 3 while the second aircraft,
at the same speed K = .8 at H = 4
In= made slow and fast, downward
and upward symmetrical passages

---- RIGID WINDTUNNEL MODEL4
-CORRECTED FOR ELASTICITY (kpm)

(kpm)

3 - PREDICTION
X FLIGHT TESTS

2 -7

5 nz

S/ Fig 10. COUPARISON OF MAIN WfING BENDING MM01ENT,
PREDICTION AIM FLIGHT TEST RESULTS, ri=.8-.9,

of the tip vortices and also tried to put the fin

into one of the vortices.

\ The test results are shown in figures 11 and 12.
The results show appreciable scatter because the
leading aircraft's vortices were not visualized by
smoke. The envelopes of the points for downward

~. passage and upward passage in figure 11 show that
"the simple rule Anz V nz.leading a/c is reasonably
correct, although higher load factors do occur. The
fast passages tend, naturally enough, to result in
the highest load factors. The occasional very high

1* load factor during a slow passage is due to the pi-
lot keeping the aircraft in the vortex field until
it, according to his report, was thrown out. The
effect of the autopilot is, as could be expected for
such high-gradient disturbances, negligible. The

Fig 9. LOAD CORRECTIONS DU9 TO AERO- normal load factor increments in the fin-in-vortex
AS EFFCTS, MAI NG S case are, as coulL be expected, lower than during

the symmetrical passages.
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Figure 12 shows moderate lateral load factors during the (attempted) symmetrical passages, but
appreciably more vigorous disturbances in the fin-in-vortex case. In fact, the envelope gradiunt
indicates that the fin-in-vortex case may result in damage to the second aircraft. During these
preliminary flight tests the second aircraft's test equipment was, however, not suitable to deter-
mine the loads with sufficient accurazy. Therefure, preparations have been startea for additional
flight tests during which loads will be measured at the main fuselage joint, at the main fin bracket
and at the external tank pylon.
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WING-VORTEX LIFT AT
HIGH ANGLES OF ATTACK

Richard P. White, Jr.*
Systems Research Laboratories, Inc.

RASA Division
1055 J. Clyde Morris Boulevard

Newport News, Virginia 23602

SUMMARY

The beneficial effects of attached vortex flows on the aerodynamic characteristics
of swept tapered wings at high angles of attack is being investigated by thecretical and
experimental techniques under a continuing research program.t

It has been determined from the results of the experimental investigations that the
maximum lift generated by a low aspect ratio swept wing can be increased by 60 percent
due to the suction and induced effects of attached vortex flows. The manner in which the
vortex flows effect the performance characteristics of the lifting surface will be dis-
cussed in terms of the measured performance characteristics, surface pressure distribu-
tion and the results of flow visualization studies. On the basis of the results obtained
during this research investigation methods of further enhancing the performance character-

.1 istics of low aspect ratio wings by means of controlled vortex flows will also be dis-
cussed briefly. In addition, the correlation of theoretical predictions based on a
refined theoretical analysis technique, now under development, with experimental results
will be presented.

1.0 INTRODUCTION

In the past, emphasis has been placed on maintaining the flow over lifting surfaces
fully attached in order to achieve benefits in the performance and maneuvering character-
istics of high performance aircraft. It has been found, however, that leading edge sepa-
ration and the resulting nonlinear incremental lift contribution of concentrated vortices
can, if properly generated and controlled, be of great benefit to the overall performance
characteristics of a low aspect ratio lifting surface. Control of the concentrated vortex
flow by devices such as snags, strakes, and canards has been found to stabilize the local
flow, to increase the maximum lift coefficient, and to increase the subsonic and transornic
maneuvering capabilities of the lifting surface. These type of concepts have been cited
for the superior performance characteristics of the YF-16, YF-17 and Saab A37 aircraft.

Under the spcnsorship of the Office of Naval Research (ONR), the RASA Division of
Systems Research Laboratories, Inc. has been investigating the effects of vortex flow and
vortex flcw interactions on the aerodynamic performance characteristics of various types
of lifting surface configurations. Initial efforts in this research were focused on the
fundamental interaction mechanisms of concentrated vortex filaments with a finite wing
(Ref. 1). In this initial study, a simplified potential flow analysis was developed to
predict the incremental lift and drag contributions resultLng from the interaction of a
lifting surface with a concentrated vortex filament of spezified strength, orientation
and geometry. The basic theory, which included nonlinear effects, showed positive correl-
ation only in predicting the trends of the available measurements of the incremental lift
and drag resulting from wing/vortex interaction when snags, strakes, and canard devices
were utilized with lifting surface configurations. On the basis of the results that were
obtained during the initial effort, it was concluded that the efficiency of a vortex formed
in the pressure field of a lifting surface in generating incremental lift was by far the
best approach as the suction field generated by this type of wing/vortex interaction is
far in excess of the suction field associated with a free vortex of the same strength
interacting with a lifting surface.

Subsequently, an experimental research program has been carried out, in part to
demonstrate and to verify that beneficial incremental lift can be obtained from a controlled
vortex generated by and interacting with a lifting surface and also to determine the
mechanism by which the favorable performance gains were achieved. In this program, which
Is summarized herein, studies were conducted using an F-4 type of wing planform with and
without leading edge vortex-control devices including a strake, a snag and combinationsthereof. Measurements were obtained of the pressure distributions and the total forcesand moments on the lifting surface. Flow-visualization studies were also carried out

using the helium-bubble technique of flow visualization.

in conjunction with the experimental program, effort has been directed toward develop-
ing a suitable analysis procedure for predictina the development of vortex flows, the

*Division Manager

tThe research effort is being sponsored by the Office of Naval Research (ONR) under
Contract No. N00014-74-C-0091
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interaction of these vortex flows with the lifting surface and their subsequent effects
on the performance characteristics. Since the prediction technique, by necessity, must
consider mixed flow regions of potential flow, separated flow and vortex induced and
suction flow effects, its successfutl development, while a challenge, is showing great
promise as a useful design tool.

This paper will describe the results of both the theoretical and experimental phases
of the research program and will focus on the advancement of vortex-control technology as
a step toward its successful development and wide-scale application on existing and future
aircraft.

2.0 DESCRIPTION OF MODEL AND TEST

The model used in the program was a swept, tapered, semispan lifting surface similar
in geometry to, and approximately a 1/4-scale version of the F-4 Phantom wing planform.
While many different individual and combinations of leading edge vortex generating and
control devices were tested in the program, this paper will deal primarily with the results
that were obtained by the use of an outboard leading edge snag and an inboard strake both
separately and in combination. A summary of the results obtained for all of the configura-
tions that were tested can be found in References 2 and 3. Figure 1 shows a photograph
of the model, with the strake attached, mounted in the wind tunnel as well as a planform
sketch of the model showing the dimensions (in inches) of the basic wing and leading edqe
vortex generation devices. The basic wing planform is shown by the solid lines in the
figure and the dashed lines show the removable leading edge snag at the outboard section
of the wing, and the removable strake at the wing root.

The inboard strake modification consisted of a triangularly-shaped, leading edge
extension which increased the planform area of the model by 6%. The strake was constructed
of 1/4-inch thick metal plate with a wedge-shaped leading edge. The leading edge wedge of
the strake had a 6.40 included angle, and was swept 750 with respect to the free stream.
The strake also had the capability of being oriented with a relative angle of attack with
respect to the chordplane of the wing.

The snag consisted of a 6% extension in the local chord starting at the 68% semispan
location. The snag was tapered linearly from this point to the tip chord. The snag
changed the profile of the wing slightly and the extended chord was faired smoothly to the
normal wing profile. The snag increased the planform area of the wing by 0.7% and was
similar in geometry to the wing snag found on the F-4 Phantom aircraft.

In order to measure the detailed pressure distributions on the semispan model,
pressures were obtained from a total of 255 static pressure taps on one side of the air-
foil. Pressure measurements were taken at both positive and negative angles of attack and
the combined measurements were then used to compute the differential pressure coefficients
and/or the loads.

Forces and moment on the semispan model were measured by a six-component, yoke-type
balance located beneath the floor of the test section. The balance measurements were
monitored on-line prior to off-line computer processing into the lift, drag and side
force, and the pitch, roll, and yawing moment coefficients. The pitching moment was taken
about an axis which passed through the quarter chord line of the mean aerodynamic chord,
and the rolling and yawing moments were referenced to tle wing root.

Flow visualization of the vortex flow in the vicinity of the model was provided by
neutrally-buoyant helium bubbles which were released upstream of the model. The bubbles
were illuminated by a collimated beam of light and were observed visually and photographed.
A detailed description of the flow-visualization system and technique for ita use can be
found in Reference 4. Visualization of the surface flow was obtained by means of tufts
attached to the wing at each of the pressure tap locations.

3.0 DISCUSSION OF TEST RESULTS

The experimental results that were obtained will be presented and discussed in two
different groupings, first the measured performance results which are the integrated
results of the surface pressure distributions, and second, the surface pressure distribu-
tions, which give some insight as to why the measured iategrated performance character-
istics were obtained wili be discussed in conjunction with the results of the flow
visualization studies which provide an understanding as to how the wing vortex flows
interact to generate the measured pressure distribution.

3.1 Performance Characteristics

The basic performance results which are additive across the wing span and are of
general interest are the lift, drag and pitching moment which are presented for three of
the configurations which were tested in Figures 2, 3 and 4 respectively. In this grouping
of results the only configuration of interest for which data has not been presented is that
"for the basic wing with the snag. The reason that it has not been presented is that while
the snag created significantly different loading distributions than those for the basic

$ wing over the lifting surface below the stall angle, the integrated performance character-
istics were almost identical to those of the basic wing. Above the stall angle of attack,
the snag vortex separated from the wing surface and again the performance characteristics
of the wing with the snag added were almost identical to those presented for the basic
wing.
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The addition of the beveled flat plate strake to the lifting surface, while not
affecting the performance characteristics significantly below the onset of leadino edge
separation ('1l3 degrees) had a very large effect on the performance characteristics at
higher angles of attack. As can be seen from the results that are presented in Figure 2,
the effect of the strake and its vortex flow was to maintain the slope of the lift curve
obtained at angles of attack below the inception of leading edge separation, up to an
angle of attack of approximately 28 degrees. The lift coefficient at this angle of attack
is approximately 1.45 times the maximum value that was measured for the basic wing. Since
the lift coefficient has been normalized with the respect to the appropriate wing planform
areas, this demonstrated increase in lifting capabilities is due to a difference in the
aerodynamic flow characteristics of the two configuration. It is believed that the signi-
ficant difference in the flow characteristics is due to the control obtained by the strong
coupling of the strake and leading edge vortex.

The addition of the snag to the wing-strake coi-figuration had a beneficial effect in
the high angle of attack range in that it increased the lift at a given angle of attack and
yielded a maximum lift coefficient that is approximately 1.6 times that of the basic wing
configuration, which is 10 percent higher than that measured for the wing-strake configira-
tion. It is believed that the reason the snag had a beneficial effect for this configura-
tion and not for the basic wing, is that the interaction of the stronger leading edge
vortex with the snag vortex strengthened and stabilized the leading edge vortex whereas
for the basic wing the leading edge vortex had separated and burst in this angle of attack
range and thus the favorable influence of the snag-vortex could not be realized.

The effect of the strake and snag on the drag characteristics of the basic lifting
surface are shown in Figure 3. The results presented in this figure show that the
increased lift obtained by the vortex flows also increased the drag, but not to the degree
"that would be expected based on a guadradic variation of induced drag with lift.

While the lift to drag ratio L/D for the various configurations are approximately tLe
same at a given angle of attack In the angle of attack range of 20 to 35 degrees, the amount
of lift obtainable with the controlled vortex configurations at a given value of aircraft
drag (power) is higher than the basic wing. This benefit can be illustrated by using the
data presented in Figures I and 2. As an example, at the same drag coefficient measured
for the basic wing at an angle of attack of 28 degrees the lift coefficient of the strake-
snag configuration is 1.36 times that of the bdsic wing. This result indicates that if

* an aircraft configuration has sufficient installed power for the basic aircraft configura-
tion at an angle of attack of 28 degrees then, with the addition of a suitable strake and
snag the aircraft would develop 36% more lift, for the same installed power. Since the
turning radius is inversely proportional to the lift coefficient, the increased lift
available would significantly decrease the turning radius. This performance benefit is
obviously very desirable as regards the maneuverability characteristic of an aircraft.

The pitching moment coefficients about the M.A.C. for the various configurations are
shown in Figure 4. As can be seen the vortex-generating surfaces have a very pronounced
effect on the pitching moment about the M.A.C. For the basic wing the nose down pitching
moment increases in a some-what linear fashion until the angle of attack at which leading
edge separation and the attendent formation of the leading edge vortex is reached at which
point the rate of increase in the pitching moment with angle of attack becomes much less.
As the angle of attack is increased further, however, thf! rate of increase of pitching

* moment with angle of attack becomes larger until it becories approximately equal to that
obtained below the initiation of the leading edge separation. Since the leading edge
vortex is formed when leading edge separation occurs, it is believe6 that the break in
the pitching moment curve of the basic wing is caused by the format.on of the leading edge
vortex. As the angle of attack of the lifting surface i3 increased further the effect of
the weak leading edge vortex diminished due to the separation from the wing surface and
is completely gone at an angle of attack of approximately 22 degrees.

With the strake and the strake and snag added to the basic wing planform the trend of
the pitching moment with angle of attack is approximately the same below an angle of attack
of 13 degrees ap that of the basic wing. Above 13 degrees, however, the trends of the
pitching moment with increasing arqle of attack is opposite to that of the basic wing.
It is believed that the reason for the change in the pitching moment characteristics is
that when the leading edge vortex is formed, its interaction with the strake vortex causes
St to be strengthened and stabilized and thus it continues to grow in strei.gth as the
angle of attack is increased instead of separating from the lifting surface. Since the
leading edge vortex is formed over the inner half of the span, ahead of the M.A.C., it
creates a nose up pitching moment and because of its increased strength, it dominates the
pitching moment. For example, at 30 degrees angle of attack, the data indicates that the
pitching moment generated by the leading edge vortex is 1.5 times greater than that
generated by the entire lifting surface. It is noted that with the snag added to the
strake configuration the leading edge vortex moves slightiy aft and the pitching moment
variation is not as pronounced as it was for the just wing-strake configuration.

Even though the pitching moment is destabilizing in the post-leading edge stall
region, its maximum mignitude is less than one-third of that which was measured for the
basic wing and should therefore be controllable with a properly placed horizontal tail
surface. The proper placement of the horizontal tail surface, however, may be significantly
different for this configuration than it would be for the basic wing because of the vortex
induced flow field on the horizontal tail due tu the vortex wake of the wing. It is of
interest to note that since the vortex lift seems to dominate the pitching moment character-
istics of the lifting surface, that with the use of proper wing planform tailoring to obtain
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an optimum vortex placement, it might be possible to maintain a constant pitching moment
at all angles of attack in the post stall region which would be highly advantageous as
regards the stability and control characteristics of the aircraft.

In summarizing the performance results that have been measured for a low aspect ratio
lifting surface, the addition of a strake and snag to the basic wing planform, a signifi-
cant increase in the maximum C was obtained with a less than anticipated increase in the
drag coefficient. Since this increase in the lift is believed to be associated with a
strong leading edge vortex, the pitching momer- about the M.A.C. while becoming distabiliz-
ing is significantly less in magnitude than that of the basic wing and should be easily
overcome by a properly placed horizontal stabilizer. It is concluded that the reason for
the noted gains in the performance characteristics is probably due to the fact that the
vortices generated by these additional surfaces seem to strengthen and stabilize the
leading edge vortex and the complex mutually interacting vortex flow field tends to
control and stabilize the flow field of the lifting surface above the stall angle of attack.

3.2 Analysis of the Wing-Vortex Flow Characteristics

The manner by which the attached vortices control the flow over the wing surface and
thus the lift at angles of attack below and above the angle of attack at which leading
edge separation occurs can be deduced from the measured pressure distribution and associated
visualized external and surface flows. The surface pressure distributions will therefore
be compared for the various configurations at an angle of attack at which the flow is fully
attached (13.1 degrees) and at an angle of attack near that at which the maximum lift was
obtained with the modified wing configurations (27.7 degrees). At this high angle of attack
the majority of the lifting surface is operating in separated flow.

Figure 5 presents the spanwise distributions of the surface pressures along constant
chord lines for the three configurations of interest at an angle of attack of 13.1 degrees.
It is interesting to note that while the total lift generated by each configuration is
almost identical to the other at this angle of attack (Figure 2) it can be seen that the
spanwise loading distributions are significantly different for the three configurations.
As will be discussed it can be shown that these differences in the loading distributions
are caused by the vortex flows that are generated by the lifting surface and the attached
vortex generators.

In analyzing the effect of the attached vortex flows on the ptessure distribution
over the surface of the wing, both the induced and the suction effect of the vortex flows
must be considered. While the induced effect is generally generated at spacial locations
greater than the core diameter, the vortex suction effect occurs at spacial locations
associated with dimensions on the order of the vortex core diameter.

The sparwise pressure distributions presented in Figure 5 for the basic wing at an
angle of attack at 13.1 degrees indicate that there is the semblance of a leading edge
vortex which, after its formation as a coordinated vortex along the 5% chord line, trails
outward and aft and leaves the trailing edge near the wing tip. (The path of the center-
line of the vortex can be traced by the peaks in the pressure distribution). The pressure
distributions also indicate that a small secondary leading edge vortex is formed at the
leading edge at about 75% span location. This secondary vortex, which is probably formed
by the induced effect of the primary leading edge vortex as it. turns in the chordwise
direction, is quickly separated from the surface of the wing by the induced upwash of the
primary vortex flow. Due to the broadness of the peaks in the pressure distribution and
the rather low value of the suction pressure of the main leading edge vortex, it is obvious
that the leading edge vortex at this angle of attack is rather weak and diffuse. This
conclusion is supported by the external flow visualization pictures that were taken using
helium bubbles as only a slight large diameter swirling flow, that might be associated
with a leading edge vortex, was indicated in the pictures. The induced effect of the
leading edge vortex, although relatively weak at this angle of attack, tended to reduce
the an.le of attack over the inboard sections of the lifting surface which inturn reduced
the chordwiEe gradient of potential lift in this region.

The pressure distribution for the configuration with the strafe added while showing
some overall similarity to those obtained with the basic lifting surface, are significantly
different in detail. The effect of the strake vortex, while small, is clearly evident
near the wing root. By tracing the peak pressures associated with the strake vortex it
can be deduced that the path of the strake vortex over the surface of the littinq surface
is basically in the chor&4ise direction. Since the magnitude of the pressure peak associ-
ated with the strake vortex decreases as it traverses the chord indicates that the vortex
is moving away from the lifting surface as it moves across the chord. Both of these con-
clusions regarding the path of the strake vortex are shown to be valid by the photographs
presented in Figure 6. The rhotographs of the strake vortex, visualized by helium filled
bubbles, show that the strake vortex goes directly across and away from the wing surface
as it moves downstream. The induced effect of the strake vortex on the lifting surface,
while relatively weak, is such as to create a spanwise loading gradient near the loc.tion
at which the leading edge vortex has its initial formation. The induced effect of the
strengthened leading edge vortex tends to reduce the potential lift over the inboard
sections of the lifting surface as it did to a lesser degree foz the basic wing planform.
In addition, the upwash induced by the leading edge vortex over the outboard section of
the wing seems to have separated the flow as the surface pressures are lehs than they were
for the basic wing in this region. Due to the induced and suction effect of the strake
vortex and the stabilized flow over the inboard sections of the lifting surface, the
leading edge vortex not only becomes slightly stronger but much more concentrated and thus
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the suction peak it creates over the outboard sections of the lifting surface, while
narrower, is larger in magnitude. It can also be seen by comparing the pressure dis-
tributions of the wing with and without the strake, that once the leading edge vortex of
the wing strake configuration becomes a "semi-free" vortex it is turned in the free
etream direction much more rapidly than it was for the basic wing configuration thus

4 cz'?ating a rather effective aerodynamic wing fence across the chord at approximately the
80% span location.

The surface flow for this configuration as depicted by tufts is shown in Figure 7.
The centerline of the paths of both the strake and leading edge vortices have been
indicated on those photographs. As indicated by the tufts the flow inbetween the stream-
wise positions of the two vortices is in the spanwise direction indicating that potential
flow and lift are being developed in this area. While there is some effect of vortex
induced flow inboard of the strake vortex location, the flow is basically potential in
nature over that region as well. Outboard of the leading edge vortex as it crosses the
chord, however, it is noted that the flow is basically in the spanwise direction. A
closer look at the tufts along the leading edge outboard of the leading edge vortex
indicated that this area is stalled and the flow is separated. It is believed that the
large induced effect of the leading edge vortex, which creates an upwash in this region,
is responsible for the flow separation. Once the flow over the surface of the wing has
been separated, the induced velocity of the leading edge vortex creates the spanwise
flow in the low velocity region of the separated flow. While the pressure distributions
presented for the wing with both the strake and outboard snag added is considerably
different than those of the other configurations, the same total lift is obtained. The
pressure peaks associated with the strake, leading edge, and snag vortex are clearly
evident in the distributions that are presented in Figure 5. As can be seen, the charact-
eristics of the strake vortex remains about the same as they were for the previous con-
figuration and the leading edge vortex has been weakend and moved inboard due to its inter-
action with the rather strong snag vortex. Since the strake vortex is rather far removed
from either the leading edge or snag vortex, there is little evidence of interacting
effects of the strake vortex with the outboard vortices. In fact the pressure distribu-
tions for this configuration, except for the independent effects of the strake vortex ate
almost identical to those of the basic wing with just the snag added. On the basis of
the pressure distributions obtained for the various configurations at a relatively low
angle of attack, it is concluded that while the influence of the rather weak vortex flows
did not alter the total lift that was generated, they did alter significantly the loadings
distributions.

At angles of attack much greater than the angle at which the basic wing stalls, the
influence of the vortex flows on the total lift that is generated 4s much more significant
as is shown by the pressure distributions presented in Figure 8. The pressure distribu-
tions shown for the basic wing indicate that except for a weak pressure peak due to the
leading edge vortex near the wing root, the entire lifting surface is completely stalled
as indicated by pressure coefficients of near unity. In constrast, the pressure distri-
butions obtained for the wing with the strake added indicate that large pressure peaks
are obtained. It can also be seen that not only has the peak pressure associated with
the leading edge vortex increased but the position of the vortex has moved inward. It is
believed that both of these effects are due to the interaction of the two vortices and
the strengthening of the leadi.ng edge vortex by the loading gradients generated by the
strake vortex.

As indicated by the pressure distribution, the strake vortex has an entirely different
path over the surface of the wing at 27.7 degreea than it did at 13.1 degrees angle of
attack. This difference in the paths of the strake vortex can be seen by comparing the
visualized strake vortices in Figure 9 with those in Figure 6. While the initial rate of
movement away from the surface of the strake vortex is greater at 27.7 degrees than it
was at 13.1 degrees, the strong induced effect of the leading vortex moves the strake
vortex back towards the surface of the wing as well as outward along the 75% chordline.
As shown in Figure 10, the leading edge vortex moves out along the leading edge as well
as away from the lifting surface due to the induced effect of the strake vortex until it
bursts. After bursting the leading edge vortex becomes turbulent and turns in the stream-
wise direction. Although not shown in these pictures the strake and burst leading edge
vortex could be seen to mix near the trailing edge of the lifting surface near the 70%
span location as they both mved in the downstream direction.

The tuft picture visualizing the surface flow for this configuration at an angle of
attack at 27.7 degrees is shown in Figure 11. The small areas of potential flow generated
by the induced effect of the leading edge and strake vortices can be seen in the picture.
It can also be seen that the strong induced effect of the leading edge vortex as it moves
over the chord of the wing has completely stalled the tip region and generates a strong
cpanwise flow in the separated flow region over the mid span portion of the lifting surface
between the two vortices.

The pressure distributions presented for the wing with the strake and snag added
indica'ce that at this high angle of attack the primary effects of the snag vortex have
disappeared but the effects of the strake and leading edge vortices have remained about
the same as they were for the wing-strake configuration.

It is believed that the pressure distribution presented for the various configuration
at 27.7 degrees clearly indicates the strong influence of the vortex flows on the lift that
is generated by the wing. As will be verified later in this paper, the majority of
additional lift obtained from the vortices is due to the low pressures within the core of
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the vortices and not due to their induced effects on the lifting surface. This conclusion
was drawn as at all locations outside of the regions of the influence of the vortex flow
the wing is completely stalled.

During the tests the conventional leading edge snag having an airfoil section was
replaced with a sharp edge plate to determine its effect on the loading distributories
over the tip region. Flow pictures taken in the tip region for this configuration are
shown in Figure 12. As can be seen from these flow pictures, a concentrated leading
edge vortex is formed at a relatively low angle of attack over the flat plate snag ana
that the flow on the wing surface behind the snag vortex is unseparated. As the angle of
attack was increased the leading edge and turbulent vortex at the leading edge discontinu-
ity get stronger but an angle of attack of 27.7 degrees the vortices no longer exist
because of complete flow separation caused by the sharp leading edge on the snag. On the
basis of what was observed for this configuration it was deduced that a sharp edge
separator plate along the leading edge of the wing might generate a leading edge vortex
at angles of attack lower than those at which the leading edge of the contoured airfoil
separated. If this could be accomplished, it was reasoned that the lift at low angles of
attack should be increased due to the vortex that would be generated by the separator
plate. To test this hypothesis a 5% chord sharp leading edge separator plate was attached
to the wing-strake configuration and the performance characteristics of this configuration
was determined over a range of angle of attack. The lift coefficient as a function of
angle of attack for this configuration, is compared to that obtained for wing with just
the strake in Figure 13. It can be seen from the data presented in this figure, that in
the angle of attack range of 5 to 24 degrees an increase in the lift coefficient was
obtained with the maximum increase being obtained at approximately 16 degrees. While
there was an associated increase in drag, it is believed that the increased lift can be
obtained without the attendant drag increase by using a small boundary layer trip instead
of the separator plate to initiate the formation of the leading edge vortex.

4.0 BRIEF OUTLINE OF THE THEORETICAL PREDICTION TECHNIQUE

The low aspect ratio swept wing-vortex system that is modeled allows for six vortices
over the surface of the wing and because of the range of angles of attack of interest,
the analysis considers mixed potential and separated-flows over the surface. The phenom-
enon of "vortex bursting" is included in the analysis as is the prediction of the
important effects of the suction pressures generated by the vortices over the wing surface.
The strengths of the various vortices that are formed by the lifting surface as well as
their force free positions with respect to the wing are obtained by an iterative procedure.
In general, the calculation of wing loads in the presence of vortices generated by the
lifting surface (e.g. strake vortex-leading edge vortex, .ip vortex, etc.) involves the
computations of the following lift components:

1. Potential flow lift including the induced effects of the vortices

2. Lift due to separated flow

and 3. Vortex suction lift.

The definition of each of these lift components and the general procedures followed
for their determi~iation are briefly described below:

1. Potential flow lift is the lift generated by the wiig vyhere the flow remains
attached even at relatively high angles of attack due to the induced effect of the
vortices. A modified potential flow theory (Surface Lattice-Doublet Method) is utilized
for the computation of this component of the lift. Since the areas of potential flow
vary from one iteration to another, the computation of the potential lift must be part of
the iterative procedure.

2. Lift due to separated flow is the component of the lift where the flow is fully
separated from the upper surface of the wing. The program computes the regions of the
separated flow on the wing surface by calculating the total aerodynamic angle of attack
at each control point and testing to determine if the local stall angle has been exceeded.
This is accomplished through the following relationship:

Usinaa = U sinae - Bp rPp k mnkk

WheZe U, is free-stream velocity

ea, is local aerodynamic angle

a, is geometric angle

B~mnk, is the influence coefficient of the kth element of pth vortex at the control

point mn

rP, is the strength k th element of the pth vortex.

If Qa exceeds the sepcified stall angle at any Fontrol point, the box corresponding to
that control point is considered separated and jjl corresponding to that control box is
taken to be zero. The pressure coefficient at tge separated points are then determined
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by utilizing empirically obtained cross-flow force coefficients for a three-dimensional
lifting surface.

It should be noted that, at the start of the computation, the strength of the vortices
(fr) are unknown quantities and therefore an iterative procedure must be followed for
the determination of the separated flow boundaries utilizing the above relation.

3. Suction lift is the component of the lift generated by the vortices when they are
in the piE y i oitj-othe wing surface. The suction effect is created by two different
flows within the vortex core. The first is the suction created by the axial flow and the
second is that suction required to balance the centrifugal forces developed by the swirling
flow.

The amount of suction lift achieved is very dependent on the axial flow in the core
of the vortex as well as the strength of the vortex. Since the magnitude of the axial
flow in the vortex core is very sensitive to the distance of the vortices from the wing
surface, it is necessary to include the thickness and curvature of the airfoil for the
adequate determination of the suction lift. In the present formulation the calculation
of the suction lift is the only lift component in which the finite thickness effects of
the lifting surface have been included.

As noted previously, for the correct prediction of the wing loading distribution in the
presence of vortex flows, it is essential that the force free positions of the vortices
with respect to the lifting surface be determined. In the present analysis control
points, in addition to those on the lifting surface, are located along the length of the
vortex. At each of these control points all the following components of velocities are
predicted:

a. the velocities induced by the wing loads
b. the self-induced velocities due to vortex curvature
c. the axial velocity in the core of the vortex, and
d. the free-stream velocity component

Since a force-free vortex can only remain in a stationary position when the total
flow is along its axis, this criterion is utilized to determine when the vortex has reached
a stationary position during the iteration proceddre. As might be expected, it was found
that the axial velocity in the core of the vortex was of primary importance for the
determination of the force-free positions of the vortices, and therefore it must be
computed accurately. Because of this requirement it i believed important, because of
its effect on the axial velocity, that the radial co. -.- nent of velocity in the vortex core
be included in the improved version of the analysis.

As previously noted, the effects of bursting of the vortex is included in the analysis
since it greatly affects the vortex suction characteristics. A simple criterion is used
ir the present analysis to account for this effect, that is, it is assumed that the vortex
bursts when the core velocity is in a stagnation condition with the free stream. While
this simple criterion seems to agree reasonably well with experimental observations of
vortex bursting and also with the bursting of the leading edge and tip vortex, it is
believed that a more refined representation of vortex bursting based on core stagnation
or finite transition will yield more realistic vortex bursting criteria.

5.0 CORRELATION OF PREDICTED AND MEASURED RESULTS

The analysis in its present form was utilized to predict the performance character-
istics of the wing strake configuration at three angles of attack: 13.1, 19.4, 27.7
degrees. A comparison of the predicted and measured CL'S at these three angles of attack
are presented in Figure 14. The various components of the lift at each angle of attack
are indicated in the Figure. At 13.1 degrees it can be seen that, as might be expected,
the lift is wholly potential in nature and iz predicted very well by the lattice-doublet
pctential flow analysis. At an angle of atLack of 27.7 degrees the total predicted lift
agrees very well with the measured results and of the total lift, approximately 2/3 is
due to cross flow and the other third is duo to vortex suction. While the cross flow and
potential lift have been lumped together, over 90% of this lift was that due to separated
cross-flow. At an angle of attack of 19.4 degrees, it can be seen that the various com-
ponents of lift are about equal in magnitude and that the total predicted lift is approxi-
mately 8% less than the measured lift. It is in this angle of attack range in which there
is a strong interaction of the mixed flows that the analysis procedure is somewhat lacking
at the present time.

A more demanding comparison is between the predicted and measured pressure distribu-
tions over the surface of the wing. Comparison of the pressure distrinutions along 5
different consistant chordlines at an angle of attack of 19.4 degrees are presented in
Figure 15. As can be seen the correlation between the predicted and measured resjlts is
rather good although the areas of potential lift and the transit~on to separated flow are
not being predicted as accurately as desired. It is believed that the reason for this
underestimation of the potential lift is naat the number of control points within the
area of influence of the vortex was not sufficient and therefore the sepa.ated flow
criterion was applied over too large an area in the areas of the vortex flows.

Figure 16 shows the areas over which the wing flow is predicted to be separated as
well as the predicted paths of the vortices. It is noted that both of these predicted
characteristics are close to those that were measured.
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It is believed that the correlation that was obtained between the predicted and
measured performance characteristics and pressure distributions indicates that with the
noted improvements in the theoretical representation, a relatively accurate, practical,
and useful prediction technique will be available for use for optimizing the beneficial
effects of attached vortex flows by wing planform tailoring.

5.0 CONCLUDING REMARKS

It is believed, on the basis of the results of the experimental investLgations, that
the potential of attached vortex flows in creating beneficial aerodynamic performa~re
benefits has been conclusively demonstrated for low aspect ratio swept wings operating in
the moderate to high angle-of-attack range. It remains to be evaluated, however, what
effects these vortex flows, generated by the primary lifting surface, might have on the
stability and control characteristics of the entire aircraft because of their induced
effects on the fil surfaces. In addition, the effects of compressibility on the attached
vortex flow remains to be evaluated before they can be utilized with confidence to improve
the transonic maneuvering capabilities of high performance aircraft.

While the experimental investigations have demonstrated the potential of attached
vortex flows, they did not determine the manner by which the wing-vortex flow character
istics can be optimized. It is suggested that seeking this optimum by wing planform
tailoring can be more effectively accomplished by the use of a reliable prediction tech-
nique rather than by means of an experimental approach. It is believed that the prediction
technique that has been discussed herein, once the noted improvements have been made, can
be effectively utilized to seek the desired optimum for a given aircraft configuration.
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VORTEX/JET/WING INTERACTION BY VISCOUS NUMERICAL ANALYSIS*

by

R. M. Scruggs and J. F. Nash
S~bucon., Inc., Atlanta, Georgia 30339

Charles J. Dixon
Lockheed-Georgia Co., Marietta, Georgia 30063

U.S.A.

SUMMARY

A computational model has been developed for analyzing the flow mechanism of vortex/wing/jet interac-
* tions. The model is applicable to a wide class of viscous flows but is particularly suitable for calculat-

ing vortex-type flows near no-slip or solid boundaries. Examples are leading e%;e vortices formed on highl',
swept delta wings or on moderately swept wings with acti-.e control by jets or passive control by "strakes."1
The model is based on reducing the fifili Navier-Stokes eq~uations to parabolic iorm with respect to one of
the three space coordinates. Computing time Is in minutes rather than hours bringing the solution of the
:z-ier-Stokes equations into the engineering realm. Excamples of computations for various vortex/wing/jet
inter.,.tions are presented in the report. Experimental pressure, laser velocimeter, and flow visualization
dat;-, are presented for an unswept wing with leading edge vortex control by spanwise blowing. These data are
usel to analyze the formation and strength of the kcading edge vortex and as examples of typical input/out-
put data for the computational model.

LIST OF SYMBOLS

u, v,~ Mean velocities in x, y, and z V() Velocity of vortex normal to line' through
directions, respectively vortex center

x, y, z Spaniwise, normal to chord and chord- V,/g Jet mass flow
wise coordinates, respectively Variable of integration Dn Y=-0 in

Cn Vorticity in x, y, and z directions, Green's fun~ction integral
respectively C itcefcet otxlf

AR Aspect ratio I Litcefce ,voexlt
CN Wing normal force coefficient

C Wig cordCn Local normal force coefficient
3Pq Free stream dynamic pressureC Peur cofiin

RORegion of integration containingC Mmnx cefint-eV/q
vorticity 1 Moetmcefcet-vj/q

S Wing area or Strouhal numberAnlofatcofwg

s ~~Length of vortex feeding sheet I iclto
tT Ti~6 Boundary layer thickness

VJ - Fuily e'xpanded isqntropic jet X Taper ratio
~veloci ty V Kinematic viscosity

V o V Free streamn velority Density of flow In wind tunnel

Tqtal Yelocity vector (x, y, z) ro Vorticity vector

7 1.0 -14TRODUCTION

The favorable lifting itffacts of leading edge vortices on delta wings have been under investigation for
many years. M~ore recently._thex-types of favorably inter~ering vortices have been noted. These consist of
st~reanti~ii vortices forrýed from leatinq edge "strakes," outboard leading edge extensions ("snags") as on the
F-I. (eilrdraft) and trailing vortlccifrom-canfrd configurations. Now that interfering vortices are recog-
rilzec as aidOS, as well ajs detriments, -1o lift-And stability augmentation, considerable emphasis is being
placed on gain!nq kn #ltýe concerning theirfriainndtbliy

Rp- -There have been ;;!apy attemptý to~ m~odel the flow for delta wings with leading edge vortices. Matol (Rtef.
1) hi~s provided a good surydy of many of. these attempts. Tho, efforts of most have been limited to potential
flow modiiisi assuming rotation~al ele~'ienis for vlsqous effects such aý the leaoing edge feeding sheet. fh4
basic assumqptiqntý of -ii-ender body, conical 1f low have been fol lowtd by most Invitstigators suzh as mangler and
Smitifl (Mwf-D. Results of -th~ke ear-ly investigators havte -laid a good foundation for further research, but
they-re-ncit iizgctssfu In obtaining fprces-And momcints over a general range of-configurations, Palhamus

-~~ (Re-. 31. iwi th -e- aL~4n9 edge 5uction anik1ogy, h~ odscesIn predicting vortex lift and, in later

efo~i,-t?.D~ts lfl_ýiethod does not describe tffie pressures or flow fnei:hnism. Good results were ob-
tained mos t-recontlIy "by-Weber et a l (Ref , 4) and Iioo and Jones (Rof' ) where the tra IlInIrg edge. condi tlqns

of e~h wig ar leldo ',tebudr onditions. The latter are still riot ctinsidered satisfactory
ZEfor O abtrvrneof _cor I gura t Ios, anid flowe cotiditions, Both note the need for inrluding the secondary

vo e~ ormtio intheir net'o8' 2 -

-The ýcc~nd ry-vor-tex.-lanog with lea In-g rdge separation, and the vortex core are all highly viscous
flow-atea A Lsoqj. t1i- 4br ex axial velocity~and its gradient are- considered very Important in determining

-95 r'w4 eP-9c h~ -an" r~ed ýy the Lockhweod-Gaomyia Coampan under- aontrat from the Office
-~ ~ h~j~e;z'on33yhuaon, Xnic. * are canau~ta~ito ro ZLockheed-Gera ccmpan!].
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the stability of the vortex. There are no satisfactory analyt!cal treatments of these areas. Neither are
there any experimental results that provide the assurance of not having experimental probe interference.
Knowledge of these viscous flow areas is essential to defining any model of the flow, since the character-
istics of these viscous flow areas will affect portions of the flow field such as the feeding-sheet shape,
the location and size of the primary vortex core, and the vortex "decay" or "burst" (vortex instability);
all affect tne overall force and moments.

The Lockheed-Georgia Company is currently developing under contract with the Office of Naval Research,
a viscous model for leading edge and other interfering vortex concepts. Current development of this viscous
model is pr•sn:ed in thi, paper. The viscous model will provide knowledge of the vortex feeding sheet,
such as position and strength, while vertex position and core size can be determined as a function of input
conditions. Contrary to the potential flow solutions, the viscous model has a no-slip condition at the
wing surface. This Ahould have significant effect on vortex shape and position. The viscous model can in-
clude effects of a sponwise blowing jet (discussed in this paper) or other axial velocity along the axis of
the vortex core. It can be used to investigate the flow for "over-wing" blowing jets also.

A vortex lattice lifting surface theory may be used to determine input for the viscous vortex model by
iteration procedure. In fact, the desired end result of this vortex analysis p~ogram is a combination of
the vortex lattice model (potential flow model) with the viscous numerical model. This should be an itera-
tive procedure in which the vortex lattice miodel contains free line vortices connected by feeding sheets to
the bound vortex lattice with sources and sinks representing the span blowing jet, if there is one. Loca-
tion and strength of the free vortices and sources and sinks are determined by iteration. Universal pa-
rameters may be determined from a parametric study of the input characteristics to the viscous vortex model.
The parameters such as vortex locations and strength may be used directly in the potential flow-vortex
lattice model. Input for the viscous model may also be obtained by laser velocimetry, which is discussed
subsequently.

2.0 THEORY

The theory is based on the assumption that for a certain class of flows the rate of change of viscou5
stresses in one direction is small compared with those in the two orthogonal directions. Lhnitei develop-
ment of this concept was accomplished in earlier work ýRef. 6), wherein momentum transport normal to the
surface was neglected. The present apprcach, which remedies this weakness, is to proceed from the vortic-
ity transport equations for incompressible, three-dimensicnal, steady flow. These equations are obtained
from the Navier-Stokes equations and the continuity equation by noting that

S- curl 0 (1)

and performing differentations appropriate to steady flow to produce

grad a = grad V + vV2 r. (2)

The velocity is determined from
SVV=- curl •. (3)

Equation (3) is derived from a vector operation on Eq. (1), utilizing the continuity condition for in-
compressible flow: dlv 7=0. The vorticity Z, and V, compose six unknowns governed by the six scalar
equations represented by Eqs. (2) and (3). Putting the equations in rectangular cartesian coordinates, a
direction, say the x-direction, may be taken as the one having minimum rate of change of viscous stresses.
Then, the last term in Eq. (2) may be approximated as v(ryy+•zz). Equation (2), written in scalar gorm,
now appears as

& X (u x& + UyT) + Uz4 - wE - VY + V(Eyy + •zz)) (4)

Ix = j (V,• + vyn + VzC - wniz Vny + v(nyy + nzz)} (5)

x " (wx + wyn + wyc + Wz - WCy + v(tyy + Czz)} (6)

where (Q,n,c) are the components of Z and (u,v,w) are the components of V. Equations (4) through (6) may

be conveniently represented in matrix form.

FX = AF - BFZ + CFy + DFzz + DFyy , (7)

w.~here F=(•,n,)T and the three-by-three matrices A through C contain the velocity coefficients. D is the"identity-matrix times v. The partial differential system represented by EQ. (7) Is parabolic in the x-
direction and eljliptlc in the local y-z plane. This permits the use of forward-marching techniques to
perform thi numerical integration, wherein the solution is stepped progressively In x using information
from the previous x-step and the prescribed boundary values.

Figure I depicts the arrangement of the coordinate system and the domain of Integration. The solution
iS started In some initial plane, x O. for every point (y,z) of the initial domain or "cross-flow" plane,
a value is prescribed for the vortlcity components aid for the velocity components. The velocity compo-
nents 4re, of iourse, derivable to within a constant from the vorticity and must be thus compatible. In
order to Integrate Eq. (7) for vorticity, It is necessary to simultaneously solve for the velocities. The
procedure for obtalning velocities will be discussed subsequently. The finite differencing procedure
finally adbpted foi Eq. (7) uses the following:
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r:r x-derivatives,

Fk • k k-1,

Fk (Fon - F, (8)XM ,n AX m ,n M1

(m indexes the y-ditýction, nl the z-direction, and k denotes current x-location)

For the first-y-derivatives,

F( k - Fvk <0, (y k F k v > 0 (9)

Ym,n Ay m+1,n Fm,n), v0 (Fky m- k , v>0

For first z-derivatives,

k I k k z k k
F n (Fm -"Fr), w<O, = (F - Fm ), w>0 (10)
Zm,n AZ mn+ Az mn mn-

For second y-derivatives,

Fky , - k - 2 Fk + F (11)SYym,n (Ay)2 FM+l,n m n 1,n )

and similarly for second z-derivatives. All first differences are first order accurate and the second dif-
ferences are second order accurate. The "locally upwind" first differences in Equations (9) and (10) were
chosen because the resulting finite difference equations are unconditionally stable. Centered first dif-
_ ererces may be used to improve accuracy, but a stability limit exists in that case in the form of a cell
Reynolds number.

9 Substituting Eqs. (8) through (11) into Eq. (7) leads to a set of simultaneous algebraic equations in-
volving the unknown vorticity vectors at the five forward node points shown in Figure 1. The procedure
used for solving these equations is an Alternating Direction Implicit (ADI) sweeping technique. The method
proceeds as shown in Figure 2. Points along a line z-constant are solved simultaneously where, if M
denotes the number of mesh points in the y-direction, the equations take the form

a11  a12 0 .... ........ 0 Fl GI

a2 1  a 2 2  a2 3  0 .... 0 F2  G2

0 a 3 2  a3 3  a34  0 • (12)

0 .... ........... ai,i. 1  aii FI Gi

The a's are 3x3 matrices, the F's are 3xi matrices, and the G's are 3xI ano are known on any solution.
The subscript I has the value of M-2 when solving implicitly with respect to y. When tho solution is im-
plicit with respect to z, i.e. along y=constant as shown in Figure 2, then I has the value N-2, where N
Is the rjmber of mesh points in the z-direction. As shown in Figure 2, a solution is obtained sequentially
at each z-station and then at each y-station. The process of sweeping once with respect to z and once with
respect to y constitutes one iteration oa the solution in the local cross-flow plane. The values of vor-
ticity either to the left and right .)r above and below a local solution line, evident from the molecule in
F;gure 1, are obtained from the previous Iteration. Each implicit solutin follows from Eq. (12) in the
form,

F - a IG, (13)

where a"I is the inverse of eith4er an (N-1) or an (M -2) x(M-2) matrix. The a-matrix is solved by an
eff!cient successive elimination algorithm.

In order to close the Iterative loop at a new x-station, it is necessary to have starting values of
vorticity and velocity. The values are Input as initial conditions at the starting plane; at successive
planes they are either arbitrarily guessed or taken as the values from the previously converged plane.
Having obtained new vortices on an iteration, it is necessary to obtain updated velocities on the whole
plane and establish appropriate values of boundary vorticity. Vorticity is prescribed on all sides of the
integration domain except the solid boundary. On that boundary the vorticity cannot be specified directly
but must be that value which is consistent with zero velocity at the wall.

5iInce the flows of primary concern in the research are those over bcunded flat surfaces, it was found
convenient to formulate a Green's function inWegral solution for velocity in terms of vorticity, The ad-
vantage in this approach Is that velocity boundary values do not have to be prescribed on the free bound-
"aries of the computing mesh, since the integral solution is asymptotic to a constant at infinity. The
solution appropriate to a bounded no-slip surface with 9 asymptotic to V for (y 2 +z 2 )1 / 2 4- is a Green's
function solution. 1he sketch below depicts the bouindary value problem. It is required to solve Eq. (3)
subject to the conditions in the sketch, regarding 6 as a known point function. The integral solution
satisfying no-slip on the surface is

V z R I In curl • d Ro+ 0 , + (i4)! Ro 0F•/Y+z•) 2(')
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where P. ' (Yo, z,) and F* = (-y,, zo).

Thus on each Iteration, Eq. (14) may be R

used in a straightforw3rd manner to determine V=(z) Prescribed
a velocity field. It was found, however, that
exclusive use of the integral form for all V. v z Prescribed
mesh points led to excessive computing time,
so the method is only used on the boundariks.
Having thus established boundary values for / ' r / /
the velocity, the ADI procedure is then used z , c---._. 0

in the interior of the doma;n. With a
velocity field known after each iteration, a new value of wall vorticity is found by using a first order
accurate, one-sided difference on the velocities. The integral method is ideal for converging the critical
wall vorticity since the velocity is forced on each iteration to satisfy no-slip. Other methods require
simultaneously converging wall vorticity to its correct value and velocity to zero.

Numerous tests have been run on the convergence behavior for flows of varying degrees of complexity.
In general, for planes after the initial one, the number of iterations required is 6 or less. For the
initial plane, up to 12 iterations were found to be necessary. This apparently Is due to the assumed
initial values not being compatible with the three-dimensional requliements of the flow. Generally, it has
been found that a finer mesh reaui-es more iterations for convergence on the first step but not on later
steps. It is also noted that an apparent difference eAists for the vasue of vorticity obtained with dif-
ferent mesh sizes. A finer mesh reduces the error due to artificial viscosity. The error as a function of
mesh size has yet to be fully explored. Most of the calculations reported here were performed with an
11 x2l mesh, for which it is believed that inaccuracy has not destroyed the general validity of the results.

Except for the effect of artifl:ial viscosity, the method is relatively insensitive to step length in
the x-direction, since both the theory and the numerical integration method are first-order accurate in x.
Consequently, most of the results presented were computed for a Ax of 1. unit, while Ay and Az were .1
units. The method has been used extensively on a CDC 6600 machine. For this machine, using a cross-flow
mesh of 11 x21, approximately 20 cpu seconds are required per x-step after the first step. The first step
generally will require more time because more iterations are required to converge. For a cross-flow domain
of size 1. unit by 2. units (11 x21 and Ay -Aza.1 units), stepping 5. units in Ax requires approximately
100 cpu seconds when the number of iterations on the first step is 12 and on successive steps 6. The com-
puting time per second increases approximately linearly with the number of mesh points in the cross-flow
plane.

The velocities off the edge of the plate can either be arbitrarily prescribed or be obtained by some
coupling scheme whereby the flow in the region exterior to the vorticity box is cakculated by some other
method.

Theoretical Results for Typical No-slip Flows:

The computatio-al method has been used to calculate a number of complex vortical flows during the de-
velopmental stage. Jiare 3 shows the interaction of a pair of streaming, counter-rotating vortices with a
parallel wall. This figure, depicting the velocity vectors in the cross-flow plane, demonstrates clearly
that mich more than potential flow Is Involved when the vortices and the wall interact. High-energy fluid
is entrained from the irrotatlonal outer flow and then is ejected upward between the vortices, having
suffered an energy loss due to interaction with the outer wall. The effect of this energy loss is reflected
as we|! in the streamwise component of velocity. Figure 4 shows the wake development in the streamwise ve-
locity. The low-energy flcw between the vortices ig reflected in a progressively retarded 1l-profile,
similar in appearance to a boundary-layer profile approaching separation.

3.0 EXPERIMENT

The primary objectives of the experimental efforts have been to obtain additional knowledge of leading
edge vortex formation and realistic Input values for the viscous numerical model. Quantitative and quali-
tative information is obtained to compare with the theoretical output.

The model used for the investigation Is a semi-span, aspect ratio 3, rectangular wing of zero sweep.
The airfoil section is an advanced transonic airfoil, 12% thick. The airfoil was chosen because of its
characteristic leading edge separation and its relatively flat upper surface which corresponds with the
fiat surface used In the theory. A spanwise blowing nozzle Is installed at the wing root for active con-
trol of this leading edge vortex formed ct high angle of attack. Fifteen surface static pressure taps are
installed In the model at each of four spanwise stations.

Tests conducted with this model Include measurements of surface pressures, flow visualization with a
Sage action helium bubble generator, and flow field velocities measured with the Lockheed-Georgia laser
velocimeter. Surface pressure data were obtained at angles of attack from -3 to 300 at various jet momen-
tum coefficients. Laser velocimeter data were obtained at angles of attack of -3 and 30 degrees only and
one jet momentum coefficient. Ti, laser velocimeter is capable of obtaining two component velocity time
histories and all the resulting statistical analyses of turbulent flow. Reference 6 describes the laser
system in deail and presents results for the turbulence characteristics of the wing at -3 degrees angle
of atzack with the spanwise blowing jet on.

3.1 Experimental Results and Analysis

This paper Is concerned primarl1 , dith the results for the wing at 30 degrees angle of attack where a
strong leading edge vortex is formed. At this angle a limited amount of laser data were obtained (mean
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velocities only), but with the pressure data and flow visualization, considerable insight to the vortex
formation is provided.

Surface static pressures for the wing at 30 degrees angle of attack and a Cp of 0.769 are shown in
Figure 5. The artistic concept of the leading edge vortex illustrated in the figure is approximately in
the right position, but later data indicate the shape is differeit. Figure 6 shows the leading edge vortex
which forms with spanwise blowing as reflected by the helium bubble flow visualization. Velocity vectors
obtained by the laser velocimeter are shown in Figure 7, which is discussed in the following.

Figure 7 illustrates a composition of the results as just discussed for the flow at 33% span and the
wing at 30 degrees angle 3f attack. Based on these available data, position, size, and strength of the
primary and secondary vortices are approximated; the vortex feeding sheet shape and strength can be
determined; and total circulation avoilable from the leading edge vorticity and its relation to wing lift
is deduced. Vorticity contours are indicated by relating the experimental results with available theo-
retical results.

Development of the vorticity lines (isovors) of Figure 7 is based on linking all the experimental and
available theoretical data in a logical manner. The vortex position in percent chord is approximated from
oath the pressure data and flow visualization. Size of the vortex comes primarily from flow visualization.
The oval shape of the vortex and the tilting of the top edge is based on flow visualization and the vor-
ticity contours of the theoretical method. Figures 9 and 11, discussed in Section 4.0, show vorticity
contours for two of the theoretical cases.

Laser data shown in Figure 7 provides the slope of the edge of the shear layer (or feeding sheet) and
the height of the edge above the wing surface. These conditions, the height of the vortex, and the leading

"* edge proximity allow the logical approximation of the edge of the shear layer which is shown by a line as
C -0. ý rapidly approaches zero outsiJe of this layer.

The thickness of the vortex sheet is linked to the position of zero velocity along the vertical ordi-
nate from the wing surface. A line through the lowest laser data point could logically pass through the
zero velocity at the line of maximum vorticity. The !evel for this zero velocity should be about halfway
across the positive vorticity layer. This latter criteria allows a reasonably shaped line to be drawn from
the separation point through the zero velocity point and into the primary vortex. Also, straight lines
through the zero velocity point and the lower laser data points for w/Vo and V/Vo are nearly the same line
over most of the length of the lines. This would be a logical result.

The separation point is based on the pressure distribution for which a portion Is plotted on Figure 7.
At the leading edge the velocity has increased from stagnation to V/Vo 2.86. It then decreases due to
adverse pressure gradient until separation occurs at Zcoso=.25. From this point to Zcosa-0.44, the ve-
locity indicated by the pressure is relatively constant. it begins to rise at the polit corresponding to
the Intersection of the airfoil surface and the line on which laser data were taken, i.e. Zcosa -O.50.

It is probable that the pressure is coming under the influence of the secondary vortex at this point;
therefore, it is reasoned that zero vorticity should occur at or near this point. To substantiate this,
it can be shown that at the wall the change in pressure with chordwise direction is a direct function of
the change in vortircity with direction normal to the chord, i.e.

3X(In /wall

As shown in Figure 7, the vorticity does not change much with Y at the wall, between the separation point
and a small distance forward of the zero vorticity line; therefore, the pressure should not change much.
Since the pressure is beginning to decrease at Zcus, -0.50, it Is probable that the zero vorticity line
should be slightly forward and the secondary vortex slightly aft where a/aY is negative and the pressure
decreases.

SIt should be noted that V/Vo from the pressure distribution at Zcosa-0.50 agrees quite closely with
laser velocity 4t the outside edge of the shear layer. This Implies very little, if any, change In pres-
sure across the entire shear layer. This Is probably true only for the flow ahead of this Z/C station.

SThe pressure distribution shows that the maximum velocity occurs at Z/C -0.117 or Zcosct1.32. This
should occur at a position where the at/aY Is changing from negative to positive, I.e. as shown in Figure
7. The lower part of the primary vortex should be near this point since the maximum velocity due to the
primary vortex Is at the outer edge of the vortex (the bottom of the oval shnpe).

3.2 Vorticity and Vortex Strength

With che geometry of the vortex established, some useful quantitative values can be estimated. The
values can then be used as Input to the theoretical model as well as checks on the output of the model.

3.2.1 Leading Edge VortiLty

How much leading edge vorticity makes a primary vortex? This can be estimated, but first the value
of the leading edge vorticity oust be estimated. From the geometry of Figure 7, the thickness, 6, of the
boundary layer just ahead of the separation point is determined to be approximately 0.30 inch or 2.B8 of
the wing chord. Assuming a laminar boundary layer, a linear velocity profile allows a convenient calcul;,-
tion of the slope of the velocity profile aV/an, where n is the distance from the surface along a line
approximately normal to the velocity vectors In the boundary layer, and V is the magnitude of the velocity
vectors. Now V at the edge of the boundary layer Is obtained from the pressure distribution at the point
of separation, I.e. Cp--6.7. Therefore, V/Vo-2.77 and the normalized slope is:
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a(V/Vo) ,•
a(n/c) .77 - 99.10

The above is also the value of vorticity across the boundary layer, since

aw av D YV

As will be shown later, the value of the vorticiEV and the boundary layer thickness at the leading edge
separatioii point are needed for input to the viscous numerical model.

3.2.2 Vortex Strength

It is interi..ting to analyze the primary vortex strength as a function of the leading edge vorticity.
To do this, some assumptions based on vortex shedding from a circular cylinder are made. First, as shown
in Ref. 7, the strength of the vortex shed from a cylinder is a function of the length of the feeding
sheet. As the vortex shedt from the surface, its strength grows until the feeding sheet separates from
the cylinder. At this point, the vortex and feeding sheet have approximately equal circulation strengths
and the feeding sheet Is about 4.8 cylinder d~imeters long. The total circulation in the v.rtex and sheet
is approximately equal to the circulatlo., emitted from the boundary layer during o-e cycle of vortex
shedding.

Circulation is described as a functlco of boundary layer vorticity as follows:

T6
(1) dr - 'vd) dzdy, (2) 'w v. dz/ r 1V- Vdn, (3) r HV Vdn dt

B zdt ay az an f f an

where I is the circulation available from the boundary layer for a given time, T. For a laminar boundary

layer

(4) n/V = 6/V1

where 6 is the Loundary layer edge and V1 is the velocity at the edge. Also, where T is the time for one
cycle of vortex ihedding and S is the Strouhal number for laminar separation,

V1  2
SV o SC sina V1 V1 6 r sina (!1 )

T and f= - = S --- S (5) Now r -- o 'V' dV, (6) or V
fd' C sinct V0  T 7 1- V0 C6 2S Vo/

0

The value of r/VeC is the total strength of the vortex and sheet combined. This value provides an end
point for computing the leading edge vortex strength as a function of feeding sheet length. It can be
shown from Ref. 7 that the vortex strength growth follows a .-elation as follows:

2
r I sine a V-1 )s).S~~~~(7) v• •

VOC 2 2 S kV0  S

The growth relation (s/sp) 1-2 is valid over the range 0 s/sp • 0.42, where s is the actual length of the
feeding sheetI and sp is the length of the feeding sheet at the time of vortex sheeding. Since s 04.8,
d' =4.8 c sin., and this is many times the distance for the leading edge vortex sheet on an airfoyl, the
limit s/sp 0.42 is well above that for a laading edge vortex formation.

Geometry in Figure 7 sh-ows the feeding sheet length along the line of maximum vortlcity produces a
value of s/sp-0.089. For a 300 , S-.2, and Vi/Vo -2.77, the strength of the primary vortex is
approximately

r - 0.26 or r = 14.9 ft 2/sec.VoTC

This Is only a fraction of the full potential vortex strength, e.g. if s/sp -1.0, then r would be 272
ft. 2 /sec.

A check of the order of magnitude for r can be made by referring back to the geometry of Figure 7. It
is logical that the peak pressure coefficient, C.=-9.7 corresponds to the peak velocity due to the primary
vortex (assuming negligible total pressure loss). Assuming a distance from the cente. of the vortex to a
point near the airfoil on a line through the z/c0w.117 ordinate, the radius of the vort'tA Is approximately
0.071 feet. The velocity at this point based on the peak C is 208 ft/sec.; therefore, assuming this point
is outside the vortex core:

r = Vor - 208 x 0.071 = 14.7 ft 2 /sec.

4 This is amazingly rlose to the previously computed value of r, and of course it does confirm the order of
magnitude strength of the primary vortex.

As a further check on the order of magnitude vortex strengthi vortex lift Is extracted from lift ob-
tained by Integrating the pressure distributions shown In Figure 5. Total lift is obtained. Then, the
potential flow lift, less leading edge thrust effect at a-300 , is subtracted to get an approximate value
for vortex lift. At 33% semi-span the rectangular wing vortex lift Is Clv-1.02. Since Clv=4 rv/VoC;
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VO=63.6 ft/sec., and C -. 892 ft.; rv =4.60 •' 2/sec. This value must represent the combined circulation
strength of primary and secondary vortex and any negative circulation effect of the jet. In order for the
primary vortex strength to be 14.9 ft 2/sec., the combined secondary and jet circulation must be of order
-10.30 f: 2 /sec. It Is not unlikely the secondary vortex is of this magnitude since the jet does create
negative vorticity primarily by its expansion and surface shear towards the wing leading edge.

3.4.3 Parameters Affecting Vortex Strength

From the preceding discussion, it is indicated t,iat the vortex strength is primarily a function of the
space within which it is allowed to grow or the length of its feeding sheet and the vorticity shed at the
leading edge. It Indicates that once these confines are met the vortex no longer grows, and the excess
vorticity is conve.ted downstream. It would appear that due to reduced local angle of attack (in the out-
board stations of the unswept, untapered wing the value of VI/Vo decreases causing a decrease in vortex
strength, but this is compensated with increased vortex sheet length and probably by jet vorticitý as well.

All of the above reasoning assumes the two-dimensional effect only. Unfortunately, the leading edge
vortex is a three-dimensional phenomena and the vortex cannot exist in a stable condition without spanwise
flow. It has been shown by Campbell (Ref. 8) and in unpublished works of Dixon that the local section lift
coefficient increases with increasing spanwise blowing momentum. This miqht be explained as an effective
increase in the feeding sheet length due to the helix angle created by spanwise blowing. The remaining
effect of spanwise velocity is the stabilizing effect on the vortex. Also, the velocity gradient in the
spanwise direction can cause decay or growth of the vortex (decreasing velocity decays and increasing ve-
locity causes growth). The case fron, Ref. 9 for outboard blowing shows an increase ini vortex strength with
span. Based on the above analyses, this is due to accelerating jet flow (under-expanded jet) and vortex
feeding sheet increasing in length as it narches spanwise.

Even though three-dimensional effects can be significant, the two-dimensiona; analysis provides valu-
able insight. First, the value of VI/Vo depends not only on angle of attack, but on the shape of the
leading edge and trailing edge recovery. Reference 7 and others have shown the value of VI/Vo to be
approximately 1.4 at the separation point of blunt bodies. A lifting body with leading edge separation
and flow recovery at the trailing edge causes V1/V0 to be much higher and a function of angle of attack;
therefore, the vortex lift is a function of angi- of attack due both to increasing VI/Vo and length of the
feeding sheet.

!r conclusion, the analyses of experimental results have resulted In both a hypothesis and quantita-
tive values to be used In the ,iscous ntverical Prnalysis. Primarily, the order of magnitude for leading
edge vorticity and an approximate shape of the input velocity is determined. The theory should then pro-
duce primary and secondary vortices with strengths of magnitude as computed above. The cnalyses also
indicate parameters that could favorably increase vortex strength and wing lift. These are: (1) appro-
priately shaped leading edge, (2) large cavity for vortex to grow or longer feeding sheet, and (3)
positive spanwise velocity gradient.

Shape of the pressure distribution and therefore ,he pitching moment with a leading edge vortex will
be a stronq function of the position and strength of the secondary vortex. This evolves since the secon-
dary vortex causes the negativw value of ln/ay, i.e. a reduction of the pressure. With a tight, strong
secondary vortex, a&/3y at the wall Is negative and relatively large In the area of the secondary vortex.

4.0 EVALUATION OF THEORY

While it is possible to compute, via the numerical method, a wide class of flows of practical inter-
est such as delta wing leading edge flows and fillet flows, it Is the primary intent here to address the
flow associated with a laterally blown jet. In this case the primary or outer irrotational flow is not
parallel to the jet direction but approximately normal to It. It is known from experimental observation
that at angles of attack where spanwise blowing is effective, there is leadzng edge detachment of the
streaming flow over the wing. The jet then penetrated fat out the span and a spanwise vortex forms in the
vicinity of the Jet. It is valid in this circumstance to apply the forward marching procedure in the
spanwise direction. The Integration is confined to the det&ched, rotational region of flow over the sur-
face, where second derivatives with respect to x are much smaller thai those with respect to y and z.

As noted earlier, the method of Eq. (14) leaves arbitrary the specification of the velocity vector
along y O for all points not on the no-slip surface. Thus, it is possible, via the Integral method, to
represent the effect of the outer irrotational flow on the viscous flow nearer the surface. For the
streaming flow past a surface with leading edge separation, the velocity distribution il not generally
known. In fact, the outer potential flow and the inner viscous flow are strongly coupled. This iarger
problem Is not addressed In the present Investigation, so that it is necessary to approximate the affects
of the surrounding flow field on the Jet/vortex formation region. The angle of attack in the cross-flow
plane is fixed by specifying W and V . The manner in which these velocities approach zero near the plate
from upstream and downstream aTong y-O serves (as discussed in Section 2.0) to specify the streaming flow.
The idea is that the outer flow should exhibit sharp turning near the leading eage and should slowly re-
cover freestream conditions downstream. Thus, W and V are as follows:

1 1 +zkfor ZgO ww (1 -0. w, and v, for z <zk, and v -- vz, zk < O.
1 -z * v 1-i)Zk

rfor Z C: w -ZlC (z-c) and v (z-c), for c.z:zl and w-w=, v-v0  for z>zlZ1 -C Z1 -C

By varying zk and Zl a range of conditions in the surrounding flow can be Imposed on the Integration
domain, thus allowing a sensitivity evaluation. Having a fixed angle of attack and the surrounding flow,
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the remaining parameters relate to the initial data, or conditions imposed in the plane x-0, and the
boundary values of vorticity.

As noted earlier, the mathematical method as now posed, requires the vorticity to be given on the free
sides of the c-oss-flow plane. The upper face and the downstream face were fixed in all cases at zero vor-
ticity. The face alcng the leading edge however requires a representation of the vorticity associated with
leading edge separation. This region of flow Is important in any coupling with potential flow representa-
tion, and its critiLality will be revealed in the example calculations to follow.

For all cases presented here, •he inte-jration domain was fixed at two units of length chordwise and
one unit of depth, normal to the surface. T-'e mesh Is 11 x21 so that y-z-.!. In the initial plane, the
u-profile of the Jet, when iz Is used, is of .he form

,r2 /a.2
u ' Umaxe

where r Is the distance from the Jet center and aj is a constant fixing the init'al jet diameter. The
initial vortex Is assumed to have the form of a Lamb vortex. If V, denotes the axisymmetric velocity
vector, the vortex is of the form,

kv &, -r 2/a 2

V a-'-r_ (I - e ),

where kv fixes the strength of the vortex and av its core diameter. The angle of attack for all cases is
approximately 250, with w-1, v-.47, and u -. l. The small value of J_ is necessary to ensure no flow
reversal occurs in the x-direction. The value assigned to Ji may be .onsidered to represent a wing sweep
angle. Unless otherwise noted, the following values 4pply for the various cases: Umax'l.0, aj =.15,

av".lS, kv=20. Using the freestream vdlues of velocity and the two-unit chordlength as references, the
Reynolds number is approximately 2200 for all the examples in this section.

It became apparent after a few trials and analysis of the experimental data that the initial estimate
of leading edge vorticity distribution was a critical factor. Using z=2 units as a length scale for chord
and appealing to experimental results, It became clear that the leading edge vorticity should not extend
upward more than .1 or .2 units and should have a maximxm value very near the surface. The separation
profile distributes vorticity too diffusely for effective capture to be made by the initializing vortex.
Thus, the vortex, in proceeding outboard, loses strength rather than holding constant or increasing ii
strength.

Figure 8 shows an interesting result obtained with no downstream recovery (i.e. z, very large). The
vorticity distribution at the leading edge has a maximum of P=45, at y'0.1. The initial position of thelet is at z-l and that of the vortex at z- 5.

At three units outboard a secondary, counter-rotating vortex has formed behind the jet. At this point
the jet Is still centered very near z l. Apparently, since very little convection exists downstream of
the jet, vorticity of opposite sign builds up in an otherwise stagnant region and forms its own vortex
flow field. This vorticity of opposite sign Is generated at the wall, induced by the primary vortex, and
Is then convected by the primary vortex and the outer flow Into the stagnant region. The anomalous be-
havior of the leading edge velocity at :,-0.1 appears to be due to numerical Inaccuracy caused by the
large gradients of vorticity In tne neighborhood of the leading edge.

Figure 9 presents the results for a flow with recovery of freestream conditions 4.5 chordlengths down-
stream of the trailing edge. Maximum leading edge vorticity, &=25, is at y0.l. The c-component vor-
ticity contours indicate, at least for the x-3 spanwise location, that the vortex Is capturing leading
edge vorticity. This is approximately sustained at least through x-5.

Since 3(P/p)/Iz vaF/Ay, an examinatior of the sign and strength of 5/Dy presents an interesting re-
suit assuming the 3P/aX is not significant. Starting with the leading edge, there is a low pressure due
to the flow around the leading edge (a high negative Cp), then a rapid Increase to about Z=0.2 where the
pressure continues to increase, but slowly uintil Z - 0.6 where the increase becomes slightly more rapid
because agi3y becomes more positive. About Z= 1.0 the pressure reaches a high and thus starts decreasing
rapidly under the jet at Z-1.1. The decrease continues to Z=2.0, therefore, the Jet has an effect of
Increasing lift. This has been noted In experimental data.

Figure 10 depicts the u-component contours imposed on the vector plot of Figure 9. This defines the
location of the jet relative to the vortex. The mutual interaction of the vortex and Jet is obvious. Note
the 3u/3z across the vortex center is small, but au/ay is not and peak u occurs below the center of the
Vortex.

All examples so far presented have been initialized with a vortex and then allowed to develop span-

wise. While this allows more control in studying the interaction between the various flow components, the

question still remains whether a vottex is Induced by the combined action of separated flow and jet or
whether at least a small vortex Is already present and is merely amplified through these mechanisms. A
series of runs were made to search for conditio-s leading to the natural formation LF a vortex. Figure 11
"shows one of the better results obtained. It was found that strong recovery to freestream was required
(two chordlengths), along with an increased vortlcity at the leading edge. The leading edge vorticity In

"this case is P 45 at ya.%. It is noted thot the results of Figure 11 are for five units outboard. This
-; was the first statioh for which a vortex-like structure appeared. Presumably this structure wou;d become

A ) better defined further outboard, but the calculations were not carried beyond five units of span. A
drastic loss of Jet velocity is apparent, the Initial jet peak velocity having been 20, thus the jet is
swept more rapidly off the surface. Fnr the given starting and boundary conditions then, the jst may not
remain over the surface much more than five units outboard.
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Further examination of the leading edge criteria produceu the results of Figures 12 and 13. It was
determined from analysis of the experimental data that a strong positive value of vorticity should occur
on the surface at the leading edge. Figures 12 and 13 show this to be true. All input is the same for
these two fiqures except the vorticity at z-y-0. Figure 12 has a value of vorticity, •, 43 at z- y-O
and Figure has E-0 at z my O. The strong recovery of flow behind the Jet (input at zl.0, y -. 4 ) in
Figure 12 contrasts significantly with the vortex roll-up in Figure 13. The strong value o" leading edge
vorticity decays to zero on the surface within less than 0.1 unit of z, but its influence over the whole
flow field is large. It must be noted that the value of 4-43 has been chosen to have the same value as
aV/az for ZK0Z"O. This is a compatible relation as is discussed in Section 3.2.1 of this report, and
agrees in order of magnitude with the value deduced from experimental data.

This latter analysis emphasizes the need for accuiate values of Input velocity and slopes at the
leading edge, i.e. across the boundary layer at the point of leading edge separation.

5.0 CONCLUSIONS

1. A computational fluid mechanical model based on reducing the full Navier-Stokes equations to parabolic
form, with respect to one nf the three space coordinates, has been developed to a level to prove its
feasibility.

2. The viscous model can be applied to a wide class of flows: in particular vortex flows and interacting
Jet flows over no-slip lifting surfaces. The method allows the computation of large viscous flow
regions without approximations of the boundary layer type,

3. The method has been developed -with economical computing time, reducing computing time for such methods
to minutes rather than hours. Full capability and accuracy limitations of the model need further
investigation, however.

4. The model is sensitive to boundary conditions at the leading and trailing edges, These conditions
must be obtained from a potential flow model whicn interfaces with thp viscous model.

5. Analysis of eyperimental laser velocimeter data, surface pressure data, and flow visualization has
provided a relation between the strength of the primary leaPno Iaoe vortex, the vorticity shed at the
leading edge separation, and the length of the vortex feeding sheet,

6. Data from the laser velocimeter is required to provide knowledge of the sensitive leading and trailing
edge input quantities during the early exploration of this problem.

7. Analysis of the experimental data has Indicated the shape of the p'essure dist:ibu'ion and therefore
the pitching moment is a strong function of the location and strength of the secondary leading edge

vortex.
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SUMMARY

A wind-tunnel test of an arrow-wing body configuratien consisting of flat and twisted wings, as well as a variety of leading-
and trailing-edge contzol surface deflections, has been conducted at Mach numbers from 0.40 to 2.50 to provide an experimental
data base for comparison with theoretical methods. Theory-to-experiment comparisons of dctailed pressure distributions have
been made using current state-of-the-art attached- and separated-flow methods, The purpose of these comparisons was to
delineate conditions under which these theories am. valid for aeroelastic calculations and to explore the use of empirical
methods to correct the theoretical methods where theory is deficient. it was determined that current state-of-the-art
attached-flow and empirical methods were in.tdcqate to preditt aeroelastic loads for this conrguration 'The separated-flow
theories now under development show promise of being a possible tool to solve this problem

ABBREVIATIONS AND SYMBOLS
b wingspan Cr normal-force coefficient MS model stfttion

BL buttock line Cn section normal-force coefficient TE. trailing edge

c chord length C, pressure coefficient x, y, z orthogonal coordinates

c reference chord L.E. leading edge a angle of attack

CM.25 pitching-moment coefficient M Mach number 8T.E. trailing-edge control surface
deflection

INTRODUCTION

Accurate analytical techniques for predicting the magnitude and distribution nf aeroelastic loads are required in order to
design, in an optimum manner, the structure of large, flexible aircraft. Uncertainties in the characteristics of loads may result
in an improper accounting for aeroelastic effects, leading to understrength or overweight designs, performance penalties, and
unacceptable fatigue life. Moreover, correct prediction of loads and the resultant structural deformations is essential to the
determination of control power requirements, control surface moments, and aircraft stability mnd control characteristics. The
alternative to the development of satisfactory analytical techniques is the employment of expensive, time-consuming
wind-tunnel testa for each aircraft configuration. In addition, the ability to perform meaningful parametric or tradeoff studies
is severely limited by the lack of accurate prediction techniques.

The problem of accurate load prediction becomes particularly difficult for aircraft with highly swept wings and critical
design conditions in the transonic speed regime. Highly swept lohding edges precipitate flow separation and the formation efa
leading-edge vortex; transonic flight is synonymous with mixed-flow regions and embedded shocks. The degree to which our

beat state-of-the-art theor-tical techniques can account for these fl(w conditions is known in only a few circumstances.

Obviously, attached-flow theories, including those that properly treat mixed-flow regionn, cannot be expected to do well at
moderate and large anglts of attack when the leading-edge vortex is a dominant factor. H)wever, theories that do account for
the leading-edge vortex, and yield detailed pressure distributions, are often limited as to the wing geometries they can treat.
Several methods, now under development, are far more versatile in termsof wing shape and show promise of improved accuracy
Ita well. Clearly, if we are to continue to improve our predictive techniques, the limitations of all these methods need to be
quantified through detailed comparisons of theoretical and experimental pressures for configurations of curnut interest.

In the structural dsign of an aircraft, wind-tunnel pressure testa on a single wing shape (with twist and camber) are
J ,extrapolated by means ofan aeroelastic solution to obtain the load distributions for all other elastically deformed shapes of that

wing. In this proces,*quations are used that relate the changes in local pressure to changes in structural deformation. Methods
for doing this for high-aspect-ratio wings at subsonic speeds are well developed and have been substantiated by flight tests.
However, for highly swept wings and/or transonic flight conditions where various nonlinear phenomena become important, no
satisfactory methods are available. Until such tools are developed, the need will remain for wind-tunnel test programs
simulating each flight design condition on the flexible airplane.

The purpose of this paper is to report on the ro-sults of a comprehensive study carried out to define the ability of current
state-Of-the-atrt linear and separatted-flow techniques to predict detail_'•i presatures over a highly swept arrow-wing
configuration with flat and twisted wings. The wings were provided with both leading- and trailing-edge controls, and the flat

wing could be fitted with either a sharp or rounded leading edge. The ability of theory to predict the detailed pressures
associated with control-surface deflection or leading-edge shape was examined. Comparisons will be shown of theoretical and



experimental pressures for t~he flat wing as well as for the incremental pressure changes due to twist. The latter is of interest
.since this calculation is similar to that often made to correct basic rigid~model wind-tunnel results for aeiroelastic effects on tee
full-scale airplane.

k The resultb of the subsonic and transon-c program are summarized in NASA SP-347 (ref. 1) and discussed at greater length
in reference 2.

MODEL AND TEST DESCRIPTION

The wind-tunnel-model configuration selected for this study is a highly swept (71.20) thin wing on a slender body. The
planformn and basic geometi y of the model are shown in f igure 1. Two complete wings were conatructed, one with no camber or
twist and one with no camber but a span wise twist variation (see fig. 1). Both wings were designed to permit deflection of either
partial- or full-span, 25-percent chord, trailing-edge control surfaces with brackets to allow streamnwisc deflections of t4.10,
t8.30, ± 17.70, and =30.20, as well as800. )n addition, the flat wing wao; provided with removable leading-edge segments that
extended over 15 percent of the streamwise chord. These segments permitted testing of the leading edge drooped 5.10 and 12.80
as well as undeflected. A leading-edge segment was constructed with a sharp leading edge to examine the effects of leading-edge
shape. Figure 1 shows the bassc rounded leading edge with the sharp leading edge superimposed.

The 217 pressure orifices on the wing were equ2,lly divided into 7 streamwise sections on the left wing. Pressure taps were
located on both the top and bottom surfaces at the chordwise locations shown in figure 2. The body orifices were arranged in 5
streamwise rows of 15 orifices each. An additional 8 orifices in the area of the wing-body junction made a total of 83 orifices on
the left side of the body.
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Flgure, 1. - General Arrangement and Characteristics Figure 2. - Pressure Orifice Locations

The model w"s constructed of steel to ininimirze aeroelastic deflections. To ensure close control of the model dimensions, a
computerized lofting program was used to provide data for machining the model components using numerically controlled
operations.

The model wah tested in the Boeing Transonic Wind Tunnel (BTWT) and in the supersonic 9-by 7-foot leg of the NASA Ames
Unitary Wind Tunnel. The former is a continuous-flow, closed-circuit, atmospheric facility with a 12.5-percent porosity test
section measuring 8by 12 by 14.5 feet; the latter is a continuous-flow, closed-circuit, variable-density facility with a test section
measuring 7Vby 9 by 18 feet. Seven Mach numbers from 0.40 to 1.11 were tested in the BTWT, with angle of attack varying from
-8 0 to +160. In the Ames facility, data were obtainea primarily at Mach numbers of 1.7,2.1, and 2.5. Th'o major configurations
tested arn shown in tables I and 2.

Table 1. - Summary of Conditions Tested in Boeing Table 2. - Summary of Conditions Tested in NASA Ames
Tranionlc Wind Tunnel Unitary Wind Tunnel
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tonfiguration surface.
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The sqeparaved-flosw inethod le Waeed on dimtributiona of quadratically varying doublet panla. Since this approach is still
un~der development, and only tentative results are available, the term 'atate-of-the-art" used in the Introduction is not strictly
applicable. However, the older acparated-tlow methods can handle only simple wing geometries, and theory-experiment
comparisons for an arrow wing woild be of limited usjefulness.

As noted In the Introdtwtion, attaiched-flow theories can tbe expected to yield good agireement with experimpnt only at low
angles of attack.'The strong Influence of the leading-0go vortex (I~w for angles of attack greater than a few degrees clearly
indicates the need for detached-flow theor-os for deludled load& prediction. These theories ahould be able to mome closely predict
loading trendD at. the higher angles of attack even though the geometry they can handle is less general than that of the more
mature ;ittached-flow methodfi. Additional details of the analytical methods are discussed below.

Attached-Flow Theories

The primary analyrmis method used for pressure calculations in this study was the unified au~bsonic/supersonic panel
technique of FLEXSTAB. which wa3 developed by Boeing under NASA Amnes sponsorship (see refs. 3 and 4). The FLEXSTAB
system of digital comue programs uses linear throry to evaluate the static and dynamic stability, the inertial and
aerodynamic ioading, and the resulting elastic deformations of aircraft configurations. The aerodynamic module contained in.
the FLEXSTAB system is based on the coxeitant-pressure-panel method developet; by Woodward (refs. 5 ard 6) to solve the
linearized potential-flow equations for supersonic and subronik speeds with planar boundary conditions. The method is als(,
used at transonic speeds, where the nor~linear terms not accouated for mady be important.

Figure 3 ihows the distribution of panels used -In this analysis. Line sources and doublets are distributed along the
longitudinal &xis of the body to simulate its thickness and lifting effects. Simailarly, source and vortex panels are placed in the
plane of the wing W simulate its thickness and lifting effects. To account for the interference effects; between the wing and body,
constant-pressure vortex panels are ploced on a shell around the body. This "interference" shell serves to cancel the normal
velocity components on the body induced by the wing.

At subsonic Mach numbers and the high supersonic Mach. numbers, 50 line aingulari ties, 168 interference panels, and 160
wing panels were used to represent the configuration. For the very low supersonic Mach numbers (1.05 and 1.11), the number of
interference panels had to be greatly increased !to 330) to overcome instabilitie~s associated with the solution. The edger. of the
wing panels were chosen to coincide with the control surface hingelinies and breaklines. Note on figure 3 that the panels
are of nearly equal width and, in the chordwise direction, panel edges are at constant pereent. chord with closer spacing ait
the leading edge and the hingelines.

The second attached-flow method used was the general method of Rubbert and Saaris (refs. 7, 8, and 9) for the numerical
solution ofnonplhnar, three-dimensional boundary-value problems. The method solves the exact incompressible potential-flow
equation (Laplace's equation). with compressibility effects incorporated via the Gdthert rul i. In contrast to FLEXSTAB, the
lRubbert-Saariv. (Itereafter referred to as TEA-230* solution is not. encumbered by the small perturbation approximation and is
capable of treating problems of far more detail and generality than the linearized theories.

Figure 4 shows a typical paneling scheme used for the TFA-230 representation of the arrow-wing body model. The source
panels are plactd on the configuration surface; consequently, new paneling was required for each configurtion. The linearly
varying internal ind trailing vortex panel networks are not shown.

* EXACTAMUNDARY CONDITION

" _05 . OTHERT CCMPAESSIRIUTY RULE

11555;NOULARITIES

LASIC INTER5EALCE S*,LLP tdEING IN' ttIFEAENGE.ViELL PANKiIUO L

Figure 3. - F11.FXS TA 8 PAneling SchemeI Figure 4. - TEA -230 Paneling Scheme

Detached-Flow Thcorse;

The method chosen to predict thc effect on wing pressures of the leading-edge spiral vortex was that of Weber. Brune,
Johnson, Lu, ana Rubber' (refs. 10 and I D. This method is capable ofpredicting forces, moments, anid detailed surface pressures-
on thin, sharp-edged wings of arbitrary planform. The wing geometry is arbitrary in the sense that leading and trailing edges,
may be swept P~s well as curved or kinked.

The igoverrning equations are the linear flow diff~erential equetion and nonlinear boundary conditions v.A tho~ar at the
___ flow be parallel to the wing surface and that the free yorteitsheet, springing from the leading and trailing edges, be aligned with

the local flow and support no pressiure j ump. The Kutta condition I s imposed and satisfied along all wing edges. This problem is
solved numerically by an aerodynamic panel niethod. The configuration is represented by quadrilateral panels~on all surfaces

- -. with quadratically varying doublet singularities distributed on them. The vortex core is modeled as a simple line vortex that
receives vorticity from the free sheet through a connecting kinematic sheet. The set of nonlinear equations is solved by an
Iteriativo procedure. starting with art assumed initial geomnetry.
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Figure 5 shows the paneling arrangement used on the wing. Note that the leading and trailing edges are extended to a point
rather than chopped off to form a finite tip. This should have only a trivial effect on the answers obtained. The fuselage was not a
part of the current model; instead, the wing external to the body was moved inboard to obtain a more realistic model of the wing
alone. A total of 212 panels were used for this solutio;a: 63 panels to describe the wing, 108 panels to describe the rolled-up
vortex, and 41 panels to describe the wake. The curient version of the program is restrictad to incompressible flow.

The separated-flow computer program described above is still in its early stages ofdevelJpment. The capability for handling
wing thickness, camber, and twist as well as a fu&.lage representation are now beirg added. In addition, the effects of
compressibility (Githert correction) and a new vortex model are being incorporated.

y INCOMPRESSISLE MOTENTIAL FLOW

* ITERATI-, SOLUTION

* 212 PANELS

VORTEX PANELING

WING X DESIGN WAKE
PANEL.ING

ACTUALTP

Figure 5. - 3-D Vortex Program Paneling Scheme

TEST-THEORY COMPARISONS

Tn- utility of any aerodysamic theory is judged by its ability to accurately predict flight or wind-tunnel results. Of course,
these judgments should be made on the basis of theory-to-experiment comparisons for configurations and flight conditions
similar to those to which one expects to apply the theory. With this in mind, and recognizing the limited amount of detailed
pressure data available for arrow-wing configurations, the present program was initiated to provide basic experimental data
and to examine the ability of some of our more common, and promising, theoretical techniques to correlate with experiment.

Theory-to-experimentcomparisons were madeover a range of Mach numbers from 0.40 to 2.50 using the FLEXSTAB system
and at Mach numbers of 0.40 and 0.85 with the TEA-230 program. Both the flat- and twisted-wing configurations were
analyzed, including the effect of deflecting control surfaces. This paper concentrates on results for the flat untwisted wing.
Calculations using the separated vortex method are limited to the flat wing at a Mach number of 0.40.

To get an idea of the gross aerodynamic propArtiE" . _i. ,at isn is shown in figure 6 of experimental and theoretical norraal
force and pitching moment coefficients over the rang#. of Ma.h numbers. Both the FLEXSTAB and TEA-230 calculations are in
good agreement with experiment throughout the Mach number range at low and moderate angles of attack. However, at
moderate angles of attack the agreement is fortuitous, and detailed comp&risons of etrface pressures are necessary to evaluate
the adequt.cy of these theoretical solutions in Oescribing the load distribution on the surfaces.

EXPERIMENT

oM-0.40 OM-1.70 FLEXSTAB
OM-0.85 vM-2.50 .... TEA-230
A M 1.05

.0 0 e6

.8" .4

0
.2- .2l

CN C

0. 0

0

•.4 o .a 0. ..4-, 0- 0

-6 0 6 12 18 24 30 36 42 -.12 -.06 0 .08 .12 .18 .24 .30

ANGLE OF ATTACK. 0t. DEG CM.25
Figure 6. - Total Normal Force and Pitching Moment Coefficients, Flat Wing

4A comparizin of experimental and theoretical surtace pressures on the flat-wing configuration is shown in figures 7 through
10 for four Mach numbers. Wing surface pressures at three spanwise wing stations and at angies of attack of approximately 40
"and 120 are shown. At the low angle of attack, generally good agreement with experimental r'soults wa obtained by the use of
either sttached-flow theory. However, the lack of agreement of the tipper-surface pressures at ,he most outboard station at
Mach numbers of 0.85 and 1.05 is due to the start of vortex formation. The TEA-230 predictions are somewhat better near the
leading edge than the FLEXSTAB results, which exhibit the typical linear theory leading-edge singularity.



At the higher an~gle of attack in figures 7 through 10, good agreement of the predictions with the experimental data is
obtainted only at the most inboard wing section (2y~l =~ 0.20). At the two outboard stations, neither the FLEXSTAB nor the
TEA-230 results compare well with experimental data. One final point of interest with resp~ect to these chordwise pressure

Oil distributions is the diminiiihing effect of the leading-edge vortex as Mach number increases from 1.05 to 2.50.
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2y/b =0.20 2y/b 0.50 2y/b =0.80

-.6

.2
-1 0

t8

-6 1

1.0 05 1..
FRCTO OF0CLCOD l

.. 6 0

.4 --------- r r~

0.510 .5o 000000011000.

0 .5 1.20 .5 / 1.50 . / 1.80.8 1FRAC1'1 
__-TIO OF 

'O 
A 

'HRD 
x

F~~~~~gure ~ ~ ~ ~ ~ 0 8. -urePrsreisrbtosFltWnM .05



11-6

o UPPER EXPERIMENT V LOWER EXPERIMENT - FLEXSTAB

2y/b = 0.20 2yV, = 0.50 2y/b = 0.80

.2o 0o00 0 00( 00

(a) cc 40
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000 00 0000 00 00-Cp 00000 ---00

i. 2 ----0 
/ - - - - -

0 .5 1.0 .5 1.0 .5 1.0

FRACTION OF LOCAL CHORD, x/c

(b) a= 120

Figure 9. - Surface Pressure Distributions, Flat Wing, M 1.70

o UPPER EXPERIMENT v LOWER EXPERIMENT - FLEXSTAB
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(b) cc= 120

Figure 10. - Surface Pressure Distributions, Flat Wing, M = 2.50

The spanwise load distributions shown in figure 11 demonstrate the same points made earlier with respect to the chord load
distributions. The agreement is best at small angles of attack and near the wing root. At high angles of attack, the theory

generally underpredicts the load level over the inboard half of tl, U wing and overpredicts it outboard.

The discrepancies between theory and experimeut in both chordwise and spanwise loading are obviously caused by the
development of a spiral vortex above the wing leading edge at relatively low angles of attack. Plots of upper-surface isobars at
Mach 0.40 can be used to better illustrate this. Figure 12 shows the formation of th- vortex on the rounded leading-

¾ ,edge fiat wing. Evidence of the vortex formation is first seen at an angle of attack of 40 and is clearly evident at 80.

iQ'•- 'he development of this vortex with angle of attack is influenced by both the sharpness of the leadirig edge and the wing
twist. The first of these influences can be seen by comparing the isobars of figure 12 with those of figure 13, which are for the
sharp leading-edge flat wing. The vortex is more developed at 40 for the sharp leading edge than it was for the rounded one at 60
and continues to develop more rapidly with angle of attack. This phenomenon is less evident at the higher Mach numbers.
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FLEXSTAB 0 of= 40

TEA-230 0 t=80 EXPERIMENT
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Figum 12. - pe-Surface Isobars, Flat Wing, Shrcpde Leading EdgeMmao.4
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of2 t = 40 Of= 60 Of= 80  o= 120  15o

I Ii

Figure 14. - Upper-Surface Isobars, Twisted Wing, Rounded Leading Edge, M = 0.40

It is abundantly clear by now that the flow on the model is dominated by a separated leading-edge vortex except at small

angles of attack and that the attached potential-flow theories do not adequately predict the effects of the vortex. It is of interest
then to determine what improvements one can achieve if this vortex is accounted for in the theory. Figure 15 has been
constructed for this purpose. Calculations carried out asing the method of reference 10 are compared with experimental data
and results of the FLEXSTAB program for a nominal angle of attack of 120 for the flat wing with sharp leading edge.

The comparison between experimental data and 3-D vortex results is surprisingly good, particularly considering the
absence of the body in the theoretical model. Since the level of the peak lifting pressure is generally overpredicted, it is likely
that ýha vortex is artually further from the surface than the theory is predicting. Nevertheless, the results are encouraging and

the accuracy of the method should improve through further development.

2.0

n-- FLEXSTAB. M 0.40

C, 1.0 0(TYPICAL)

/ EXPERIMENT. M -0.40

0 (SHARP LEADING EDGE)

•< • j•-,-3-D VORTEX, M ",0.0

ape

Figure 15. - Net Pressure Distributions, 3-0 Vortex Program, Flat Wing, a 120

The effects of full-span trailing-edge control deflection on the pressure distributions are particularly interesting. At low
deflections and angles of attack, the pressure distributions at transonic speeds look typical of those for wing-flap combinations
of moderate to low sweep. For the higher deflections and angles of attack, the loadings at the inboard wing sections are still
similar to those of moderately swept wings with controls but, on the outboard sections, the distributions resemble those of the

flat wing at an angle of attack, The increased wing circulation due to control deflection apparently causes the formation of

vortex flow, and it in turn causes the incremental loading due to outboard cont-ol-surface deflection to be obscured.

Figure 16 (Mach 0A.S) shows the effects of deflecting either the inboard or outboard portion of the trailing-edge control
surface, as comparedto zero deflection and full-span deflection. Only the upper-surface pressures are shown since they are the
most important. Two particularly interesting items are the carryover effect on the outboard loading caused by deflecting only
the inboard trailing-edge control surface and the loss in effectiveness at 12C angle of attack when the outboard portion of the
trailing-edge control surface is deflected. This loss ofeffectiveness is due to the vortex that completely dominates the flow on the
outboard region of the wing,
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Figure 16. - Upper-Surface Pressure Distributions, Effect of Trailing-Edge Control Surfa-, Deflection, M 0.85

The phenomena just described may perhaps be grasped more easily from the spanload plots given in figure 17. It clearly

shows the incremental loading due to inboard, outboard, and full -span control surfaces nt 40 angle of attack whereas at 120 the
curves for zero and outboard control-surface deflection are essentially the same. The fact that the inboard and full-.pan
control-surface deflectionb yield the same spanloas distributions is clear evidence of the ineffectiveness of the outboard control

surface at high angles of attack.

I --o-FULL SPAN 0.00 0 OUTBOARD 8.30
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n I
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0 1.0 .1.0 .5 1.0

FRACTION OF SEMISPAN, 2y/b
Figure 17. - Spmnload Distributions, Effect of Tral!ing.Edge Control Surface Deflection, M -• 0.85
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Data similar to thaW described for the subsonic Mach number is shown in figures 18 and 19 for Mach 2.1. As in the lower

Mach number case, the inboard control surface is much more effective than the outboard at al' angles of attack. However, in

contrast to the low Mach number results, the outboard control surface still retains some of its effectiveness at higher angleb of

attack A reduction of the induced lift over the forward portion of the wing due to control-surface deflection coupled with the

natural werkening of the leading-edge vortex with increasing Mach number are probably responsible for this effect.

The atta-hed-flnw theories have been used to predict pressure distributions with the trailing-edge control surface deflected.

The deta shown in figure 20 for three Mach numbers (0.40,0.85, 2.10) are for the control surface deflected 2.30 and the model at

00 angle of attack. The station at 2y/b = 0.65 is used, since the agreement between theory and experiment is typical of that

obtained at other spanwise stations. The calculations from TEA-230 are includcd only for Mach 0.40. It is apparent that the
prediction of the pressures at thc leading edge and at the hingeline are much better with this method. FLEXSTAB overpredicts
the pressu•r-s on the control surface at all Mach numbers shown, although at this angle of attack the distribution forwe-d of the

hingeline is quite goad except at the leading edge.
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Figure 18. - Upper-Sirface Pressure Distributions, Effect of Trailing-Edge Control Sarface Deflection, M 2.10
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o UPPER EXPERIMENT V LOWER EXPERIMENT - FLEXSTAB TEA-230
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S~The preceding comparisons have shown that the attached-potential-flow theories are able to predict experimental pressures

S~for this configuration at only small angles of attack and control-surface deflections. The effects of Mach number do not appear to
be pitrticularly noticeable in the data at Mach 1.05 and below. However, it is quite evident for Mach numbers of 1.7 and above

that the character of the experimental chordwise pressure distributions are chang~ig ar the strerngth of the laadi,,g-edge vorte•c
diminishes. The test-theory comparisons at Mach 1.05 were generally as good as those at the subsonic Mqach numbers.

There were no large differences between the TEA-230 and the FLEXSTAB results in comparison with experiment. TEA-230

with its on-the-surface paneling and boundary conditions predicted more closely the correct pressures near the wing leading

edge and on the deflected control surface than did the linearized FLEXSTAB. For configuration development at subsonic
•peeds, the TEA-230 method is preferred to the FLEXSTAB method because of its ability to better predict detailed surface

pressures. For calculating load distributions, the FLEXSTAB method is generally as adequate as thp TEA-230 method and is

easier to implement. It is also applicable at supersonic speeds and includes the required aeroelastic solution.

F TEMPIRICAL CORRECTIONS

For many conditions the available theories do not give adequate results for detail design. The aeroelastic solution provides
the means for translating th2. aerodynamic load distributions obtained from wind-tunnel tests on a single shape to the load

distributions on the elastically deformed airplane. Equations are used that relate the changes in local aerodynamic pressure to
changes in structural deformations. Itos desirable to introduce aerodynamic corrections based on experimental data that would
improve the accuracy of the theoretical estimate ofpelastio increments. The range and scope of these corrections vary greatly in

complexity and. for low-aspect-ratio configurations, their utility has not been established.
The simplest type of elastic correction is to scale experimental aerodynamic paraeters by the ratio of theoretically

calculated elastic-te-rigid values .f the parameter in question. This scheme has limited vclue for structural design because it
does not provide an improvement of the load distribution. A very successful method that has been well developed for

high-aspect-ratio surfaes at hubsonic speeds has been to scale wing section characteristics abong the span of the wing. Ideally, a

methos Fr correct low-adpect-ratio aerodynamics simould influence both chordwis and spanwise loadings.

Since many low-aspect.ratio aerodynamic methods used for elastic predictions are based on some sort of aerodynamic
influonce coefficient (AIC) matrix, a method that modifies elements of the AIC matrix should prove useful. However, in such a

matrix correction scheme, there are always more unknown correction fectors than equations available, requiring a number of

daisumptions to obtain a solution. Table 3 summarizes schemes used for matrix cjrrectsons.

For this configuration, matrix correctors do not solvethe aproblems. At small angles ofattack, where the experimental data
are most nearly linear, attached-flow theory without modification predicts the pressure distributions quite well. At higher

oangles of attack, the flow is nonlinear and linear corrections to theitheory do not improve the prediction.

ThExamples of the variation of upper-surface pressure coefficients with angle of attack for several Mach numbers are shown in

figure 21. Several chordwise locations on a typical spanwise station illustrate the region of linearity at low angles of attack and
swhy linear crrections will not improve the match at higher angles of attack. The pressure coefficients on the lower surface, ao

well as the resulting net pressures, are just as nonlinear.

In practice, theoretical results are used mainly to correct experimental data from a rigid wind-tunnel model for the enects of
influnthe elatic deformation of the flight airframe. Examples of this procedure are shown in figures 22 and 23 for Mach 0.85 and 2.1
matan angleofattack scf8e. Here experimental data is taken for the flat wing (rgid model). A theoretical increment calculated for

the known twist of the model (supposed elastic deformation) is added to obtain ta.c pred~cted distribution. This result is
Fcompared with the twisted-wing dataat thesame angle of attacl (deformed airframe) Three spanwise locations are shown. The

rsection at ny/b = 0.35 is typical of the other inboard stations. The error in predt cting the preusure distribution is e mail,

anlso tak h lwi olna n iercretost h hoyd o mrv h rdcin
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primarily because the relative twist in this region is small. However, there are significant differences at the rnaidspail a&sd
outboard stations between the experimental flat-wing data theoretically zorrected for twist and the experimental twisted-wing
data. This is because the twist has changed the location and strength of the leading-edge vortex. The theoretical corrections are
linear and work only on those cases where the actual flow changes are also linear.

This example is indiLative of the type of problemns that must be overcome before a reliable prediction scheme for aerodynamic
increments due to elasticity is available. These resilts also indicate that the use of empirical corrections in the aeroelastic
solution to calculate flexible airplane loads is extremely rieky, and much research is necessary to develop a practical method of
tusing such corrections.

Table 3. - Experimental Corrections to Aerodynamic Influence Coefficient (AIC) Matrix

-Panel load, L f (incidence of all panels)

r jGenerat problem 1 1A I C12 A 12  C INAIN 8 N equations availaalc

1 A2 ' C22 C2NA2N • N
2

dPN 0 Assumptions are necessary to anoseCNIANI ' CN2AN2 + +CNNANN

Types of simplified Equations Type of Solution Assumptions
equations

Scaling One equation Distribution is correct.

'p )-C[]f ) C~ (expertimental) mtagniwude may be in error,
(10' C. L(Vequa: correction at all

s--r L 1,iCLPI (arlalyltr-l) Panels

Row correction Separate snear equations Equal corrections apply

=A] [A P1 (dp j N to loads induced ondL A j C1., P / panel I by both local

+1 [.11 doeV andI remote points

Alk anilytycally derivd coefficients Column corfect.on Simultaneous linear Equal corrections apply
of the AIC matrix. effect of panel __Id~[ qa~n 1  olasidcdbk on Pae ,o. jCJ Per oi d t panel j on both local_C tlJ Ias[ uJ and remote points

L Product correction Simultaneous nonlinear Correction applied to
P eitariientl ~~nc lod I~01  ~ ci tI equations ioth local and remote

coefficl-rt.area I1d-P I [C 1 I points proportional to
dIterative sol"on product of local factors

Of - panel angle of attack, radians Combination of row

and column methods
C ccirectlion factors

-0- M = 0.40 - M = 1.70

-o- M = 0.85 - M = 2.50

-'Ž- M = 1.05

x/c = 0.025 x/c = 0.175 x/c 0.600

-.0 0 0

--.2.,

-8 0 8 16 -8 0 8 16 -8 3 8 16

•-;,ANGLE OF ATTACK, Of, DEG

Figure 21. - Typical Variation of Upper-Sarface-Pressure Coefficients With Angle of Attack, 2y/b = 0.65

4
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o FLAT WING
SEXPERIMENT--o--TWISTED WING, - TWISTED WING, PREDICTED

.1 70
2y/b 0.35 2y/b= 0.65 2y/b = 0.93

Cp, ne,

1+

.41 4 - 0".3 
0.2 V"ERROR '.0 ,

0~ 0
00

0 ......... ". . o. -o -•

.-RACTION OF LOCAL CHORD, x/c

Figure 22. - Pseudo-Aeroelastic Predictions, M = 0.85, a= 80

0 FLAT WING SEXPERIMENT
-,--TWISTED WING• • TWISTED WING, PREDICTED

2y/b =_0.35 2y/b 0.65 2y/b 0.93

ne.3 :-. z-*. 'v.

.4 |- . -...I: .I . Oo o

S1.0 .'j 1.0 .5 1.0

FRACTION OF LOCAL CHORD, xlc

CONLUIN RMAKS Figure 23. - Pseudo.Aeroelastic Predictions, M.' 2.10., a= 8

:-•: •It has been shown that the attached-potential-flow methods can yield good agreement with experimental data for this type of
,. •.configuration at low angles of attack only. These analysel, are generally adequate for the evaluation of a configuration at cruise.• • ondiions(load factor one). At critical structural and control design conditions, which usually involve large angles of attack

• ; I and/or large control-surface deflections, the attached-flow theories •re completely inadequate. Attempts to introduce empirical
to improve this situation have been unsatisfactory.

'-., <.-'-'•<attaIched-flow theories. Furter development uf this type of anllysis technique appears to be the only hope for predictingpi'• h aerodynamic loads on highly swept, low-aspect-ratio, flexible airplanes with the accuracy required.
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Summa ry

Three dimension•al qereonia fl•ow about airoraftvo or re-entd'y vehicle axre o•omputcd bg a mar-
chi'ng technie , a,.ong the body axis. Beside the well know. featuree of these flows (3D bow and
iJb-bnled shock•, entropy layero-..) diffic~n4tins arise when the body surface presents lines of
discontinous variaticni of its sl•we (as for ,xtriplc in tho case of a cnme aLieed ý.,th a plane).
It. is huee shoui? Ohat the ner•',eal prediction of the pressure at the body ocmnea sut quite
wronq if rhe alope diacontinuibies of the surface of the body are not taken in t;e proper con-
sideration. A mefhodoiogy is given in oider to irplement easily tho capc2i'bitiias o! existirng
com•pWter prgzm•'z in caae of these "-inds of bod'es. it is based on the ezpliait; computation of
the flow properties on the two sides of the diVcontinuity at the body by using there a local
analysis. Ca-mente on thio matter ara given and suppsrted by the results of mzetricaZ experi -
m cnit•.

1)INTrRODUCTIOtN

Attention is paid today to a family of reentry vehicles which may be controled in
their trajectory by means of very simple lifting devices. The geometry of these vehicles
is quite simple; the are shaped as blunted and relatively short coi:es (generally circu -
lar), which, in the after bccy section, present fiat surfaces (obtained by intersecting
the original cone with planes parallelto the cone axis).

Part of the flat surfaces may be moved in a flap fashion,in order to generate the
required aerodynamic forces needed for controling the vehicle. The sketch of Fig. 1 shows
a typical configuration.

It should be outlined that the computational methods, used in evaluating the surface
pressure on these vehicles, must be quite accurate. In fact small errors in the predicted
pressures may give a wrong prediction of the maneuvering capabilities of such vehicles.

If we look at the cross-section in the afterbody of such a vehicle, we may see a
discontinuity in the slope of the contour; just where the flat surface intersects the co
ne surface. We will call hereafter "discontinuity line" (d.l.), the line representing
this intersection.

If the usual 3D computational methods are carried on, without any provision about
the d.l., it will be shown in the following that the predicted results are far from what
it should be expected. This is in agreement with a general concept, supported in many
papers (see for example Ref. 1,2): shock waves, contact discontinuities , discontinui -
ties at the boundaries an3 others, need a local analysis and the explicit numerical trea
tment, in order to get accurate and reliable results.

However, the more complicated is the discontinuity (as for example 3D imbedded
shocks), the more sophisticated and cumbersome turns out to be the procedure in writing
the computer code. In the present case, the "discontinuity line" pertains to the group
of relatively simple discontinuities, so that the explicit treatment does not require com
plicated features in the code. The purpose of this paper is the presentation of an algo-
rithm (explicit treatment of the discontinuity line), which may be appliee quite easily
to existingcomputer codes. The price to be paid in implementing the code capabilities,
consists only in few Fortran statements, added hera and there. However the results come
out definitely as more reliable.

2) PRELIMINARY CONSIDERATIONS

In order to understand the perturbations originated at the d.l. we start with a sim
ple problem.

With reference to Fig. 2, we imagine a uniform supersonic flow over a flat plate.At
the station z , a groove has been cut into the plate. By looking at the longitudinal sec
tion (Fig. 2a°) we expect: a Prandtl-Meyer expansion fan generated at z (more precisely,
a quasi P.M. fan, because of the 3D effects). Moreoverl so far the component of the flow
velocity, upstream of the d.l. and normal to it, is supersonic (Mn> 1), we expect expan-
sion fans centered all over along the d.l. The isobars pattern in a cross section (nor-
mal to z), should look as in Fig. 2b. The top view is shown in Fig. 2c.

The flow on the d.l. appears then to be described by a set of double value points
(the upstream ones, and the ones immediately downstream of the d.l.).

When we tried to compute this flow fielu (geometry of Fig. 2) , without any particq
lar numerical provision related to the d.l., we got the pressure distribution at the bo-
dy, which looks as the dotted lineinFig. 3, No numerical oscillations appear in the re -
sults, despite the existance of the d.l.Of course this fact should not lead to the wrong

M() This reaearch has been supported by the "Centro Nationale delle Ricerche" (Contract n.115.6799.CT75.
01369.07)
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conclusion that the restilts are good. In fact, let us anticipate the results obtained
with the proper numerical treatment at the d.l., which we think as correct and which are
reported in Fig. 3 by the solid line. The difference is really remarkable.

In order to emphasize what kind of mistake one does, by neglecting the d.l., we
would like to show some further results about an oversimplified example: the 2D flow ex-
panding over a sharp corner. In this case we known the theoretical pressure distribution
along z.

We did two series of computations; we started the integration by marching along z,
just ahead of the corner (uniform undisturbed flow) and just behind it (uniform flow
except at the body where the velocity, tangent to the wall, and the pressure are compu -

ted according to the P.M. analysis).
Furthermore we assumed Dz intervals at each step of the integration reduced, with

respect to the (Dz)FcL determined from the stability criterion, by the factor a (Dz =

a DZ ). The plots ef Fig. 4,5 show the pressure distributions along z for supersonic
(M = FCL2) and hypersonic (M = 10) flows. Because the reference length is given by the
mesh interval along x, we have reported z* = z/Dx being Dx the interval at the starting
station).

The results obtained by starting just ahead of the corner, without any explicit
treatment, are reported by the solid lines in Fig. 4,5, whereas the points refer to the
case computeC with the P.M. analysis. We may observe that a large delay in z* is needed,
in order to adjust the pressure level at the wall, in the first case. The delay tends to
decrease by marching with smaller Dz; however no improvement is practically achieved for
a less than 0.2. The pressure evolution may be monotonic (hypersonic flow) or may show
remarkable undershoots (supersonic flow). In any case the preiiction of pressure at rela
:ively short distance from the corner is completely wrong. Different conclusions are
drawn when the P.M. analysis is used; except for a = 1 at M = 10 the agreement with the
theoretical value is quite good.

We think that these preliminary considerations make clear that a good computation
must include the proper treatment at the d.l., by putting there a double value point.

3) EQUATIONS AND NUMERICAL APPROACH

We present in this paper numerical results for supersonic flow cver a plate with a
groove and about a sliced cone. Just for the sake of simplicity, we give hereafter the

equations for the first geometrical configuration (where a cartesian frame of reference
is assumed). The extension to the sliced cones geometry (cylindrical frame) is obvious.

First we write the equations used in the integration of the grid computational
points. We give then the equations used for computing the flow properties on the upstream
side of the d.l. Finally the local analysis is shown, in order to relate the flow pro-
perties on the two sides of the d.l.

3.1. Grid Points

The Euler equations are written in thecartesian frame (x,y,z), and the stream line
slopes (6 = u/w, 7 = v/w) are introduced, instead of the usual components of the velocity.
ALL the variables have been normalized as reported in Ref. 3.

We consider the flow field in the region bounded by the ':per limit c(z), the body
contour b(y,z), the symmetry line (at the left) and the undisturbed right boundary (see
Fig. 6).

Then we introduce the computational frame (X,Y,Z), defined as;
I 'c-b

X = ; y . Y; Z = z

The equations of motion come out was:

a2
0(I ..- ) P B + Bx + +D + + FTX = 0

w

(1) az +A + C +CPx - Pz0

TZ + ATX + T•y + EPx. +-1 • a2_ p T7 a2 pz 0a
Z a 2  Y a2

W w
where:
P --In p; a = T; T = exp (Y--P)

Y
D 1/(c-b)
C (X-1)b - XC ; H (X-1)bz - X

a2
A-- D (a+r G+H); B A-- 2 -Dfl
C 2 aw

(0 H; W (I -( H)I F= yVG
Y w

Eq. I are used for evaluating the derivatives P., VZ, T., at the interior points; the in
tegration is carried on by a marching technique aleng , -according to a two-level (predic

Hi III u rin( •i PI i n * • n iu • m •i• r uemm l l f nal mu/ n~Uinn li
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.or-corrector) scheme (Maz Cormack).At the ]eft boundary we used the same procedure as
at interior points,because ofthe symmetry condition. At the right boundary the undistur-
bed flow conditions are imposed (we will confine the computation to the velue of z'where
the d.l. reaches this boundary) .The same is done at the upper boundary c, which is suppo-
sed tere to move along Z as a characteristic surface, which will be never reached by t'Le
waves generated on the d.l. At the body we follow the same procedure ad reported in Ref.
3. A compatibility equation is obtained from Eq. 1, which allows to evaluate the pressu
re derivative with respect to 3:

Pz ).Px + {xA(cX + G'(X) + y(bzz + 2Tbyz + t 2byy) +

(2) 2 a2 A } (a2
( + G -) + y } / ( -)

w w

where: = D (-(o+rG) + 0)
2

( w

S• %/2 w2

a2a

\F (o~2 w
2  

2

a2  a(~-1 1G

The pressure at the body is computedby integrating Eq. 2, according the two-level scheme
as at the interior points.

We defined at the body the two components u, v, of the velocity contained in tný cross
-section plane (see Fig. 7):

; v (V1 bI

The momentum equation in the direction tangent to the body contour (in the cross-section
plane) gives:

'• ', 1 a2 U.
(3) Vz = -E(Vy + 7- -2 P --- (-zbyy + by,))

YV V 1w 2  y yy2y

By integrating Eq. 3, one gets the uptated value of v. Py the decoding procedure.
wich is based on the tangency condition (A = 0) and on the conservation of the total tem-
perature (T'), one has:

U =--- (VVb + bz ); V = - u b

77 y z

W2 q 2 q 
2y (TO-T)i v I + b_ 2+b

3.2. The ,4pstream point on the d.l.

We have already anticipate4 that the presenttreatment of the d.l. holds, provided
that the flow normal to the d.l. is supersonic. It follows that the computation of the
flow properties at the point U (.ig. 3) is only depending on the flow at the right side
of the d.l. We compute the flow here by writing the equatior.s of motion in the frame of
reference (9, n, t) moving along the d.l.:

r -b
," • = • ; n Y - ys; =Z

where the d.l. location is given by ys(z).
A set of equations, similar to Eq. I may be then written. The compatibility equation,

k wich provides the variation of pressure along the upstream side of the d.l., is:

P XP + {yX(OX + GTX) + y(bzz + 2rby + T2byy) +
2 a2

(4) + ((-Ys))• + -2 (G + ysz(a+rG)))Py +
w w

a 2

+ Y ,) / ( )
+ w

The momentum equation, correspondLin to Eq.3, results now as:

(5) V C . -((T-ysz)Vy + I W Y ' 2 ('b yy + byz))
Yu W
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By using the same procedure as at the body grid points, one may compute the flow proper-
ties at U. In the presented examples,being zero the Y-derivatives in the flowfield up-
stream of the d.1l., we may avoid this procedure, and just set at U the indisturbed flow
conditions.
However, in different cases (for example ;1iced cones at incidence), we need the integra-
tion of Eq. 4,5. One may even think to de~termine the flow at U, by extrapolating the va-
lues from the grid points at the right side of the d.l.; our experience has shown that
this simple procedure may give some numerical problems.

3.3. Local analysis at the d.l.

We define the unit vector, T, tangent tothe d.l. We consider then the component of
the upstr'eam velocity (•) along t (v*r), and the normal component M*). We have.

T= TI + 21 + r3-k (given Ly the geometry)
v * = r. = U TI + V2 + WT 3

S= V - Vill; u* v2'

So far the Mach number of the upstream flow normal to the d.l. (Mn, Fig. 2c) is larger
than one, ws may apply the Prandtl-Meyer analysis to this normal flow, which experiments

-I the deflection Av and the abrupt expansion over the sharp corner:

AV acoa

where • and denote the unit vectorsnormal to the surfaces upstream and down stream of
the d.l. From the P.M. analysis, one gets the pressure P at the downstream point D, and
the velocity component uY,, normal to the d.1. and directid along the unit vector (N x x).
The velocity • at the point ;, is then:

V,= U~ ($'ýl I X 'T) + v~

Because u1 and v , and the component of the vectors•4 and are known, one may soon eva
luate the velocity components (u,v,w) and the streamline slopes (u,T) at D.

The computational points U and D move in the fixed gridcf computational points at X
0 (fig. 6).

Special formulas has to be taken in order to evaluate the Y-derivatives at the point
U (Eq. 4,5) and at the grid points MSM, MS (Eq. 2,3), in order to avoid derivatives across
the discontinuity and to save theaccuracy, whatever is the position of the points U, D in
the fixed grid (given by c in Fig. 9). The formulas we have used have been suggested in
Ref. 5 in the case of computation of shocksfloating in fixed grids.

Numerical results

We have carried on computations for two different cases; uniform flow over a flat pla
te with a groove and about a sliced cone (pointed nose).

As regards the first case,we refer to Fig. 2. The d.1, lias been chosen as the hyper
bola:

y Y z tan i (z 1

The groove profile in the (x,z) plane at y = 0 (left boundary in Fig. 6) is assumed as:

g=ns (z-zo)

The groove profile in the cross section (plane x,y) is given by a second order parabola:

Y2b g 4 -g)
S~Ys

SWe have based the computations on the following data:

zo = .2 = 38.66° ; n = - .2

The results have been plotted (Fiy. 10 11) as the pressure distribution hlong y at diffe-
rent stations z, for M = 2. and M = 10.
The solid and the dott•a -lines re~ek to the computations respe tively with and without
the explicit treatment of the d.l.

Thka difference between the two computations is remarkable for M = 2. (fig. 10) and
• I awfully large for M = 10 (Fig. 11). This fact may be justified by looking at the results

got for the 2D flow (Fig. 4, 5) where the delay in z, for readjusting the pressure at the
right level, is larger at higher Mach number .

We have then computed the flow-about a V5 cone- (pointed nose) with the slice as
shown in Fig. 1, for M1 = 8. The results (pressure at the body along 0) are reported in

I
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Fig. 12. We find here the same trend shown in the first example, The fact that at larger

z, the dotted line denotes rather low pressure levels, may be easiyl related to the under
shoot shown in Fig. 4. This is put in evidence in Fig, 13, where the pressure evolution
along z is given, at the symmety plane (6 = 0). Once again the delay is quite remarka-
ble for the dotted line; whereas for the solid lines is negligibile (as in Fig. 4); the
weak and smooth pressure increase may be ascribed to the 3D flo'i effects.

Finally we would like to mention that all these computatio.is have been repeated, by
doubling the number of the computational points in the Y direction. The results are prac
tically the ones got with fev points, except small improvements in some case, due to tie
better flow description in regions of sharp gradients (in Y).
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A METHOD FOR ESTIMATING THE LOADING DISTRIBUTION
ON

LONG SLENDER BODIES OF REVOLUTION
AT

HIGH ANGLES OF ATTACK
IN

INCOMPRESSIBLE FLOW

by
E.ATRAGHJI

National Research Council, National Aeronautical Establishment
OTTAWA, ONTARIO, CANADA

KIA OR6

SUMMARY

The three-dimeasional flow over long slender bodies of revolution at high angles of
4ttack is treated by relating it to the oscillatory two-dimensional flow over a circular
cylinder normal to the stream. The approach, which can be considered as a
re-interpretation of Allen and Perkins' description of the cross-flow, leads to simple
algebraic expressions for the local normal and side forces as functions of the cross-flow
Strouhal number and the ratio d/l (where d is the body diameter and 1 is the pitch length
of the Karman vortex street observed in the cross-flow plane). A Fortran IV computer
program has been generated for determining these forces, once a proper value is specified
for the ratio d/l. Sample solutions have been computed and are compared with experiment.

The analysis reveals that small changes in the applied value of the ratio d/l can
result in large changes in the predicted magnitude of the forces, particularly, of the
normal force. The effects of boundary-layer displacement thickness, location of the point
at which separation of the shear layers begins, and the impulsiveness of vortex shedding
are studied and discussed.

Comparisons with experimental data, obtained at Mach 0.5 at a Reynolds number 1.4x100
based on mazimum diameter and free stream flow conditions, show good predictions of the
normal force coefficient and its centre of pressure location for a variety of body lengths
and nose shapes when a specific value of the ratio d/l is applied. Some explanation is
offered where discrepancies are encountered in predicting the normal forQe coefficient.

Qualitatively good agreement is obtained between theoretical and experimental values
of the side force. Quantitatively, the agreement can only be described as fair. The
cause is linked with the inability of the present method to determine the location of the
onset of flow separation accurately since, in practice, this point appears to beinfluenced by microscopic surface non-uniformities or blemishes. Furthermore, all
contributions due to the skin-friction forces have been neglected. While such
contributions constitute only a small portion of the normal force they may form a
significant part of the side force. This latter deduction is supported by tie
experimahtal evidence of the existence of a not inconsiderable rolling moment which, on a
body of revolutior, can only arise from the action of surface shear stresses.

LIST OF SYMBOLS

dd(x) body diameter as a function of x

dmax maxiium body diameter

a model angle of attack relative to free stream at infinity- degrees

x,y,Z orthogonal system of body axes eSee Figure 1)

U free stresm velocity at infinity

P free stream density at infinity

Go strength of a fully developed vortex shed into the wake

G,G(x) local circulation at statiop x

tw32wn shedding frequency- radians/sec

n shedding frequency -vortices of like sence/sec

h width of the Karman vortex street

1 pitch length of the Karman vortex street

d/1 ratio of the boay diameter to the pitch length of the Karman vortex street

ms¶,3,5*o, integer representing the impulsiveness of vortex shedding

* _
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dil/dx average rate of vortex shedding (see Section 2.1)

N, Y overall normal and side forces

CY(x) local side force coefficient v Y(x).dmax/qS

C7=y/qS overall side force coefficient

1N(x) local normal force

CN(x) local normal force coefficient a N(x).dmax/qS

CN=N/qS overall normal force coefficient

CPN location of the centre of pressure of the normal force from the apex- dmax

* roll angle- degrees

P(x) Munk's potential contribution to the local normal force

S = ndmaX2/4 maximum cross-sectional area of body

q = PU2/2 dynamic pressure

D1 skin friction contribution to the cross-flow force

"D2 impulsive vortex shedding contribution to the cross-flow force

D3 Karman vortex street contribution to the cross-flow force

U2 advance velocity of the Karman vortex wake- see Section 3.4

X weighting factor defined in section 3.1

Re = Ul/v Reynolds number based on diameter of body and free stream conditions

s=nd/U Strouhal number

:s cross-flow Strouhal number defined in Eq. 3.3-3

Re' cross-flow Reynolds number defined in Eq. 3.3-4

Tkl parameters defined in Section 4.1

x ! distance from the apex at which station flow separation begins

S=x-xl distance along the x-axis from the station at •hich flow separation begins

LB overall length of body

LN length of nose section

d'(x) indicates differentiation of d(x) with respect to z

d*, dl*, d2* boundary-layer displacement thickness- see Section 4.3

roll rate ý.deg/sec.

Abbreviations

Ic.f. cross-flow

12D two-dimensional flow

13D three-dimensional flow

1.0 INTRODUCTION

Experiments on long slender bodies of revQlution'-* show that in certain cases
depending on angle -of attack, Reynolds number, body length, mach number and nose ape.
angle, a large side force - i.e. a force which acts normal to the plane of sywaetry

J containing the ixis of the body and ihe free ztream velocity vector- may develop ir
addition,- to the normal force in the plane of symmetry. The present investigation is an
attempt it formulating a- mathematical model of the flow field that can account for th•
asymmetric side force and provide a basis for estimating the magnltude of both the normal
and side forces.
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Allen and Perkins9 extended the ftlly-attacheA linear flov theory of Munk 1 0 by
developing th- cr. -r:-flow 4rac. concept. Their prediction of the n,,rmal force as the s m
of hvnk's potential term and an average cross-flow drag terr agrees well with some
experimehts as shown in Reference 9. The cross-flow drag term originates from the
separation and subsequent roll-up above the body of the shear layers developing from the
windward generator. Kelly" improved the above method by substituting an expression for
the cross-flow drag derived from Schwabe's experiments1 2 on cylinders impulsively set in
motion from rest instead of applying the steady state value used by Allen and Perkins.
Kelly further suggested using the respective cross-flow drag coefficient pertaining to
laminar or turbulent flow. A second correction idopted by Kelly, used also by Hill"3, was
the addition of a term to the potential flow solution to account for the bodndary-layer
growth. Kelly and Hill argued that the growth of the boundp-y layer increases the
effective cross-sectional area of the body and results in increased lift.

The above analyses tredict, with varying degrees of accuracy, the non-linear
variation of the normal force with angle of attack. However, none gave any consideration
to the process of development or estimation of the side force.

NMnre recertly, Thomson&* developed a foimula for predicting the maximum and Linimum
side force which could act on an inclined body of revolution. However, the effects of the
various parameters that give rise to the normal or side forces have not been separated to
enable evaluating their individual contributions.

In the present paper, an attempt is made at isolating the effects of such parameters
as the Reynolds number, the impulsiveness of vortex shedding, the axial station at which
vortex shedding begins, body length, boundary-layer growth and, most importantly, the
relationship between the dimensions of the wake and those of the body on the development
of the normal and side forces.

As centioned earlier, the mathematical mode'. used herein stems from the description
of the physical flow outlined in Reference-9. Allen and Perkins noticed the existence of
a certain ý!aloay between the cross-flow at various stations along an inclined body of
revolution and the development with time of the two-dimensional flow about the iapulsive
normal cylinder, i.e. a cylinder impulsiiely set in motion from rest in a dirtction
normal to its axis. To quote, " .... this analogy muy be seen by considering the
development of the cross-flow with respect to a co-ordinate system that is ip a plane
normal to the axis of the inclined body moving downstream with a velocity U.cosa (See
Figure 1). The cross-flow velocity is U.sina. At any instant, during the travel of the
above plane fron the nose towards the base of the body, tte trace of the body in this
plane is a circle and the cross-flow pattern within the plane may be compared with the
flow pattern about a circular cylinder normal to the flow. Neglecting, for the moment,
the effect of taper over the nose portion, it might be anticipated that over successive
downstream sections the development of the cross-flow with distance along the body as seen
in the moving plane would appear similar to that which would be observed with the passage
of time for a circular cylinder impulsively set in motion from rest with a velocity
U.s3nA. Thus the flow in the cross-plane for the most forward sections should contain a
pair of symmetrically disposed vortices on the lee side. These vortices should increase
in strength as the plane moves rearward and eventually, if the body is long enough or the
anglo of attack is sufficiently high, shoull discharge to form a Karman vortex street as
viewed in the moving crosix-plane, but viewed with respect to the stationary body the shed
vortices would appear fixed."

It is argued, therefore, that the important flow characteristics in any cross-plane
of the Inclined body of revolution may be obtained directly from those of the two-
dimensional flow over the impulsive normal cylinder, if the time, t, is expressed as
x/(U.cosa) and the free stream velocity is substituted by the cross-flow velocity U.sina.

The origin of the side force is seen to be the result of interactions between the
cross-flow comporent of the free stream velicity and the residual local circulation on the
body arising from the stagjered vortex formation observed in the wake of the body. To
determine the magnitude of this circulation, recourse is made to Karmants two-dimensinnal
vortex itreet stability analysis's and Roshko's experimentally found relationships*
between the Strouhal number and the Reynolds nutber for a cylinder normal to the free
stream. Even so, the local residual circulation can only be exprissed in terms of one
remaining unknown parameter, the ratio d/l, where 4 is the body diameter and 1 is the
pitch length of the Karman vortex street. Expressions for the local normal and side force
distributions are developed in term.• of this ratio, wbich, in the absence of any exibting
acceptable method to evaluate it, makes further assumptions necessary. A control
configuration is first selected. Trial valQes are substituted for d/l. The value of d/l

-that yields an overall normal force coefficient which matches that found experimentally,
over a range of angle of attack, -is the one chosen. This value is then used to predict
the detailed normal and side force distributions for other configurations.

2.0 THE CURCiLATION G(t) OVER THE CYLINDER NORMAL TO A STREAM

A considerable number of experimental investigationsx*-Rt were conducted to ieterAine
the shedding frequency of vortices from cylinders normal to the stream. These
investigations indicate that there exists a 4stable' And 'regular' vortex street in the
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Reynolds nomber range 40<Re<7x106 where predominant shedding frequencies can be detected.
The data from some of the above experiments are summarised in Figure 2. The regular
vortex shedding is manifest by the experimentally mei iurF4 oscillatory lift forces on the
cylinder'*-20. If the assumption of a uniform vo:tex street is accepted, although
strictly this is not true:3-24 except close to the cylinder, one may interpret the
existence of oscillatory lift forces as the result of an oscillatory change with time oý
the bound circulation, G(t), over the cylinder of the form

G() = ±Go.sinm (wt) 2.0-1

where = 2-n
n the fundamental shedding frequancy of vortices of s'milar sence

= (1/2). (drl/dt)
= the total nunbP7 of v.rtices present in tthe wake at time t

Go the strength of each shed vortex
m impulsive index of vortex shedding -an odd integer
t the time

and the ± signs account for the starting direction of vortex shedding.

In the two-dimensional case, the shedding frequency, n, may be estimated directly
from the empirically-found relationship between the Strouhal number and the Reynolds
number (See Reference 16). Roshko concluded from his experiments'' that the Strouhal
number, s, for the normal cylinder can be expressed as a function of the Reynolds numbe-,
Re, in the form:-

s = nd/U = 0.212-4.5/Re 50<Re<140and ... 2.0-2s = 0.212-2.?/Re 140<Re<2000

In the present investigation it is assumed that the range of a plication of the
second equation is valid up to Re = 107.

Evaluation of the impulsive index, m, and the amplitude, Go, of the circulation G(t)
will be discussed in Sections 3.2 and 3.4.

2.1 Zorresponding Expression for the Circulation G(x) over the inclined Body

Let us turn back to consider the flow field over a slender body inclined to the main
stream.

In this case the bound circulation at any axial station of the inclined body will
vary with distance x from the apex. Let this circulation )e deaoted Gfx); it is
calculated using Eq. 2.0-1 by substituting x/(U.cosa) for t and (,r.U.cosa.dT1/dx) fort,+
Thus,

G•x) = tGo.sinm (w.x.d9/dx) ..... 2.1-1

noting that

n = (1/2). (d11/dt) = (1/2) . (d,1/dx). (dx/dt)

(1/2). (dTl/dx) .U.cosa

-here n defines the sum of fully-formed vurtices and part ot, or nascant, vortex observed
in the cross-plane at station x, and is zreated as a continuous function of x.

It should be noted that the bound circulation, G(x), has its axis coincident with the
x-axis of tte inclined body.

Expressions for the local side and normal force distributions may now be developed as
5hown in the following section.

3.0 THE LOADING DISTRIBUTION Y(x) and N(x)

The interaction of the local circulation, G(x), at station x, with the crosr-flow
component of the free stream velocity gives rise to a side force, Y(x), whose magnitude is
given by Kutta-Joukowski's formula as

- Y(x) = p•..sin a.G(x) ..... 3.0-1

And, followinS the approach of Allen and Perkins, the normal force, N(x), is+ calculated as the sum of two -basic terms.-

A. i 1. Munk's potental term, denoted here as P(x), whose nagnitude at a given anglo of
attack depends solely on the rate of change with distance x of the cross-sectional
area, S(x), of the bod-it and,

2. A cross-flow drag term, D(x) Icjf., whose magnitude depends on the surface shear
stress, the impulsive rat4 of change of the circulation over the body, and the state

- iof development of theKarman vortex street in the wake of the-body.

"- I +,
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The normal force may be expressed as:-

N (X) = P (X) .1 D(x) Ic.f.Munk's potential cross-flow drag ..... 3.0-2

ter term

where P(x) = q.sin(2a).cos(u/2).[dS(xj/dx] ..... 3.0-3

The term cos(a/)) is due to Ward 2 5 , who showed that the net force on a slender body
acts mid-way between the normcl to the free stream and the normnl to the body. This term
has been included in the computations, but it should bq emphasised that its maximum
effect, on the computed values of the overall normal force coefficient of the various
configurations discussed below, amounts to less than 1% up to angles of attack as high as
300.

The cross-flow drag Xerm, 1(px)gc.f., is expressed as the sum of three terms in the
form

SD(x)Ic.f. DI + D2 + D3
surface shear impulsive Karman vortex

stress street

viscous potential ..... 3.0-4

where the abbreviation 1c.f. denotes cross.flow.

"1 ifin the following analysis the contribution from the surface shear stresses to the
normal or side forctý is neglected. Hence DIm0.

3.1 Determination of D2 and D3

In order to determine the potential components of the cross-flow force, D2 and D3, we
turn to the analysislc of the flow over the cylinder normal to the stream. The impulsive
force, D2(t)f2D, is given by the following formula:-

D2(t) 2D = d.p.IdG(t)/dtI 3.1-1

The equivalent expression in three-dimensional flow for the inclined body of
revolution is obtained by substituting x/U.cosa for the time t in the above formula to get

SD22(x) 13D as:-

D2(x)13D = d.p.ldG(x)/dxl.U.cosa ..... 3.1-2

k where the abbreviations 12D and 13D denote two-dimensional flow over a cylinder
normal to the free stream and three-dimensional tlow over an inclined body of revolution,
respectively.

Also frcm Reference 15, the contribution D312D, in two-dimensional flow, due to the
existence of the Karman vortex street is given by

D312D p.Go2/(2.or.l) - P.Go.U2.h/l ..... 3.1-3

In two-dimensional flow, the term D312D is the drag due to a semi-infinite Karman
v•rtex street; i.e. a street extending from the cylinder downstream to infinty. This
wcald correspond to the cross-flow drag on the inclined body of revolution at a station
far downstream at infinity where the wake in the cross-flow has fully developed. At all
other stations ahead of this lasymptotic' station the cross-flow drag component D3(x)
would clearly be different. Therefore, au appropriate weighting factor, X , is applied
sucu that in the limits as x tends to infinity (cc# 0), or as the angle of attack tends to
900, the limit of D3(x)13D becomes identically equal to the two-dimensional value D312D.
Of course, the factor X must satisfy the additional constraint that, as the angle of
attack is reduced to zero, the limit of D3(x)f3D must become identically equal to zero.

Consider the following form for X

X = ( 1 - exp(-x.o4T/dx)) ..... 3.1-4

In the limit 4 " X = I
X -+. OD

As will be seen from Section 3.3 the limit of dn/dx as the angle of attack tahds to
00 or 900 is 0 or infinite respectively, giving the limit of X as 0 or 1 respectively.
Hence, the contribution of the Karman vortex wake to the local cross-flow force is a
function of the distsnce x from the apex and may be expressed as:-

D3(x) 13D s (p.Go/(2..d-. (d/l) - P.Go.132. (h/l)). (1-exp(-x.d'1/dx))

Since Y(x), D2(x) and D3(7) are all functions of G(x), which, in turn, is a function
of a, dn/dx and Go, these three parameters need to be evaluated before the local forces
can be determined.
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3.2 Determination of the Index m

The value of m, see Eq. 2.0-1, gives a measure of the impulsivenoss of vortex
shedding. For m equals unity, the vortex shedding is sinusoidal. As m increases, the
vortex shedding becomes progressively more impulsive. If we argue along physical lines,
we observe that the action of viscosity is one that generally tends to sm'zth out
discontinuities. Therefore, in practice, ýt is not unlikely that m is either equal to 1
or 3. Although this analysis is developed for a general value of m the bulk of the
computations i: executed usinq m=1. However. the effect of varying m on the magnitude of
the predicted forces will be illustrated and discussed. It is worth noting that the index
m can only assume an odd integer value since the oscillatory lift force measured on a
cylinder norral to the free stream showE generally equal amplitudes in both directions.

3.3 Determination of the Rate of Vortez Shedding dn/dx

Bj definition, the Strouhal number, s, for a cylinder of diameter d normal to a free

stream ¢f velocity U is

s = nd/U = d.(dn/dt)/(2.U) ..... 3.3-1

For a body of revolution at an angle of attack, a cross-flow Strouhal number, s', is
defined here as

s' = (d/2). (d•/dx). (dx/dt)/(U.sina)
0o...... 3.3-2

d'1/dx = 2.sl.tana/d

The relationship between the Strouhal number and the Reynolds number for a cylinder
normal to the stream, see Eq. 2.0w2, is assumed here to hold in form for the inclined body
of revolution also. However, a cross-flow Reynolds number, Re', based on the local
diameter and the cross-flow component of the free stream velocity, is substituted in the
expressions proposed by Roshko. Thus,

s'(K) = 0.212 - 4.5/Re'(x), 50< Re'(x)<140

and, ..... 3.3-3
s'(x) = 0.212 - 2.7/Re (x), 140< Re' (x)<10'

wheie Ret(x) = U.sina.d(x)/v ..... 3.3-4

The above formulae for the cross-flow Strouhal number, s'(x), include general cases
where the body diameter is changing with distance along the body axis. Similarly,
Eq. 3.3-2 above would, in general, read

dTi/dx = 2.s'(x).tann/d(x), 0o< a<900 ..... 3.3-5

A knowledge of the cross-flow Reynolds number enables evaluating s'(x) and hence
di/dx.

An interesting special case solution is obtained from Eq. 3.3-3 above. It is noted
that at a certain station xl the Strouhal number s'(xl) may become zero. A possible
physical interpretation for this solution is that there is no flow separation in the
region ahead of this point. In other words, the flow is fully attached over the portion
of the body extending from the apex to the station xl. The fixing of the point of
separation in this manner is perhaps artificial but it appears to give good results at
high angles of attack as will be discussed in Section 5.0.

Noteworthy also is that, since both s'(x) and d(x) are finite, the limit of dn/dx asn tends to 00 or 900 is 0 or infinite respectively.

3.4 Determination of Go

Von Karman's vortex s-treet antlysisXs yields the following expressions:-

n = (1f1.i)(1 - U2/9) ..... 3.4-1

U2/U= (Go/2U.l).tanh(irh/l) ..... 3.4-2

For stability of the vortex street: tanh(vh/l)=IA42 or h/l = 0.281

where U2, Go, h and 1 are defined in Figure 3 and n is the frequency of vortex
shedding.

Elimi ating U2 between the above two equations and noting that r sU/d, the
expression for Go beccoes

Go = U. d. 2v20 1-sl (d/1) (d/l) 3.4-3



137

In the case of the inclined body, the equivalent expression for Go becomes

Go = U.nina. d(x) .2v2[ 1-s'/(d/l) 1/(d/l) ..... 3.4-4

In Eq. 3.4-4, the diameter d(x) and the pitch length, 1, of the Karman vortex street
are allowed to vary with distance, x, Plong the axis of the body. However, the ratio d/l
is assumed to remain constant, i.e. 1 varies in direct proportion to d(x).

The problem of determining Go reduces to the problem of evaluating the ratio d/l.
This is not a simple matter.

In a relatively unknown paper by Heisenberg2 6, an attempt was made to determine the
dimensions of the wake, h or 1, in terms of the dimensions of the body producing it. By
assuming the back pressure to be equal to the free stream static pressure, the ratios d/l
and h/d for a flat plate of width d were found to be 0.1835 and 1.54 respectively.
Heisenberg's analysis predicts that these ratios will always be the same no matter what
shape the body has, i.e. whether it is a flat plate or a wedge. Doubts were raised by
Prandtl regarding the validity of the approach and the latter's criticisw vas included in
the same Reference.

The absence, at present, of an acceptable method for determining the ratio d/l
results in the final expressions for the normal and side forces containing this ratio as
the explicit unknown variable. The.value of d/1 is found, for the time being, by a trial
and error process through matching the predicted normal force coefficient of a control
configuration with experimentally obtained data.

4.0 THE LOCAL NORMAL AND SIDE FORCE COEFFICIENTS

4.1 The Local Side Force Coefficient CY(x)

The local side force coefficient, CY(x), is obtained by substituting for G(x) in
Eq. 3.0-1 using Eqs. 2.1-1, 3.3-3, 3.3-4, 3.3-5 and 3.4-4. Thus,

CY(x)/dmax (p.U2.sin2(a).kl.d(x).Jinm(},P))/qS ..... 1-1

where = x-xl,

k1 2v/211-s' (x)/(d/l) ]/(d/i) and

'I = 2.Tr.s'(x).tana/d(x)

4.2 The Local Normal Force Coefficient CN(x)

The local normal force coefficient, CN(x), is obtained by substituting for P(x),
D2(x) and D3(m) into Eq. 3.0-2 using Fqs. 3.0-ý, 3.0-4, 3.1-2, 3.1-5, 3.3-3, 3.3-4, 3.3-5
and 3.4-4. Thus,

SCN(x)/dmax ={(1/2)P.U2. Sin (2a).cos (a/2).iT.A(x).d' (x)/2

+P.Uz.sin•.cosc,.m.p.kl.dz(x). Isinmrl (Ip) M cos6P)|

+ 0.06p.UZ.sinz(ot).kl2.d(x).(d/1)(1-exp(- tdl/dx) ])/qS ..... 4.2-1

The first term exists only while the local slope of thc profile, d'(x), is non-zero.
The last two terms are preseat for 0 < t < (LB-xl), where LB is the body length.

In deriving Eq. 4.2-1 the differential of G(x) with respect to x is required. When
doing so, in order to avoid undue complexities, each axial station of the body is treated
as if it were part of a cylinder of the same diameter extending downstream to infinity so
that neither d(x) nor s'(x) are differentiated. However, in Eq. 4.2-1 the local values
for sI(x) and d(x) are used when computing CN(x). This procedure would not lead to
significant errors since the differentials -f s'(x) and of d(x) with respect to x exist
only over the limited region of the nose.

4.3 Boundary-Layer Displacement Thickness Effects on CN and CY

As mentioned earlier in the introduction, the effect of boundary-layer growth
increases the effective cross-sectional area of the body thereby giving rise to increased
lift. The effects of boundary-layer displacement thickness, d*, are included by adding
twice d* to the local diameter of the body. d* is calculated here as the sum of two
terms, dl* and d2*. The first term, dl*, is based on the growth of the axially developing
boundary layer while the second term, d2*, is based on the growth of the circumferential
boundary layer. Schlichting'? provides the following expressions for evaluating the
boundary layer displacement thickness on a flat plate:-

d* = (5/3).x.Rej;/2 Be x<3.1O0, for a laminar boundary layer
And ............. ........................................ 4.3-1Sdnd d* (0,37/8.0).x.Ee•'/' !tex>3. 10', for a turbulent boundary layer
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In calculating dl*, x and the Reynolds number Re, are based on the axial distance frn. the
apex and the axial component of the free stream velocity, i.e. U.cosOt, while for d2*, x
is replaced by 'r.d(x)/U and Re, is based on the cross-flow component of the free stream
velocity, i.e. U.slao. It sbould be pointed out that, in practice, the boundary layer
over the nose of a body of revolution is thinner than one that would develop on a flat
plate at the same Reynolds nomber. The above procedure, therefore, overestimates the
magnitude of d*.

Except where specified, the effect due to d* is included in all cases computed and
discussed in Section 5.0 below. Howaver, the effect on the predicted forces, when this
term is omitted, will be illustrated. ý should be noted that this correction affects the
non-linear terms as well as the linear term of Munk (See Eqs. 4.1-1 and 4.2-1).

5.0 DISCUSSION AND COMPARISON WITH EXPERIMENT

All experimental data referred to in the following were obtained at Mach 0.5 at a
Reynolds number of 1.4 million based on maximum body diameter and free stream conditions.
These experimental data form part of the results obtained during wind tunnel tests
conducted in 1967 in the National Aeronautical Establishment's (NAE) 1.5 metre square
trisonic blowdown wind tunnel. The aerodynamic characteristics were determined for a
series of long slender bodies of revolution varying in overall fineness ratio from
LS/dmax=17 to 9 and having nose profiles with semi-apex angle, ac, varying from 50439 to
180261. The following Table provides detailb on the scope of the test, important
dimensions of the configurations tested and the code used to identify each configuration
in the Figures referred to below. The raw data were effectively filtered to 3 Hz and all
plotted results are individual samples reduced from wind tunnel recorder .)utputs digitise"
and punched on cards.

TABLE I TEST SCOPE AND IMPORTANT DIMENSIONS OF MODELS

CONFIGURATION 1 c LN LB 664 COMONENT BALANCE SURFACE PRESSURE FLOW VISUALIZATION
CODE degrees aX amax MEASUREKENTS AT MACH MEASUREMENTS AT.MACH AT MACH

0.5 2.0 3.5 0.5 2.0 3.5 0.5 2.0 3.5

1001 1 5" 431 5 17 X1 X X X++ X X X XI
2001 4/3 7* 36' 5 17 x x x

3001 5/3 9" 28' 5 17 ax x x x X . X
4001 2 111 19, 5 17 x x x
5001 1 9" 28- 3 15 x x X X x x
6001 4/3 12" 31' 3 is x x X
7001 5/3 15" 31' 3 15 X+ x x x x x. x
8001 2 18 26' 3 15
1002 1 S" 43 5 11 x a x it - 0,3,7,11 deis. .-3,7,11,18
2002 4/3 7" 361 5 11 X X X 25
3002 5/3 9" 28' 5 11 x x X additionalS4002 2 ll1 19, 5 11 Y X X +4o-10 %nd ?5 a - 7,LI, 18 _j

5002 1 9" 28' 3 9 x x a +Q- 15 a. 7,11,18
6002 4/3 12.3 31: 3 9 X X *a 0 at M-4.25 25
7002 5/3 15 311 3 9 x A 2
8002 2 15"261 3 9 a x

,t+ additional balance
measurements while
modol is being

rolled
0, 2.5 ,11,18,25)

-(+o( - 7 11:18,25)

Nose Profile given by the Equal ion dI• - I 1-•-

_max

IN LB-tN I

In attempting to predict the loads, it is helpful to know a priori the extent to
which the flow over an inclined body of revolution is stable or repeatable. To achieve a
measure of the flow stability and repeatability, the forces on one of the models,
Configuration 1001, were measured at fixed angles of attack while rolling the model
through 360 degrees. The normal force coefficient, CN, its centre of pressure, CPN, and
the side force coefficient, CY, are shown in Figure 4 plotted versus roll angle. Clearly,
both normal and side forces are dependent on roll orientation; the spread in the data
increases with increasing incidence. A possible explanation for this is that small
surface imperfections may be causing a substantial change in the development of the
boundary layer as the roll angle is changed, resulting in a shift of the point of flow
separation, hence a change in the position of the rolled-up shear layers, to thereby
affect the vortex-induced normal and side forces. (See also Reference 28). Under these
circumstances, any attempt, based solely on the assumption of boundary-layer development
on a perfectly uniform surface, to predict the location of separation, xl, especially for
angles of attack above say 100 for this Configuration, would be wrought with
"uncertainties. For this reason, it is perhaps more practical to use available
boundary-layer methods to predict the most suitable axial station at which flow separation
can be artificially induced. In the meantime, it was decided to apply Li. 3.3-3
"throughout the angle of attack range 0o<i <900, when calculating the distance, xl, by
equating s'(x) to zero, even though, at the high Reynolds number of this test

Re-el.4 million), the calculated value for xl is zero in all cases examined for incidences



13-9

as low as 10, i.e. the separation is predicted to start at the apex at practically all
incidences for all the configurations investigated. The effect of varying x1 will be
analysed but first let us discuss how the ratio d/l is determined.

It is seen from Eqs. 4.1-1 and U.2-1 that the final solutions for the local forces
could only be expressed in terms of the unknown ratio d/l. To determine this ratio a
control configuratiot is selected such that by matching its predicted normal force
coefficient for a range of angles of attack with that measured experimentally the value of
d/l giving the best fit would be chosen. The choice of ConfiguratioL 1001 in this case as
the control configuration is based on the experimental evidence that flow separation
Dceurs on this Config"ration at lower angles of attack than it does on the others.

computations were made using three values for the ratio d/l and m=1. The computed
values of CN, CY and CPS for the Cortrol configuration are compared with experimental data
and are shown in Figure 5. Clearly, the best fit is obtained when d/l is accorded the
value 0.220. In passing, it is worth noting tue large effect that a small change in d/i
exerts on the magnitude of the normal force. This is not altogether surprising since the
induced suction pressure caused by a vortex is proportional to the square of the inverse
of the distance from the vortex: so ihat as I decreases, i.e. d/l increases, the normal
force increases.

Even with the best choice for the ratio d/l, i.e. d/1=0.220, there is somc
discrepancy between theory and experiment in the low anqle of attack range. It will be
remembered that the application of Eq. 3.3-3 yields a value x1=0 at the test Reynolds
number investigated. It was observed from flow visualisation runs on this Configuration,Showever, that separation over the nose-section does not in fact occur until about 0:110."It is possible that the noted discrepancy is due to the unrealistic location of the point

of separation at xi=0. When x1 is allowed to vary as a function of the angle of attacx,
see Figure 6, closer agreement with experiment is achieved in the range 00< a<110 even
though none of the functions employed are the result of a consideration of the development
of the boundary layer. A more suitable boundary-layer method to determine x1, or to fix
xl by predicting the most favourable loc-ition at which flow separation may be artificially
induced, would prove useful, Of course such - method can be readily incorporated into the
existing computer program.

Let us now assess the effects of changing the value of the index m.

The predicted values of CV, C2 and CPs, for the Control Configuration, are calculated
Tusing m=1, 3 ap d 5, and d/1=0.220. These values are compared with measured data as shown

in Figure 7. There is little doubt that m=1 provides the best fit. Therefore, this value
of m will be adopted.

With d/l=0.220, m=1 and xl calculated with the aid of Eq. 3.3-3, we may now proceed
to determine the effectiveness of this theory to p~edict the normal and side forces acting
on other configuratiors at the same Mach number.

SA ccmparison between the computed values of CN, CY and CPN with those measured
experimentally is shown in Figure 8 for the selented Contigurations identified in the same
Figure. It is seen that the normal force and its centre of pressure location are, in
general, fairly well predicted. Again, the minor discrepancies are attributed to the
non-representative location of the point of separatic.i at the apex.

The side force coefficient is less well predicted and only qualitative values are
provided by this theory. It is possible that this is the result of two factors. The
first is the unrealistic location of the onset of separation rit the apex. The second is
the exclusion of the surface shear stress contribution from the side force. As an
indication of the magnitude of these shear stresses, the expvrimentally measured rolling
moment coefficient, Cl, is plotted against ( - as 4.C1 versus n, marked thus x- and shown
in rigure 8. It is seen that the-e exists a not inconsiderable rolling moment. As all
the oonfigurations examined here are bodies of revolution, the source of this rolling
moment can only be the action of surface shear stresses; the suaface pressure forces
cannot produce a rolling moment. Estimation of these stresses and their contribution to
the normal or side force is a task outside the scope of this paper.

Application of this method to estimate CN or CT at high angles of attack is
illustrated in Figure 9. The predicted values of CN and CT for configuration 1001 are
shown in the range 10<a <850. It is observed that there are minor 'kinks' in the CN curve
for angles of attack below 40o. At an angle of attack around 450 there appears a
phenomenon similar to the stalling process of the flow over an airfoil. At angles of
attack above 550, sizeable excursions of CN are noted. These three regions are perhaps
indicative of the reason behind the existence of the three types of flow -steady and
stable, steady and bi-stable, and unsteady or periodic- described by Thomson14 and often
observed in practice as the angle of attack is increased. The variation of CY withe
displays a similar behaviour at high angles of attacx.

In all cases thus far computed, the influence of the boundary-layer displacement
thickness, d*, has been included. The effect of omitting d* on tne predicted values of
CN, CT and CPN for Configuration 1001 is shown in Figure 10. It is seen that the omission
of the effect of d* -Rduces slightly the normal force. The effect on CY and CPN is also
quite small. Th'is, it is not expected that a more refined boundary-layer method for
calculating d* would significantly change the calculated results.
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Finally, a comparison is made between the predicted normal force distribution, CN(x),
and that measured experimentally. The circumferencial pressure distributions for the
control configuration were measured at 24 axial stations located along a generator, by
rolling the model continuously through a 3600 roll angle at a fixed angle of attacks.
These pressures were integrated at each station to yield the local normal force
coefficient CN(x). The comparisons are presented in Figure 11. It should be
re-emphasised here that the mere act of rolling the model, especially at the higher angle
of attacka =11o, can sufficiently change the flow picture over the model resulting in the
measurement of a changing pressure distribution. At best, such a pressure measurement can
be described as the average of what the flow is like at all roll orientations between
00< 0 <3600. The comparison shows that over the nose portion the predicted local normal
force is higher than is measured experimentally. As pointed out earlier, this may be due
to the assumption of the presence of separation over the nose which, in practice, does not
take place until the angle of attack exceeds 110.

The computer program is written in Fortran IV programming language. Various input
flags have been incorporated into the program to make it quite flexible. A typical run on
an IBM 360/67 computer to solve for a configuration at angles of attack between 10 and 300
using 10 steps requires less than one minute of CPU time.

6.0 CONCLUSIONS

A method for estimating the loading dictribution on inclined long •'oIder bodies of

revolution is formulated. It is based on the analogy that exists between the
two-dimensional flow on a cylinder impulsively set in motion from rest normal to its axis
and the flow in the cross-plane normal to the axis of the inclined body moving downstriam
with a velocity U.cosu. A feature of this method is that predictton of the side force
distribution, which occurs as a result of the asymmetric vortex shedding, can be made
simply and economically.

The derived forces, particularly the normal force, depend critically on the vortex
spacing ratio expressed as d/l. This ratio is obtained, for the time being, by matchinq
the measured and predicted normal force for a control configuration. Detailed normal aad
sik* force distributions can then be computed for other configurations.

The theory predicts reasonably well the normal force and its centre of pressure
location. Qualitatively good prediction of the side force is also achieved.

7.0 RECOMMENDATIONS

1- There is a need for a proper boundary layer approach to estimate the distance xl
from the apex of the station at which separation of the shear layers first occurs.

2- More accurate experimental data on the variation of the Strouhal number with
Reynolds number at various Mach numbers would be required for any future extension of this
method to predict the loading on inclined slender bodies of revolution in cases where
compressibility effects aLe significant.

3- There is a likelihood that the 'atio d/l is Mach number dependent. Since this
ratio is critical for estimating the loading distribution some experimental verification
of its magnitude at various Mach numbers would be desirable.

4- Since there appears to be a valid analogy between the two-dimensional flow over
the cylinder normal to a stream and the three-dimensional flow in the moving cross-plane
perpendicular to the axis of the the inclined body of revolution, an alternative and
unorthodox approach may be taken in cases where the induced effects from the presence of
an organiseJ pattern of 7ortices are detrimental. It is suggested that in such cases this
organised pattern be deliberately disrupted using techniques already applied successfully
to achieve this end in the two-dimensional case of the cylinder normal to a stream. A
highly diffused wake would be produced resulting in a small or no side force and little or
no induced forces on lifting surfaces such as wings or tail.
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ASSESSMENT OF EXISTING ANALYTIC METHODS FOR PREDICTION CF HIGH ANGLE-OF-ATTACK LOADS

ON DELTA WINGS AT SUPERSONIC SPEEDS

Emma Jean Landrum and James C. Townsend
NASA Langley Research Center

Hampton, Virginia 23665

SUMMARY

The purpose of this paper is to provide an assessment of the applicabil-
ity of four loading prediction methods to high angle-of-attack conditions for
simplified wing-body configurations. The methods are: The tangent wedge
approximation, the linear thleory methods of Middleton and Woodward, and a
shock-fittlag finite-difference technique. Estimates obtained by these
methods were compared with experimental pressure data on delta wings to
examine the effects of Mach number, camber, sweep angle, and angle of attack.

Results indicate that all of the methods provided reasonable estimates
at moderate angles of attack. At these moderate angles of attack, the methods
of Middleton and Woodward provided good estimates at Mach numbers higher than
those usually associated with linear theory. Only the iinite-difference

• 1 • method provided reasonable load estimates at high angles of attack, where the
other methods were unable to predict lower surface pressures.

SYMBOLS

b Span

c Local chord

c Mean geometric ciord
Cn ~ ~1 1 ACpd•

c Section normal-force coefficient, f A0
n S0- p Vcj)c

CL Lift coefficient, L/q S

CL,des Design lift coefficient

C Pressure coefficient, (p - P.)/q.
p

AC Lifting pressure coefficient, Cploer -C
p plwr p,upper

L Lift

M Mach number

I p Local static pressure

.p• Free-stream static pressure

Sq. Free-stream dynamic pressure

S Wing reference area

x Longitudinal distance from model apex

y Spanwise distance from model center line

a Angle of attack, deg

A Leading-edge sweep angle, deg

INTRODUCTION

Recent trends toward autonation of the airplane design process accentuate the need for analytic tech-
niques for the prediction of aerodynamic loads. Of particular importanze is the need for methods applicable
to the critical design conditions occurring at high angle of attack and high Mach number.

At this time, there is no analytic technique !or the accurate prediction of detailed loadings at high
angle of attack for supersonic speeds. An assessment of currently available methods which may apply to
this problem is needed. Two such methods are those of Middleton and Woodward both of which are linear
theory methods primarily applicable to low angles of attack and moderate super inic speeds, Another uethod
is the tangent wedge approximation which is frequently used to calculate the pressures on sharp two-
dimensional bodies at hypersonic speeds. Useful -- sults can be obtained with this method for angles up to
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shock-detachment conditions but all three-dimensional effects are neglected. A numerical technique which
should be applicable is on inviscid shock-fitting finite-difference approach represented by the method
developed by Moretti.

In order to assess the applicability of prediction methods and .o provide guidance in the modification
V of existing theories or in the development of entirely new methods, there is a need for systematic and

detailed experimental data. As part of a test program for the evaluation of the aerodynamic performance of
a series of twisted and cambered delta wings designed for a Mach number of 3.5 three pressure models,
duplicating; three of the force mod-Is, were constructed. These pressure models aided in the analysis of the
force data and provided systematic and detailed pressure data for comparison with theory.

The purpose of this paper is to use that experimental data for an assessment of the tangent wedge,
Middleton, Woodward, and shock-fitting finite-difference methods for the prediction of high angle-of-
attack loads.

PREDICTION METHODS

The following sections present the four prediction methods to be compared with the experimental pres-
sure distributions. One method uses the local surface slope to predict the surface pressure (tangent
wedge), two others use linearized theory (Middleton and Woodward methods), and the last uses a numerical
solution of the inviscid flow equations (shock-fitting finite-difference method). See Figure 1.

Tangent Wede

This is a well-known empirical method for predicting surface pressures in hypersonic flow (Ref. 1)
included as an option in the computer program of Reference 2. The basic premise of the tangent wedge
"method is that there is little change in the pressure or flow inclination through the thin shock layer of
the hypersonic flow over a two-dimensional surface. This leads to the assumption that the pressure at a
point on the surface of a wing is the same as that given by the oblique shock relations for flow over a
flat plate at the same inclination and free-stream Mach number. Thus, the pressure at each point on the
surface is computed independently, and no interaction with the flow at other points is considered. The
method is exact for flow over a wedge with an attached shock wave; it loses validity as the surface
curvature increases, as the flow b-ecomes strongly three dimensional, or if the shock wave is detached.
Its application to the present configurations is based on the fact that at moderate to high supersonic
Mach numbers the shock lies close to a highly inclined surface such as a wing at high angle of attack.

Middleton

In this method, which is based on linearized supersonic flow theory, the pressure distribution is
calculated by a linear superposition of lifting surface and thickness pressures. For the calculation
the planform is divided into a planar grid system of rectangular panels. The lifting surface pressures
are obtained by the technique described in References 3 and 4 using refinements given in Reference 5. In
this technique the pressure at a point on the surface is related to the local surface slope at that point,
taking into account the influence of upstream pressures as defined by a system of elementary horseshoe
vortices fitted to the grid. In the computer program used for the present calculations (Ref. 6), there
is an option to constrain the lifting pressure coefficient at each point to a specified fraction of the
vacuum pressure coefficient. The thickness pressures are calculated by a near-field method, with line
sources replacing the horseshoe vortices in the same planar grid system. Both the lifting surface and
thickness pressure calculations employ a streamwise marching technique iind do not require matrix solutions.

Woodward

This linearized theory approach to the aerodynamic analysis of wing-body-tail configurations, presented
in References 7 and 8, has been extended in Reference 9 by the introduction of several aerodynamic singular-
ity distributions which improve its capability to represent arbitrary shapes.

The configuration surface is subdivided into a large number of trapezoidal panels, each of which con-
tains an aerodynamic singularity distribution. A constant source distribution is used on the body panels,
and a vortex distribution having a linear variation in the streamwise direction is used on the wing and
rail. The normal components of velocity induced at specified control points make up the coefficients of
a system of linear equations relating the strengths of the singularities to the magnitude of the normal
velocities. A matrix inversion procedure is used to solve this system of equations for the singularity
strengths which satisfy the boundary conditions of tangential flow at the control points for a given Mach
number and angle of attack. From these singularity strengths, pressure coefficients are calculated and
the forces and moments acting on the configuration are determined by numerical integration. This method,
although it is a linearized theory, does not make the small angle assumptions. It also limits pressures
to vacuum after all the pressures have been calculated.

Shock-Fitting Finite-Difference Method

The general numerical scheme developed by Moretti (Ref. 10) for solving the Euler equations for super-
sonic flow about complex configurations has been extendea and implemented for digital computation (Ref. 11).
This method uses a finite-difference marching technique of second-order accuracy to compute the complete
flow field between the body and the bow shock wave. Essentially, the flow equations are recast to give the
derivatives of the flow variables in the marching direction (along the body axis) in terms of the quantities
and their derivatives in a plane perpendicular to the axial direction. Starting from a given data plane,
these derivatives are integrated a single step forward (along the axis) using a MacCormack two-level
predictor-corrector finite-difference scheme to obtain a new data plane. This process is repeated until
the end of the model is reached. The step size in the marching direction is computed before each step in
order to satisfy the Courant-Friedricks-Lewy criterion for stability. The computational grid is a conformal
mapping of the region between the body and thu bow shock into a rectangular region. If embedded shock waves
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occur in the flow, the mesh is adjusted so the mesh lines coincide with these shocks. Across each of the
shock waves the Rankine-Hugoniot relations are satisfied explicitly. In order to provide a smooth surface
(continuous second derivative, to avoid generating spurious shock waves) the configuration is defined by
analytic functions (generally conic sections) through a relatively few prescribed points.

The only inherent limitation on this finite-difference marching technique is that the velocity compo-
nent in the marching direction must always be supersonic. However, the present implementation of the
technique is somewhat restricted in the configurations it can handle. The most important restriction for
the present study is that unless the flow is supersonic normal to the wing leading edge, the leading edge
must be blunt. A second restriction is that the configuration cross section must be single velued in
polar coordinates; thus, for example, the configuration cannot have a highly cambered winr. In addition,
the two methods presently in use for generating the initial data plane for starting the computational
process may require modifications to the configuration nose. One method is to begin with a circular cone,
whose half angle must be greater than the maximum angle of attack. The other choice is to begin with a
blunt nose, which may be very small, but which nonetheless introt -ces the further complication of an
entropy layer at Lhe body surface.

EXPERIMENTAL INVESTIGATION

Models

At the design Mach number of 3.5 three sweep angles were selected to cover three basi, leading-edge
conditions: 760 for a fully subsonic leading edge, 68* for a supersonic leading edge with detached shock
(estimated to be detached at angles of attack greater than 30), and 550 for a supersonic leading edge with
attached shock (estimated to be detached at angles of attack greater than 150).

F orce models of a flat wing and a twisted and cambered wing designed by the method of Reference 12
to have a minimum drag at CL,des - 0.1 and M = 3.5 were constructed for each sweep angle. In addition,
for the 76* sweep angle a twisted and cambered wing designed (by the method of Ref. 13) to have minimum
drag at CL,des - 0.05 and M = 3.5 were constructed. Design details are given in Reference 14. In
order to provide a housing for the strain-gage balance and mounting sting a body of revolution was added
symmetrically about the wing center line. Three of the force models were duplicated as pressure models:
the 760 sweep flat, the 76* sweep CLdes - 0.1, and the 550 flat wings. The pressure models are shown
as shaded planforms in Figure 2.

Tests

Force and woment as well as pressure distribution data were obtained at five Mach numbers: 2.3, 3.0,
3.5, 4.0, and 4.6. Reynolds number was 8.1 x 106 per meter. Angle-of-attack range was from -5 to 220
with some variation from model to model. Oil-flow photographs were taken at selected test conditions.

COMPARISON OF EXPERIMENT WITH TREORETICAL PREDICTIONS

Cruise Conujtions

The lifting pressure as calculated by each of the prediction methods is compared with experiment in
Figure 3 for the 76* sweep flat wing at a Mach number of 3.5 and a nominal cruise condition of CL - 0.1.
Angle of attack is approximately 5.7*. All of the predictinn methods provided reasonable estimates at
this Mach number and angle of attack even though the usual applicable range was exceeded in some instances.
For example, the tangent wedge method is primarily used for hypersonic speeds where forward regions of
influence are relatively narrow and two-dimensional conditions are approached. A Mach number of 3.5 is at
the low end of the applicability range so the method might not be expected to work as well as at higher
speeds. On the other hand, a Mach number of 3.5 is high for linear theory applications such as those of
Middleton and Woodward. Both of these methods tend to overpredict the pressure at the leading edge and at
the tip (especially the Middleton theory without pressure limiting). Otherwise, the predictions are
reasonable at this angle of attack. As indicated previously, the shock-fitting finite-difference method,
as presently implemented, imposes certain requirements on configurations which can be handled. For this
76* sweep flat wing it was necessary to reshape the apex to provide a 240 half-angle conical nose (needed to
obtain a starting plane solution). Also, to satisfy the requiremen.t that the leading edge be blunt for sub-
sonic leading edges, the sharp leading edge of the 760 wing was altered. The outboard half of the cross
sections normal to the axial (marching) direction were changed to an elliptic arc tangent to the design
wing at the 50-percent span station of the cross section resulting in increased thickness in the modified
region. As a result, good agreement with experiment is not expected at the leading edge. This leading-
edge bluntness effect probably also accounts for a major part of the failure of the theory to predict the
pressures near the tip.

Test Extremal Conditions

Since all the prediction methods show similar trends (Fig. 3), the Woodward method was arbitrarily
chosen to compare with experiment for the various ranges of test conditions. These comparisons for sweep
angle, angle of attack, camber, and Mach number are shown in Figures 4 to 7, respectively.

The change in sweep angle from 76* to 55* (Fig. 4) represents a change from subsonic to supersonic
leading edge at M - 3.5 and a - 5.70. Upper surface pressures are generally well predicted although
they tend to become too high near the trailing edge of the 550 sweep wing. The lower surface pressures
show some departure from expected trends, particularly at the leading edge where the pressures are too
high. For a supersonic leading edge, these pressures would be expected to be relatively flat. It should
be pointed out that the Middleton theory does predict relatively flat pressure distributions all the way
to the leading edge on the lower surface (Ref. 14). The span loading comparisons at each sweep angle show
that the total forces and moments would be estimated reasonably well. The bump in the theoretical curves
near the root and the tip is probably due to changes in panel span in these regions as well as some body
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interference effects at the root. As was indicated earlipr, a body of revolution was added symmetrically
about vhe wing center line to provide a housiug for the mounting sting. For the theoretical calculations,
the configurationn were considered to be an all-wing configuration with the body of revolution dimensions
included as part o! the camber surface description.

In Figure5 the effect of angle of attack is shown. Here, the 760 sweep comparisonat M- 3.5 and a=- 5.70 from
the previous figure is repeated as representative of the lower angles of attack and compared with the c- 19.70 data
for the same wing at the same Mach number. The flat theoretical pressure distributions on the upper surface at
c - 19.76 are the result of the pressure limiting feature of the Woodward method which limits the upper surf ace pres-
sures to 100 percent of vacuum. The theory completely fails to predict the lower surface pressures where the experi-
mental pressures are much higher than the estimates except at the tip. This result is refiected in the span
loading which shows that the total forces and moments, as estimated by the theory, would be too low.

Similar results are shown in Figure 6 for the effects of camber at a = 19.70. The higher experime.-
tal pressures shown at the root of the cambered wing (CL,des = 0.1) are probably due to a valley on the
lower surface center line. This valley resulted from shearing the camber lines.

The results at a - i9.7* for the Mach number extremes (Fig. 7) indicate that the same trends with
angle of attack as shown for M - 3.5 can be expected. It should be pointed out that the Woodward theory
is a linear theory and should not be expected to provide good results at Mach numbers above 3.0 or angles
of attack above 8* or 100. Because of the failure of the Woodward theory to predict the lower surface
pressures at high angle of attack, each of the methods will be compared with experimenta] data at the high
angle of attack in the next section.

High Angle-of-Attack Comparisons

Comparisn;,d " the various prediction methods with experiment at a - 19.70, M - 3.5 are shown In

Figures 8 to 10. In general, upper surface pressures are predicted reasonably well by all of the methods
except for the Middleton method without pressure limiting. Cnly the finint-difference method predicted
lower surface pressures with any degree of accuracy at this high angle of attack.

When using the tangent wedge approximation, lower surface pressures are overprodicted icross the entire
span (Fig. 8). This results in an overprediction of both the lifting pressures and the span loadings and,
hence, the integrated total forces and moments. This overprediction of pressure is probably due in part
to the fact that interactions between panels are neglected. On the lower surface of a delta wing there is
a flow outward toward the tip which would tend to lower the local pressure and thus decrease the pressure
coefficient. On the upper surface, on the other hand, the flow behind the leading-edge vortex would flow
inward toward the root increasing the local pressure with a resulting increase in pressure coefficient.
This would tend to decrease the overprediction at the root as shown in Figure 8.

The linear theory Middleton and Woodward methods are compared with experiment in Figures 9 ad 10,
respectively. The Middleton method without pressure limiting overpredicts the pressures on the upper
surface but grossly underpredicts the lower surface pressures. The lower surface pressures indicate that
the force data correlations for this method shown in Reference 14 are fortuitous in that an underprediction
ot lift at the inboard stations is canceled by an overprediction at the outboard stations (see lifting
pressures and span loadings shown in Fig. 9). When using the Middleton method, the user has the option of
setting the fraction of vacuum he wishes to use as the minimum possible pressure. This pressure limiting
is applied to the lifting pressures as they are being calculated. A vacuum fr.;ction of 0.7 was used to
obtain the pressure limited curves shown in Figure 9. The zero-thickness linear theory assumes equal pres-
sure coefficientc of opposite sign on the upper and lower surfaces. Thus, the high pressure coefficients
measured on the lower surface, which are sometimes more than twice the magnitude of those measured on the
upper surface, cannot be predicted. Pressure limiting as applied to the Middleton method tends to magnify
further this discrepancy since the limits are applied to the loading parameter ACp. Because the limits
are applied to ACp the assumption of equal pressures of opposite sign on the upper and lower surfaces
results in even lower prersures on the lower surface than those obtained without pressure limiting.

The Woodward theory (Fig. 10) also employs pressure limiting. Here, pressures are limited to vacuum
but only after all pressures have been calculated. Thus, only the upp.- urface is affected. As previously
indicated, the flat pressure distribution predictions on the upper surface are the result of pressure
limiting. As can be seen by comparing with upper surface pressure limited curves in Figure 9 for the
Middleton method, the Woodward values are slightly higher because of the difference in percent of vacuum
used (70 for Middleton, 100 for Woodward). Since the theory does a totally inadequate job of predicting
the lower surface pressures, the lifting pressure estimates are too low. This results in a span loading
which, when integrated, provides total forces and moments that are too low.

The shock-fitting finite-difference method (Fig. 11) produces much better agreement with the experi-
mental pressure distributions at high angles of attack than any of the other methods. Along the center
line and midspan chord line, this theory is in good agreement with the data. The difference at these
locations appears to be caused by the displacement effect of the boundary layer on the model (which is not
included in any of these methods). As was the case at the cruise condition, the pressure distributign
near the wing tip is poorly predicted on the lower surface because of the leading-edge blunting added to
the numerical model in order to obtain the solution. Nonetheless, the span loading prediction is quite
good. It should be noted that it was only with considerable effort, involving variations in the nose
shape and some changes to the computer code, that the results shown were obtained. In this regard, the
shock-fItting finite-difference method cannot yet be considered fully operational in the sense that the
MI leton and Woodward linearized theory methods are. Further development is required to allow the
rouLIne application of this finite-difference method to a wide range of configurations (including wings
with high camber and twist and with sharp subsonic leading edges). However, the results shown here show
that finite-difference methods can be particularly useful. for calculating the effects of conditions, such
as high angle of attack, where the linearized theory methods cannot produce useful results.
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CONCLUDING REMARKS

Comparison of experimental pressure data with predictions based on four theoretical methods indicate
that all of the methods will yield satisfactory loads data at moderate angles of attack. At moderate
angles of attack the methods of hiJdleton and Woodward cen provide reasonable estimates at K-ch numbers

higher than those usually associated with linear theory.

Only the shock-fiLting finite-difference method yields satisfactory loads estimates at high angles of
attack where the other methods examined are linable to predict lower surface pressurts Reasonable esti.sLes
of upper surface pressures at high angles of attack were obtained by linear theory when piessures wore con-
strained to vacuum pressure or a percentage of vacuum. The results hold promise that w-th further develop-

ment finite-difference methods can meet the need for aeiodytiamic load prediction at high angles of attack.
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Figure 1. Prediction methods considered.
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ON THE CALCULATION OF THE PRESSURE DISTRIBUTION OF WING-BODY

2 COMBINATIONS IN TEF NON-LINEAR ANGLE OF ATTACK RANGE*

Gregor Gregoriou
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SUMMARY

Based on the potential theory, an iterative singularity method was developed which
yields the pressure distribution of symmetric wing-body configurations in the non-
linear angle of attack range at subsonic speeds. The body is axis-symmetric and of
finite length. The wing is infinitely thin and located at mid-wing position.

The following mathematical model was used.

Wing: Lattice method, free vortices partially inclined to the wing plane by oL0/2.

Body: Ring sources over the body surface

Xý Theoretical results show good agreement with wiPd tunnel tests.

NOTATION

Angle of attack x Distance between local force
and moment reference point

8 Inclination angle of the
free vortices ai Fourier coefficient

Ma Mach number
- v Vortex strength

U• Free-stream velocity
U reC z Normal force coefficient

x,y,z Rectangular coordinates Normal for ce n

v Polar angle qC 0 Sa R

u'v'w Velocities in x-, y-, z-directions C Pitching moment Moment

v., v Velocities in tangential C Pressure coefficiet

and meridian directions Cp

sAC Pressure difference between
q0 Dynamic pressure AP upper and lower wing surfaces

Intensity of the ring Subscripts
sources at 0 = 00

00 Free-stream condition
qi Intensity of the ring

sources (i = 0,1,2 ... ) W Wing
B Body

D Maximum body diameter I Local

L Body length P Panel
V Vortex

1 Wing chord
SC Panel control point

SR Reference areaR• e Exposed wing

Sr Body local radius FC Fourier coefficient

The work is sponsored by the Ministry of Defence of the Federal Republic
of Germany
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INTRODUCTION

Over the past years large angles of attack have become more and more important as far
as missiles are concerned in consequence of the constantly increasing requiremenr for
greater maneuverability. In the light of this development, aerodynamicists have
endeavoured to establish methods with a view to estimating the total coefficients of
the normal force and pitching moment in the non-linear angle of attack range.
However, investigations permitting the determination of pressure distribution over
the missile surface at large angles of attack are lacking. This paper deals with a
wing-body configuration in the case of subsonic flow and provides information as to
the pressure distribution at the body as well as at the wing. As is well known,
knowledge of the pressure distribution is of importance for the dimensioning of the
missile structure. The pressure distribution then yields the coefficients of the
normal force and the pitching moment for the body, the exposed wing and the total
configuration. In the present investigation wing-body configurations were studied,
the body being of arbitrary thickness but axis-symmetric, whilst the infinitely thin
wing (in mid-wing position) may feature any plan form.

The comptuting model used is based on singularity distributions which have been
applied successfully by other authors to solve similar problems.

Comprehensive wind tunnel measurements conducted by DFVLR were utilised in order to

test the results of the computing method.

BRIEF DESCRIPTION OF THE METHOD APPLIED

Lit us consider a wing-body configuration according to Fig. I

410 -. rXt5z+ I j7I
- 3648

Fig. 1: Tanner wing-body combination 4 1

For the sake of clarity we subdivide the computation performed into several steps.

Step I Calculation of the wing potential without body influence

It is first assumed that the wing extends up to the body axis. Its plan form area
is divided into several panels and a horseshoe vortex is assigned to each pane].
The bound vortex lies or, the 1/4 line, whilst the inclination of the free vortices
to the wing plane can be seen in 2 (according to the Lattice method,
Hedmann (I] , Lange [2]). The free vortices with the angle of inclination 8 / 00
are, as is known, responsible for the non-liniarity of the wing. Computing the
extended wing according to the Lattice method yields the vortex strength r. of
each panel.

three types of

horseshoe vortices

Z / p

_oto p~oin ts~

Fig. 2: Horseshoe vortices of the extended wing

u,.1
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Step 2 Determination of the normal velocities induced on the body

in this step the velocities in y- and z-direction are determined for several cody
sect),ons (s. j2. •3), the velocities being induced by the horseshoe vortices of the
wing on the body surface. These velociLies are computed at 10 points at the cirtIe.
Due to symnetry, it is sufficient to consider merely the one halt of the circle, for
only the angles of attack and not the angles of sideslip are taken into account. The
normal velocity wn is determined from tLe velocities v and w.

r-.W Wn

77~ 
v

xB I

body points for the. • calculation of theS• induced velocities

Fig. 3: Sections of the body for the calculation of the induced velocities

Step 3 Approximation oF the normal velocities through Fourier's teries

An important prerequisite for the further computation is the approximation of the
normal velocities induced on the body through the following Fourier's series.

* (*,x) = 0O) (x)cos +o 2 (x) cos 20 * a 3 (x) cos3 .3

Fig. 4 gives some examples of this approximation. The number of Fourier terins required
depends on the curve of the normal velocities and can vary according to the position
of the body section under consideration. Due to the occurrence of normal velocities at
10 points of each body section, maximally 10 Fourier coeffici.ats can be detprmined.
In the course of computations performed according to this method, it has proved

a adequate to use 6 Fourier terms. Increasing the Fourier terms to 10 did not lead in
general to significantly improving the computing results, but increased the computing
time and core storage requirements. The reason for the relative nonsusceptibility of
the computing results to the number of Tourier coefficients is that the Fourier's
series approximates the preestablished curve in an alternating manner.

Step 4 Calculation of the body potential considering wing influence

In this step computing the flow at the body is effected according to the method
whereby the surface is covered with ring sources, which was first practised for a
body alone by Lotz [ 31.

ring sources which are attached to e3ch body section. Some examples of the shape of

these ring sources are shown in Fi , 5. A correspondin; ring source is necessary for
each term of the Fourier's series,(Eq. 1). The intensity of the ring sources follows
from the condition that the sum of all normal velocities must disappear at each point
of the body surface (see next section).

qO1,q q 2  q 3  qq 506 6
q0(O) x q1 () xcos* q2W(l:icos2* q3 (%)-icos3O q4,()-q4cos4 q* ( )=cosSO

Fig. 5: Shape of the ring sources for the 6 Fourier terms
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When computing the body, the normal ve'ocities which occur on considering the bcody
without the wing must be compensated for additionally.

The axial component of the flow (=UOcos a,) or the vertical component (=U. sin a.G),
respectively, are considered by ring sources as follows:

q (x) W • (x) cos0O or q (x) = • (x) cos* , respectively.,

It is evident that the normal velocities occurring in these 2 cases at the body can
be obtained by adding the appropriate coefficients in Eq. I as follows:

s d(x) /dxxial = U. cosa ao
SC C 1 -(dr(r) /dx) 2  (2)

cA I =-U sin a. I
Cff#SS C

The result of the computation in this step is the intensity

Ti (x) (i = 0,1,2,.. .5) of the ring sources.

Step 5 The angle-of-attack distribution on the wing considering body influence

The potential of the ring sources induce velocities at the wing in x, y and z-direc-
tion. The velocities in x and z-direction (u and w) ltad to a change in the local
angle of attack a1 at the wing. The following relations apply to the wing alone:

Q =aOO = const. or ton w Usn (3)
U U.. cosao

The induction of velocities by the body yields

tan a U,, slna 0, * w + tan a.. (4)
LiJ, cosaG. + U

The local angle of attack a1(x, y) is determined for the control point of each wing
panel.

Step 6 Calculation of the wing potential considering body influence

Step I is now repeated with the changed angle-of-attack distribution, which yields
a new intensity rp of the horseshoe vortices.

Steps 2-6 are subsequently repeated until no further change to the body sources or
to the wing vortex potential can Le determined. The convergence behaviour of this
iterative process is extremely good, so that this process can be interrupted after
3-4 steps. Thus the potential of the wing horseshoe vortices and of the ring sources
are known.

Step 7 Pressure distribution over the body and the wing

When the individual potentials are known, the velocities in peripheral direction vo
or in meridian direction vm can be determined at each point of the body. According
to the prerequisites, the normal velocities should disappear. Thus the presbllre

¶ coefficient C is yielded asiP

Cp (xO) I - ( vO(x,O) 2I/U2  . Z Vin(XO) 2/U 2 ) . (5)

or
Cp(XO) I- -[Vo2 (xsin*+.. + Fc,(x.sin 50 Usn,,sn o (,)

P 2FC 6FC WV
r-i: !U00 drlx)

([Vm (X)+Vm Fcx)cos*+ ... WVr c(x)cos5o, o1)
U }6FC dx

I V~~1.-drx)dx)'d

2(0)



Determining the pressure difference ACp on the wing is simpler. It is yielded from
the relation

ACp(Xy) = f (xy) (xc (xvU7)

Step 8 Determination of the total coefficients

The integration of the pressure distribution over the body surface yields the
coefficient of the normal force of the body

C 2r(x) L 1n cosO d* dxCZB sý sgn (cos*) / / p(x,O) .(8)

00 0I /((x)/dx)2

Analogously for the coefficient of the pitching moment

L it
r(x) cosO 0 dx,•; ~ ~~~CmB =g __Rrx sign (cos 0%) f f Cp (x, 0)• x2~Od)d

0 ,, 0 0dx .d xi

With regard to the coefficient of the normal force of the wing, the ACp distribution
is integrated only in the range of the exposed wing

s(y)
C.. =S- ff ACp(Xy) dxdy (10)"We RD2 0

Analogously for the coefficient of the pitching moment

2 S 1(y)
/0S IfACp(x,y)R dxdy . (11)Cmwe=•D/2 0

Since the pressure coefficients at discrete points are known and are not available in
analytical form, effecting integration in the Eqs. (8 + 11) can be replaced by
quadratures.

The coefficients of the wing-body con fig iration are composed additively of the shares

of the body and of the expcsed wing.

REMARKS CONCERNING THE BASIC MATHEMATICAL APPROACH AND THE CONVERGENCE OF THE METHOD

Several works, e.g. Hedman [1] for the linear angle-of-attack range and Lange [2]
for the nonlinear one, have described in detail the wing calculation using the Lattice
method which from the mathematical point of view is comparatively simple. it therefore
does not seem necessary to repea4- the basic mathernatical approach.

The Lotz method (31 for calculating a body with the aid of ring sources distributed
over its surface is much more difficult from the mathematical viewpoint and less known.
It is based on the solution of a Fredholm integral equation:

SL 2n[ q.(x')V r(x')cosi' N- d~dX
%-x) costO -+ / /_ Idx =.Wn(Xd)

0 0 V (x-x)2 . r(x) 2 r(x) 2 -2r(x) r(x') cos (0-)

• i =0, 1,2, .. 5. (2

where ii(x) is the function to be found.



The right side of this equation represe-ts the distribution of the normal velocities
over the body surface. A total of t such integral equations is produced through the
approximation of these normal velocities by means of 6 Fourier terms, Eq. ( I ).

The numerical solution of equation ( 12 ) calls for substituting ? poliygon for the
body contour, the condition of tangential flow being fulfiiled in the middle of each
polygon side (Fio. 6).

As far as the solution of equation ( 12 ) is concerned, special care must be taken to
determine the singular points. To this end, the Kernal function must be approximated
in the vicinity of the singular points with the aid of Taylor series. In this way
terms are obtained which can be integrated analytically and result in finite values.

When performing the calculations, the number of wing panels and of body sections was
varied. It was found that 60 sections are generally sufficient for the body, whereby
said sections must be distributed very densely in the nose region. An increase in the
number of body section3 does no longer result in an" appreciable improvement of the
calculated results.

As far as the wing is concerned, approx. 10 panels in span direction and 5 in chord
direction are sufficient. The free vortices of the panels in the body area are located

* in the wing plane. The panels located completely outside the body region feature Zree
vortices inclined by G /2 with respect to the wing plane.

From the physical point of view the assumption that the free vortices leave the wing
at an angle of cz0/2 is not quite correct. Thezefore, the computing programme includes
the angle of inclination as a free parameter. No variation of this angle has so far
been effected.

The effect of the Mach number has been considered by applying the Prandtl-Glauert Rule
to the wing-body combination.

control sections /body sections

I 4i'

F j 6: Approximate representation of the body

COMPARISON OF THEORETICAL RESULTS WITH TESTS

The results of the present theoretical method were examined using appropriate experi-
mental data obtained from DFVLR 141, [5].

The wing-body combination subjected to experiment is shown in Fig. 1. FiE!.7 illustrates
the coefficients of normal force C and pitching moment C as a function of the angle
of attack. For high am , the valuis established theoreti~ally are slightly lower than
those obtained from tests. The deviation can be explained by the lack of two body nose
vortices in the theoretical model. Presently, the model is being improved by taking
these vortices into account. F shows pressure difference AC for specified
sections of the exposed wing. Here, large deviations of measured Rata from theory are
evident in the vicinity of the wing tip. They suggest that a concentrated vortex is
generated on the upper surface of the wing. This phenomenon cannot be described
accurately with the present theoretical model, which is based on the assumption that the
free vortices separate from the wing at a,/2 with respect to the wing plane.

In Figs. 9 and 10, the C distribution over various body meridians is shown for two
angles of attack.
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PREDICTION METHOD FOR STEADY AERODYNAMIC LOADING

ON AIRFOILS WITH SEPARATED TRANSONIC FLOW

by

P. G. Thiede*
Vereinigte Flugtechnische Werke-Fokker GmbH
D 2800 Bremen, HUnefeldstrasse 1-5, Germany

SUMMARY

A method is outlined for transonic flows on airfoils, extending the boundary layer
concept to regions of flow separation by coupling a viscous boundary layer solution
with an inviscid external flow solution iteratively. For viscous flow in the separated
region an inverse integral method is developed, defining the surface pressure as a depen-
dent variable with a prescribed streamline angle at the boundary layer edge. For the
inviscid flow, a finite difference method is used, which satisfies the complete transon-
ic equation.

Two coupling schemes with different boundary conditions for both the interacting
flow fields are considered:

1 •1. Tangential coupling along the boundary layer displacement thickness

2. Tangential and normal velocity coupling along the boundary layer edge.

The above method was verified with tests on a two-dimensional bump in a transonic
duct, and on a circular arc transonic airfoil, for which results of the Navier-Stokes
solutions have been published. Resullts indicate that with the second boundary condition
the present method is accurate enough for practical purposes provided that the separat-
ed regions have a moderate extp-,sion.

NOTATION
spe oMach number

C2% p static pressure
C D dissipation coefficient, r e rfcpe Ue r recovery factor

Cf skin friction coefficient, 2 Rdpe2 R Reynolds nuber

Cp pressure coefficient s,n orthogonal coordinates along the surface

H0H shape parameter of velocity profile, T temperature
6 -. u,v velocity components in s,n-coordinates

d. x,y Cartesian coordinates

H 21  shape parameter of velocity profile,

IL dn U dut
I- pressure gradient parameter, 2.d

o06(1 t.)dn 6 boundary layer thickness

H31 shape parameter of velocity profile,
6,L_ [I_ (V-2 ] • p

0S " [ 61 displacement thickness, 0S (1- P--)dn

H--O shape pa r , -2 momentum thickness, oS y,• IL-) d.

01paamte, 1 energy thicknessf± i.rl(±.)Z], . d

H2 1  shape parameter, 6z__ ad.

shape __ 64 density thickness, f dU,(1;)dn s(H3" shape parameter, L

SH 4 • s a p p a a m t e r 64 0 s t r e a m l i n e a n g l e

1 length M, transformed sn-coordinates

m Mach number coefficient, B5---L i pressure gradient parameter, ud (1- 0

Dr.-Ing., Department of Aerodynamics
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p density Subscripts

Sshear stress e edge of boundary layer

Scorrection coefficient for compressi- equ equilibrium conaition
bility transformation,

w wall surface

Tf'- 62e0 / boundary layer thickness

0 potential function 81 displacement thickness

O free stream condition
4 stream function

INTRODUCTION

The knowledge of steady supercritical airfoil flows is an important instrument
for the calculation and design of transonic wings because of the complexity of transonic
wing flows.

The difficulties in predicting the aerodynamic loading of thick rear-loaded super-
critical airfoils for transonic flows, especially at off-design conditions, arise due to
their sensitivity to viscous effects resulting from both shock and pressure induced
separation and their interaction with the potential flow - cf. Pearcey et al. (Ref. 1)
and Kacprzynski (Ref. 2), see also Fig. 1. However the existing viscous transonic flow
calculation methods (Refs.3, 4 and 5), wherein the boundary layer displacement thickness
is superimposed to the airfoil contour producing an equivalent shape to represent the
boundary layer displacement of the inviscid streamlines, are limited to weak viscous-
inviscid interactions and hence exclude separated zones.

Therefore, considerable efforts were made for the calculation of separated flows

in the past few years, concentrating mainly on the following two areas:

1. Solving the complete Navier-Stokes equations.

2. Solutions incorporating boundary layer concepts.

Although the Navier-Stokes solutions (Refs.6, 7) represent the direct and exact
way for the solution of stronq interaction cases, the computer costs are still far too
high for engineering applicacions. In contrast the boundary layer concept is more
economical, although for every case a control of the boundary layer assumptions is ne-
cessary. Results of separated flows from Ghia et al. (Ref. 8) and Murphy et al. (Ref. 9)
for specific examples wherein the boundary layer assumptions are approximately satisfied,
show that the boundary layer concept gives results comparable with the complete Navier-
Stokes solutions.

In the last few years, considerable success was achieved,beginning with the
pioneering contribution of Lees and Reeves (Ref. 10), in treating the separated supersonic
laminar flow as a boundary layer problem. However, the technique of locally considering
the interaction between the viscous and inviscid flow due to the hyperbolic nature of
the inviscid supersonic flow field, resulting in regular solutions of the boundary layer
equations for the separated regions, cannot be utilized for subsonic or transonic flows, as
pressure at any point of the elliptical inviscid flwa is dependent on the entire airfoil
the pressure at any point of the elliptical inviscid flow is dependent on the entire air-
foil displacement distribution. For the subsonic case,Catherall and Mangler (Ref. 11) were
pressure is prescribed, can be avoided by using an inverse solution procedure, wherein
the displacement thickness or wall shear stress distribution is prescribed and the pres-
sure is deduced from the resulting solution.

The calculation of separated turbulent boundary layers has not yet achieved the
comparable accuracy of the laminar case for three main reasons:

1. The estimation of the Reynolds stresses becomes very difficult with deviations
from the equilibrium condition.

2. A suitable family of separated turbulent velociiy profiles must exist as re-

ference.

3. A suitable compressibility traiasformation must be imputed.

An inverse integral method presr-ribing the wLll shear stress distribution was
developed by Kuhn and Nielsen (Ref. 12) for predicting separated turbulent boundary
layers, fails however in the shock region.

For the calculation of the complete supercritical airfoil flow field, it is
necessary to incorporate a description of the inviscid transonic flow. A very effective
iterative procedure can be obtained combining an inverse boundary layer method with an
inverse inviscid calculation method, in which the pressure calculated from the inverse
boundary layer solution is prescribed anclogue to the incompressible flow procedure of
Cdrter and Wornom (Ref. 13).
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However, due to the absence of a suitable inverse method for inviscid transonic
flow, a direct inviscid method was first used by Klineberg and Steger (Ref. 14) to
develop an iterative procedure for separated laminar flows and later, for the corres-
ponding turbulent case at transonic speeds by Tai (Ref. 15). The results of the calcula-
tion of turbulent transonic viscous-inviscid interactions from Tai are not quite satis-
factory as a result of inaccuracies caused by the small-disturbancy approximations of
the inviscid solution and the thin airfoil boundary conditions as well as the insuffi-
ciencies of the reierse flow velocity profiles of the boundary layer solution.

The present paper describes an iterative procedure for transonic airfoil flows
with strong viscous-inviscJd interactions including separation zones by combining a
turbulent boundary layer solution wiLth an inviscid solution. For the separated turbulent
boundary layer flow, an inverse integral method is developed, prescribing the streamline
flow angle,by using the similar solutions of Alber (Ref. 16) for the reverse flow velocity
profiles and an empirical relation for non-equilibrium flows. For the inviscid flow the
finite difference method of Klevenhusen (Ref. 17) is used, which satisfies the complete
transonic equation in curvilinear coordinates and fulfills the exact boundary conditions.
In separated regions the coupling of the interacting flow fields is tested with the
following two boundary conditions:

1. Tangential coupling along the boundary layer displacement thickness.

2. Tangential and normal velocity coupling along the boundary layer edge.

A numeri~al matching procedure for separated regions is devuloped introducing the
second boundary condition. Finally the complete matching procedure is applied to viscous
transonic airfoil flows with both shock and/or pressure induced separation, considering
primarily flow cases without circulation.

SANALYSIS

Viscous flow solution

Assuming the validity of the boundary layer approximations, the separated flow
on airfoils can be treated as a boundary layer problem. For the iterative calculation
of the viscous transonic airfoil flow it appears most effective at the present moment
to apply the parametric integral technique for the boundary layer solution, emphasised
by the better information available about the reverse flow velocity profiles than of the
turbulence structure in the separated case.

The integral relations, evolved from the boundary layer conservation equations for
stationary two-dimensional compressible flows are for

moment

ds 82 Ue d$ 2- (1)

moment of momentum

dal + ( 3+2 64- M2) d..-3 . -
ds 63 . U. ds (2)

and continuity

"--i a -(,-) d 1, ( P. U.) -,to.n -o
S ds 

(3).

In regions of weak interaction the continuity equation is approximated by

- dal (4)

and therefore uncoupled from the remaining equations (1) and (2), which satisfy the
description of the boundary layer. Here the boundary layer is computed by a standard
procedure (Refs. 18, 19 and 20), prescribing the pressure distribution from the inviscid
outer flow solutio3n. In the standard procedure, the shape parameter function of the
velocity profiles imputes a saddle-type singularity at the separation and reattachment
points, which is avoided by an inverse solution procedure, prescribing the displacement
thickness or the wall shear stress distribution and defining the surface pressure as a
dependent variable. For the solution Qf the complete viscous equation system (1) - (3)
in the strong interaction case, it is more advantageous to define the streamline flow
angle at the boundary layer edge 4e.
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For the inverse solution procedure the integral equations (1) - (3), introducing
the inverse shape parameters H 1 , H;j, H•i and ", are transformed into:

dH-- 14H (2-me. -- d1 , + H 1  d6 " - Cf

Ords MeM ds 6, ds (5)

dH;1 dH* _ 2HZ +H-31(3-Me 2 ) I dMe 2 H•I -D
dH-1 ds fl+me Me ds 61 ds 6a (6)

Hoot (I -M• LA2 dM@ I- d6j ta.n e

I +rn , Me ds 6 ds -1 (7),

see Ref. (21). Taking into account that the van Driest relation between temperature and
velocity profiles (Ref. 22)

T + rMe (8)
_ [ u

is valid also for separated flows, reduces the compressible boundary layer integralquantities, appearing in the integral equations (5) - (7), to incompressible ones.

The solution of the viscous equation system with a prescribed streamline flow
angle at the boundary layer edge o , requires the following relations for a one-para-
metric family of turbulent reverse ?low velocity profiles:

- shape parameter functions H3 1 (H2 1 ), d3 (H21), HO1 (H2 1 )

- compressibility transformation coefficient P'(H2 1, Me)

- skin friction coefficient cfi(H2 1 )

- dissipation coefficient CDi (H2 1 ),

for which the lower branch similar solutions of Alber (Ref. 16) are used as a basis,
Fig. 2. The above relations, evaluated in Ref. 23, are also valid for separated non-
equilibrium boundary layers, excluding hciever the dissipation law, wherein the history
effects must be considered. From the evaluation of separated turbulent boundary layer
measurements, especially from Ref. 24, Fig. 3, the following empirical formula for the
dissipation coefficient is established:

CoI . CDi(H20 +a CDi(-nlequ) (9),

wherein the deviation from the equilibrium conditions is determined. For a better
estimation of the characteristics of the reverse flow profiles, further tests with
separated turbulent flows are absolutely necessary.

Together with the relations of the reverse flow profiles, the integral equa-
tions (5) - (7) form, with the prescribed streamline angle at the boundary layer edge

a linear equation system with 3 dependent variables dH2,/dS, dMe/ds and d6 1 /ds,
which can be written with Cramer's rule as

dH2I . N,(Hzi Me.6) (10)
ds D ( H21, Me58)

_ dMe = N(H2.L (1
Me ds 0 (Hzl MeoS)

I d6i = N3(H21.M*.S)
6. ds 0 (H23 ,Me,61) (12).

This system of ordinary differential equations can be solved by a Runge-Kutta integration.
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The accuracy of the inverse boundary layer mnethod with the above relations
suggested for the reverse flow profiles,was compared with measurements of the separated
turbulent boundary layer of Alber et al. (Ref. 24) on a two-dimensional bump in a
transonic duct. For comparison of the calculated results with the tests, the reduced
viscous equation system (5) and (6) is used, prescribing the measured displdcement
tnickness 61. The calculated boundary layer values Me, HII and cf of the separated
flow regions in the shock and pressure gradient induced separation cases are compared
to tbe measured ones in Fiq. 4 and 5. Deviations between the computed and measured
boundary layer values near the reattachment point, arising from the non-equilibrium
condition, essentially vanish by considering the non-equilibrium character of the
boundary layer in the dissipation law. Further deviations between the computed skin
friction coefficients and those evaluated from the measured velocity profiles, despite the
goodH2 1 -conformity, indicate the strong disturbed turbulence structure of the boundary
layer at the reattachment point.

Inviscid flow solution

A finite difference method, described in Ref. 17, which satisfies the full non-
linear transonic velocity potential equation in curvilinear coordinates and fulfills the
exact boundary conditions on the matching line, is adopted for the inviscid transunli
airfoil flow solution.

The differential equation for two-eimensional inviscid flow in Cartesian
coordinates is

0,, (,3 - 1)+ (a2 - 42)_ 2 - 0, 0 0 (13).

The fulfillment of the boundary conditions for complicated profile contours not
contained in the network for the finite difference schemes is the irherent difficulty
in solving this differential equation, which, however, can be circumvented by introduc-
ing a streamline coordinate system:

S- const 4.- const (14)

with the boundary as coordinate

0(15).

For the calculation of the streamline coordinates, a panel method with dipole
covering is suggested (for unproblematic description of profile contours with viscous
effects), to avoid the difficulties discerned in the conformal mapping, as for instance
in the method of Garabedian et al. (Ref. 3).

The differential equation (13) in streamline coordinates is

S2az(+o I t4,0) = Op Bp ++0j, Bý (16)

with

BAand A :z 2 + 2

Eq. (16) is solved with the Murman finite difference scheme (Ref. 25).

Matching of the viscous and inviscid solutions

The two different boundary conditions for coupling both the interacting viscous
and inviscid flow fields considered are:

1. Tangential coupling along the boundary layer displacenent thickness.

2. Tangential and normal velocity coupling along the boundary layer edge.

The first boundary condition, an apprcximation of the continuity integral
equation (3),

u. ds (17),

is normally adopted for weak interaction problems. This signifies ýhat the displacement
thickness serves as a streamlive, which primarily hinders mass transfer and conseguently
the r-ommiunication between the inner viscous and the outer inviscid flow.
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The second boundary condition, which exactly satisfies the continuity integral
equation (3)

d(18),

forces the inviscid solution to match the tangential and normal velocity components
ue and ve given by the viscous solution along the boundary layer edge, verifying that
the induced streamline angle at the boundary layer edge 0 e is a common variable for bohh
the viscous and inviscid solutions. This boundary condition forms the basis for a more
realistic flow model for the strong interaction case.

The coupling of the interacting flow fields with bo-•h the boundary conditicns (17)
and (18) is tested with the experimental results of Alber et al. (Ref. 24) in separated
turbulent transonic flow. For the test

- case A with pressure-gradient induced separation and
- case B with shock induced separation,

the inviscid flow field is calculated with the above boundary conditions at the bump
derived from the measured boundary layer values, Fig. 7 and 8. Although the duct ceiling
above the bump approximates the streamline of the unrestrained flow field, the in-
fluence of the opposite wall on the bump flow cannot be neglected; therefore the
boundary condition (17) is satisfied on the opposite wall for both calculations. In the
attached boundary layer flow region a good agreement between the calc:ulated and measured
Mach number distribut.'.)ns is reached using both boundary conditions. However, in the
separated flow region where the viscous effects are dominant, better results are
achieved with the ue, ve-coupling on the boundary layer edge, confirmed by Murphy et al.
(Ref. 9). Consequently, only the second boundary condition (18) i.'1 used to develop a
matching procedure for flows with strong viscous-inviscid interactions.

Matching is the process determining the specific combination of the tangential
and normal velocity components on the boundary layer edge, ue and ve respectively,
simultaneously satisfying both the viscous and inviscid flow solution. The inverse
solution for the tangential velocity component ue of the viscous equation system (5) -
'7) at the positions (s = const) of a prescribed airfoil geometry can be written as

Uevs2 fVS( ton tevs) (19)

and the direct solution for the normal velocity ccmponent ve by the inviscid equation
(16) as

u , (ton o0*. i) (20),

i.e. the induced streamline angle at the boundary layer edge

oe:tan'1 ( v'3
U.

is a common variable for both the viscous and the inviscid flow fields. Aim of the
matching procedure is to achieve the coincidences

* Uw= U i. (21)

and

avs - %s or ton Oevs ton 0% (22).

Assuming that the boundary layer thickness variation as a second-order term in
Eq. (20) is negligible, the intersection of the functions f s and gis in the ue, v -co-
ordinates represent the matched solution of Eqs. (19) and (YO). According to Ref. 26,
the matched solution can be derived using an initial dpproximation ve(O) by a two-dimen-
sional Newton iteration, see Fig. 9, which leads to a good convergence. The initial
approximation ve(O) is obtained empirically from 81- or ue-estimation as used in
Refs. 3 - 5.

In a modified form this macching pjocedure can also be applied to weak interac-
tion regions of a transonic airfoil. However special attention must be pail to the
sonic point, whJch is r singularity of the inviscid solution. In the weak interaction
case the initial approximation is obtained from the inviscid solution without any
boundary layer consideration. The ;dvantage of this procedure for weak interaction
problems 1i the better convergence of the iterative solution compared to the conventional
procedure, wherein the dipplacoment thickness is superimposed to the airfoil contour.

!I: i
i 1



16-7

PESULTS

The matching procedure described above is applied to separated turbulent .ransonic
airfoil flow cases for which experimental details were available.

The most suitable example for a comparison is the aforementioned two-dimensional
10-percent thickness bump on the floor of a transonic duct (Ref. 24), where measurements
of the wall static pressure distribution and of the boundary layer velocity profiles in
the everse flow region are carried out. The first comparison is made for the test case
A (.co- .7325) with pressure-gradient induced separation at some distance downstream of
the shock, As the influence of the opposite wall on the bump flow cannot be neglected,
in addition to the bunmp contour, the duct ceiling is predefined for the calculations.
The displdcement contour of the opposite wall was kept constant during the iterative
process. Furthermore, as the boundary layer develops before the test section, the
inputs of the initial boundary layer parameters are required. For the calculation of the
inviscid flow field a mesh with 48 (with 22 in the bump reqion) x 15 grid points is
used. In the weak interaction region the initial approximation for the matching proce-
dure is the invIscid solution, followed by a boundary layer calculation with the pres-
cribed inviscid pressure distribution. In the strong interaction region beginning up-
stream of the separation point, a displacement thickness distribution corresponding to
the initial values in the weak interaction region is estimated for the initial approxima-
tion. Matched results are obtained in the strong interaction regions after 5 iterations,
whereby only 2 iteration steps are required in the weak interaction region. The predicted
pressure distribution, Fig. 10, shows excellent coincidence with the tests in the
attached boundary layer region and little scatter in the separated flow region.

Using the same inputs as case A, the predicted pressure distribution of the test
case B (Mo= .7339) with shock induced separation, Fig. 11, shows more scatter in the
separated zone than the pressure induced separation case. Here, because of the larger
extension of the separated flow regions (compare Fig. 4 and 5), the boundary layer
approximations are less accarate than in case A.

A circular arc airfoil of la-percent thickness is chosen as a further test case
for transonic flows (M,= .7425, Roo = 4.l06) with pressure induced sepaxation, for which
pressure measurements are presented from Mc Devitt et al. (Ref. 27). For this case
Navier-Stokes solutions with four different turbulence models are publislied by Deiwert
(Ref. 7). For the calculation only the airfoil contour was defined, whereby the wind-

4 tunnel wall, contoured to approximate the undisturbed flow conditions, was not considered.
The boundary layer was assumed to be turbulent. Profile wake approAimations were imputed.
The inviscid solution was obtained with a 42 (with 22 on the airfoil) x 26 grid point
mesh. Using the foregoing initial approximation, convergence for the complet flow field
including the separated zone is reached after 4 iterations. Good coincidence of the
matched solution with the measured pressure distribution in the separated trailing edge
flow region is achieved. In the supersonic region deviations occur similar to the
Navier-Stokes solutions, which apparently result from the wall interference and the
laminar-turbulent boundary layer transition.

CONCLUDING REMARKS

A prediction method for separated turbulent transonic flow on airfoils is
achieved by coupling an inverse integral method with an inviscid finite difference method.

Results of flow cases with both pressure-gradient and shock induced separation
indicate, that the present method is accurate for practical purposes, provided that the
separated regions have a moderate extension. Although inherently good convergence is
reached, further work is necessary to minimize the computing time for the matching
procedure.

As there are no fundamental difficulties in extending "he present method to flows
with circulation, it can, with some additional development, be applied to cambered
airfoils with incidence. Furthermore, this %ethod can be extended for supercritical
airfoils with flaps.
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PRESSURE DISTRIBfUTIONS FOR A SWEPT WING BODY CONFIGURATION
01TTYA•ED FROM COUPLING TRANSONIC POTENTIAL FLOW CALCULATIONS

AN) BOUNDARY LAYER CALCULATIONS

Sven C. Hedman
The Aeronautical Research Institute of Sweden (FFA)

S -161 11 Bromma, Sweden

SUMMARY

In a study of the aerodynamics of swept wings at transonic speed a series of wings
t n c lILndrical bodies has been designed, tested ana analyzed. The wings have a common
planform, a 35° swept quarter chord line. an aspect ratio of 4, and a taper ratio of 0.4.
The relative thickness of the wings generally exceeds 8.5 %. For comparison, pressi-re
distribntions were obtaixied on an uncambered wing with NACA 64 series sections.

In this paper comparisons will be described between calculated and measunred pressure
distributions at two supercritical flow co-iditions M = 0.8, a = 60 and M = 0.9, a = 00.
The pressures were calculated with a relaxation method based on the transonic small dis-
turbance equation. Boundary layer displacement thicknesses were caiculated both wiLh an
integral method and P finite difference method for three dimensional turbulent flow.

It was found tha. use of the simplified or the full boundary condition and of in-
eluding the 0, 0xy and z 0 ,xz terms in the potential flow calculations affected the re-
sults only st lghtly. Addition of the boundary layer thickness to the wing thickness

Ji tifnto all equixalent wing surface improved the agreement between calculated and measured
pressures.

1. NOTATION

b wing span a angle of attack

Cf friction coefficient r circulation

• C pressure coefficient y specific heat ratio
P

C lift coefficient 6 boundary layer thickness,
L airfoil thickness ratio

c local chord

C wine root chord 6* displacement thickness
ref spn-ise station b

If shape factor, 6*/8 s/o
a n momentum tlhickness.•M X4ach n=0)er G s a i g f c o ,6 A

R defined i.Lt Eq.(5) £ scaling factor, 6•s/

I Re Reynolds n.umber 0 velocity potential function

Re 8  Reynolds, number based on momentum disturbance velocity poteatial

Sthickness
U, freestream velocity Indices

u,v,w d Lsttrbance velocity components te trailing edge

xyz Cartesian coorylinates ff far fieLd

2. INTRODUCTION

In a study of the aerodynamics of swept wings maiirny for small lift coefficients at transenic
Mach numbers, FFA has designed and tested a series of swept wings mounted on cylindrical bclies and
analyzed the results. The work has been performed in cooperation with Dornder Gmbll in Germany, NAE
in Canada and Saab-Scania in Sweden.

The wings have a common planform defined by A 350 swept quarter chord linie, an aspect ratio of
4.0. The relative thickness of the wing.i taken in the chordwise direction varies slightly between
configurations but generally exceeds 8.5 %. Tests of total force on al. uncambsred wng with NACA
64A010 section perpendicular to the quarter chord line and fitted with leading and crailing edge

k flaps were reportcd in (13. A first calnberect wing was designed with a subsonic panel method to
have a sonic roof-top pressure distribution at its design point, M = 0.9, CL = 0.1. Comparisons
were reported in (2) between pressures computed both with the panel method and with a transonic
small disturbance finite d~fference method and with pressur distributione obtained experimentally.
A second cambered -,ing was designed using a supercritical airfoil section. Total force balance
tests for that configuration were published in (33. A fully supercritica.l roof-top wing designed
by the finite difference method wi'.1 be reported in 4)].

The wings were designed to have pressure gradients such that two-dimensional turbulent bound-
ary layer cal'culations [53 showed to be free from separations. No three-dimensional boundary layer
calculations wore done. Lately several calculation proced,.ulres for that p'ipose have been published

".The oressures on wings in a real flow without separation can be pvedicted by potential flow
calculations perifoned on an equivalent wirg geometry that includes the boundary layer displacement
thicknoss. Two methods for computing the displacement thickness and fer prediction of separation
of turbulent boundPA-y layers have been selected, one is in integral method by Stock in t73 and the
other a fxnite difference method (]). The pressures obtained are compared with experimentally at-
tained values for the above-mentioned plane wing. For this wing, pressure measirements are avail-
able for a wide range of incadence and Mach number, 0 < a < 90, 0.5 < M < 0.975, 7 * 10<Re <
16 -o0 (93.
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3. MMITODS OF CAILULATION

3.1 Potential flow method

The method will be described in detail in [43 and [73.

•The perturbation potential p is defined in terms of the full velocity potential 0

O(x,y,z) = Uý[x + CP(x,y,Z))

where e is the scaling factor, here put e = 6A/M. Thie potential equation is generally simpli-
fied into the transonic flow small disturbane, formulation.

[(1_-12) - (y+I)M 2 P3Ip + + zz = 0 (1)

For calculations of pressures the x-component of the velocity plays a dominant role, for
three dimensional boundary layer calculations the spanwise component is also important. For swept
wings %ith round leading edges considerable crossflow velocities v, w coan appear. To take these
into accotut two more terms are retained in the potentia;l equation.

-(Y+1)Msevp) px + + - 2M3e (yyxy + c = 0 (2)

The boundary condition on wing and body surfaces states that the product of surface slopý and
velocity at tl.e surface should vanish. The equation of the surface is written, z = f(xy) , and
thus the boundary condition becomes

( + + Wyfy (3)
Ix y

This relation is used for the body together with either potential equation (1) or (2), and
also for the wing when Eq. (2) is -iplied. However, the wing boundary conditions are simplified in
connection with Eq.(1).

I1z f (4)

"The potential jump across the wake is assumed to vary linearly from the wing trailing edge
xte(y) to the downstream end of the computation domain xff. At intervals the far field circula-
tion rff(y) is updated to the uIng value rFo(y).

q,(x,y,+o)-T(x,y,-O) = rte(Y) + [ff(y) -/rte(t )]x-te(Y)]/[xff -xte(y)3

In the first two grids used for preliminary calculations special far field expressions are
used fcr the outer sides of the volume of Grid points. For the surface furthest upstrewn and that
furthest downstream the potential equation is reduced to the cross flow equation

W~yy + (Pzz = 0

For the remaining three exterior surfaces far field expressions by Klunker for tie potential
are used. b/2

~(x~y~z) =z ( 1 X*, -b/2
U(f (yy)dyZ t

R2 = X2 + (-M 2 )(+ z 2 )

In the firj' calculations the potential on the boundaries of the compution grid is interpolat-
ed from valued .e preliminary calculations.

t Calculationar of body surface pressures and wing pressures in connection with Eq.(2) are made
with the isentrcpic pressure relation.

C 2 -4,- i --- M2 (2exp +c 2  + ]P
p 'W t 2 x Px y z

When the potential equation in Eq.(1) is used, the pressure coefficient expression is linear-
ized.

Cp 2eyx

3.2 Boundary layer methods

Thie boundary layer flow on the wing was assumed to be turbulent, three-di.tensional, and com-
pressible.

The aim of the calculations is primaxrily to determine the displaccnent thickness to be added
to the wing geometry. The flow ovur the equivalent wing will th'm be recalculated and the pressures
compared to the ones obtained without boundary layer addition. Two methods have beer empiloyed for
tha determination, an integral method for the major part of the work and a ftnite differelcý nret/hod
"to cheek some of the results.

rThe integral method,

lThe method was first developed by Smith [|10) and later by Stock in [7). it is bosed
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on the boundary layer momentum integral and the entrainment equation. For the cross flow velocities
Mager profiles are used. In the program thiere is an option for Johnston profiles. 'Tlhe skin fric-
tion is taken from the Ludwieg-TIllmann relation. Consideration of compressibility is taken accord-
ing to Eckert's reference temperature concept. The entrainment coefficient depends on the shape
factor H and the exterio.- Mach number ?4.

Starting values are calculated in a laminar flow across a cylinder approximating the wing
leading edge. The flow io computed over one surface at a time.

The finite difference method.

This is an extinsion of the Bradsha.v-Ferriss transport equation method applicable to tapered
swept wings [8]. A cylind-ical polar coordinate system is used wi th its center in the node of the
wing's generators. The isobars are aesumed to follow the generators.

Initial values of' 8 , Reg and Cf at 10 % chord have been given by the integral method. From
these values a starting velocity profil,- is synthesized from Coles' and Mager profiles. Finite dif-
ference solutions of the tr4nsport equations then proceed along a circular arc and the solution is
transformed to an adjacent wing section. One aection is computed at a time.

The mair advantage of the integral method is its ability to treat a front line that sweeps
past the wing surface, while the salient feature in the finite difference method lies in the ab-
sence of assumed velocity profiles.

3.3 Calculation procedures

SThe program for potential flow has the two main alternatives for operation listed below. A
third hybrid alternative was usen in one case.

Operation Crossterms Boundary Pressure
alternative in potential conditions coefficient

equation expression

1 Yes Full Isentropic

S2 No Linearized Linearized

3 No Full Linearized

The calculations of the flow fields utilized three grids.

Grid Calculations Number of points Size in root chords
x y z x y z

1 Preliminary 26 19 28 -2.5/2.6 o./4.o -4.8/4.8
2 Preliminary 41 28 28 -2.3/2.5 0./3.9 -4.3/4.3

3 Final 48 28 29 - .6/1.8 0./i.6 -1.2/1.2

The number of points on the unit length root chord was 7, 14 and 20 respectively. In oach

grid iterations were continued until a maxismum change of the potential in the field was less t!.un
0.0005. Relaxation factors when approaching convergence were 1.8 anid 0.9 for subsonic .end super-
sonic columns in the grid respectively. The number of iteratio-is for convergence in the different
grids were approximately 160, 70 and 40. The program with storage for the final grids 32.976 points
nearly filled the available CDC 6600 computer. Execution time for the final calculation was ap-
proximately 4 seconds per iteration when alternative 2 was used and approximately tirice that time
for alternative 1.

The boundary layer calculations required less time and storage. The integral method takes
both surfaces in one computer run, it uses two thirds of the CDC 6600 storage and gets the answers
within one minute. The finite difference method takes one wing-station per run. It needs very
little core, the computation time is approximately 8 seconds.

4. CASES IAwESTIGATED

For the investigation on the pecformance of the procedures to compute potential flow and bound-
ary layer flow two test cases with steep gressure gradients were selected, one with high suction
peaks at the leading edge, M = 0.8, a = 6 , and one with shocks further aft, M = 0.9, a = 00. It
was hoped that boundary layers would be thick enough to effect the pressure distributions signifi-
cantly.

A sketch of the model showing the pressure tap stations appears in Fig. 1 (see next page). Inthe calculations the fuselg9ge was an infinitely long cylinder.

5. RESULTS

Pressures calculated without and with consideration of the boundary layer displacement will be shown
and compared with measured values. The influence of the different program alternatives referred to
in Section 3 will be demonstrated. Velocity distributions will be given and comparisons between
displacement thicknesses calculated with the integral method and the finite difference method will
be made.
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26 606
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Fig. 1. The model.

5. 1 Pressures calculated with no consideration of the boundary layer

Fig. 2 contains data for M = 0.8, a = 60. The calculated values show the general trend of the
experimenta-l ones. However the upper surface leading edge expansion is underestimated. Downstream
of the leading edge shock the pressures obtained with alternative 1 show too low values, which is
not surprising as the shock ttrength was too small. Alternative 2 gives slightly more positive
pressures that happen to come closer to experiments.

The first grid point on each chord was situated zt 3.6 9. To improve the agreement would re-
quire grid points closer to the leading edge.

0

0

0 0

to-05- C

-I//oooCo- 0 0

'SS 0S x~c s 10 0 -

all 0,51-

S..... Nc cross terms. srrpli tdboundary condit~on$

0 a Experin'rIent vclut,

Fig. 2. Pressurm distributions. M = 0.8, a = 60
comparison between calculated and measured data.
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Mhe other flow condition investigated M = 0.9, a = 00 gives so little difference in pressure on the
wings' two sides that for clarity the results are shown separately in Fig. ". There is a fair agree-
ment in the results here also. 'There are some features worthy of note. The linearized boundary
conditions cause an expansion peak in the second grid points. In the region of the lowest pressures
the pressures are lower both due to the Pull boundary conditions and due to the cross terms in the
potential equation. In this region v and w cre small, see Section 5.2, so no appreciable effect
of choice of pressure coefficient expression occvrs. The lower surface shock is predicted to b.
stronger in its inboard portions than is observed in the wind tunnel. However, in Section 5.3, the
boundary layer calculations will indicate separation on the inboard section which explains this over-
estimation. The tip shock is predicted too far aft.

.05 Upper .roface a-0 L swfoce

CP- ,9

0' C I 1l.2B

0 / %

Cpo , o Clj o

S0 
1s

I 0, Co 05oos 10os er s mcud(,ul 07Jno~ €05ht~

10
0.'9

- Cocuttion, cow trmsincluded, full boundary coniditiorns
Colculo'ions, no cross terms, simplified ýunidory conditions

-.. ... Colculotions. no cross termt. full boundary conditions

Fig. 3. Pressure distributions. M = 0.9t a = 00, comparison between calculated
and measured data.

t 5.2 Velocity distributions

The integral method uses velocity iomponents as input. The up er surface values will bie il-
lustrated. Fig. 4 contains the high incidence case, M = 0.8, a = 6", as calculated by the two al-

uu

U \ ii U.v.w

:1V

0 '- - 0 -, -.si
-.2 .. ... .. -.2 '

a) cro s, terms included b) no cto1s1,trm$
full bo crnd ory conditions $im p lhti,td bcu ndaory ca~nd atloAs

Fig. 4•. Disturbance velocity components uppor wing surface. M = 0.8, a 6°.
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ternatives 1 and 2. n of course looks like the C -values from Fig. 2. w equals ,z/(LX , when
the simplified boundary c-ondLtion is appLLed, but otherwise it resembles the surface slope. v is
directed towards the centerline over most of the upper wing surface, with larger values towards the
tip. the potential flow at the surface is converging.

The high Mach ntmber case M = 0.9, 9 = 00 is shown in Fig. 5. TThe velocity components are
generally smaller.

w... . -- \
.j]j .. . ".-. - - -/

U. -. -

-.2

t gt

) crossIerms ncluCea bd W o crossterfms
full boundory conditions simphfied boun0i8y conddition

Fig. 5. Disturbance velocity components upper wing surface. M = 0.9, , =0'.

5.3 Boundary layer characteristics

Calculations were carried out for Re = 7 " 106, referred to the root-chord, cref

Displacement thicknesses 6*/c for tile two flow conditions M = 0.8, t = 60, and M 0.9, a= 0 0
are shown in Fig. 6 and Fig. 7. They were calculated on velocities obtained with the potential
flow program using both alternatives 1 and 2. The major portion of data was obtained using the in-
tegral method.

4 1 r.- 26
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0"1• 1160
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cross test, included nO crOSs terms
full bou-Idery ConditiOrs simplified boundory Conditions

SUppfr Surface Stock

.......... upper surface e=S: haw j
SFig,. 6. Displacement thickaniss. M = 0.8 : a = 6o, Re = 7 * 106.
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Fig. 7. Displacement thickness. M = 0.9, a = 00, Re = 7 " 100.

In the high incidence case, M = 0.8, a = 60 the displacement thickness grows undramatical-
ly as the flow proceeds towards the trailing edge. There is no significant difference between the
thicknesses obtained from the two sets of velocity components. The data from the integral method
agree very well w-ith the finite difference method data.

The boundary layer development in the high Mach number case is more important, The integral
method predicts rapid growth of the displacement thickness for the two outboarn stations in fair
Sagreement with the finite difference method. However, the former recognizes no serious situation
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Fig. 8. Effect of displacement thickness on calculated pressure distributions (crosp.
terms. included, full boundary conditions). M = 0.8, a = 60, Re z:7 ' 106.
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at the root bection whereas the latter method signals separation. According to the fi.nite differ-
ence method the boundaury layer cross fLow angle changes sign at the shock, but not so according to
the integral method using prescribed cross flow veloc.ty profiles.

5.41 Pressures calculated on equivalent wing

Me displacement thicknesses were added to the wing ordinates to give an equivalent wing. As
the overall changes in slope due to this addition were of the order of 0.005 only minor flow field
changes were expected and the presb',re calculations were made in the final grid without recalcula-
tion of the potential at the exterior of the calculation domain. Program alternative I waa used.

For the high incidence case, M = 0.8, o = 60 the calculated pressure gradient was much lower
than the exT,,imentai value as has been shown in Fig. 2. Thus the truze displacement thickness
should be larger than the computed one. Fig. 8, showing the effect of the displacement thickness
on the pressure distribution, shows that the pressure.i are indeed improved but that the effect is
too snmal.

For the higlh Mach number case, M = 0.9, a = 00 there was no agreement between the two bound-
ary layer nethods regarding the flow on the inboard section, as shown in Fig. 7. The displacement
thicknesses computed by the integral method almost certainly are too thin. In Fig. 9 can be seen
the effect of adding the displacement thickness. At the inboard section the pressure modification
is too small around the shock. At the mid-semi-span station the pressure around the shock is shift-
ed towards the experimental values but on the forward portion the pressure increase due to inboard
section displacement is missing. At the tip section the changes are in the right direction.

-to

-•10- -t.O'-

CP Cp Cp

-05a -0.5 -05-

000 

0r1 0c 0Ix 0 5lWc CS Vic~

O O'1* -90

11- 26 71-160 11,•90

O.S*0.5- O.s

Upper su rface tower surface
Without displacement effect

With displacement effect

0 Experiments

Fig. 9. Effect of displacement thickness on calculated pressure distributions (cross

terms incluaed, full boundary conditions). M "z 0.9, a = 00, Re = 7" 106.

6. CONCLUSION

Calculation of the effect of including the boundary layer displacement thickness in the poten-
tial flow pressure distribution on a swept wing at two transonic flow'condlitions, one at high in-
cidence and one at no incidence showed that the effect was small and thaI its inclusion brought
calculated values towards experimental values. The effect was small .probably because the estimated
displacement thickness was too small. In the high incidence case the leading edge pressures were
not calculated to be as low as the experimental values, the smaller pressure gradient should give
a thinner boundary layer. In the low incidence case the two boundary layer methoda Give different
answers and the smallest thickness was used because it indicated no selaaration.
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/
AERODYNAMIC LOADS NEAR CRANKS, APEXES, AND TIPS OF THIN,

LIFTING WINGS IN INCOMPRESSIBLE FLOW

Richard T. Medan
Ames Research Center, NASA

Moffett Field, Calif. 94035, U.S.A.

SUMMARY

The calculation of the incompressible and irrotational flow in the vicinity of tips and corners of
thin, lifting wings is considered. It is shown that the important characteristics of the flow are governed
by an eigenvalue problem, which is nonlinear at the trailing edge because of the shed wake (assured to be
in the wing plane). It is also shown that previously proposed solutions for the trailing-edge case are
incorrect because they neglect the wake and because they do not, in general, satisfy the Kutta condition.
A new solution method was devised because either the existing methods were not valid frr the tralling-edge
case or they would have required excessive amounts of computer time. The new rathvL, which is fundamentally
different than the previous ones, was used to calculate solutions for a nun;be? " cases, including some for
which correct answers had not previously been obtained. Two of these solut;ons were used to determine the
validity of drag and leading-edge-suction distributions near the tips of a delta wing and a swept wing as
calculated by using both the vortex lattice method and a kernel function method. The calculations for the
swept wing resolved the question of whether or not the induced drag should be zero at the wing tip.

"NOTATION

A(k),B(k) Fourier coefficients of T(n -,,) VLM acronym for standard vortex lattice method
or ý'j(P) (Ref, 12)

b wingspan VLMI acronym for vortex lattice method with tip inset
(Ref. 12)

C coefficients in exgansion for f("-,P)
n defined by Eq. (39, x,y,z Cartesian coordinates with center at the origin

of any of five regions shown in Fig. I
Ji number of spanwise integration stations

in KFM n nondimensional spanwise wing coordinate with
left tip at -1 and right tip at +1

KFM acronym for kernel function method for
lifting surfaces (Ref. 11) y lift per unit span divided by product of

dynamic presrure and twice the span
M number of spanwise control points or

vortices on wing half span * velocity potential

N number of modes used to represent 'p spherical polar coordinate
T(I -op); see Eq. (39) values of 'p at edges of wing; see Fig. 2

PP number of chordwise control points or T factor in velocity potentia: see Eq. (1)

vortices on wing

k associated function of the ýi potential mode in expansion of t(! -,'P);
first kind and of degree s and order k see Eq. (39)

r radial distance from origin of any of 0 spherical polar coordinate
five regions shown in Fig. 1 Td drag per unit of spanwise distance divided by

product of dynamic pressure ,d twice thes eigenvalue and characteristic wingspan
exponent of r

Tk 'It leading edge thrust per unit of spanwise distance
T(k,s) see Eq. (15)] divided by product of dynamic pressure with twice

the wingspan

1. INTRODUCIION

The calculation of properties of wings idealized as thin and nearly planar and in incompressible and
irrotational flow at small angles of attack and with flat wakes is an important and difficult aspect of
aerodynamics, despite the numerous simplifications. Accordingly, there have been a large number of methods
devised for this calculation. The validity of these methods with respect to solving the giver, idealized
problem is, however, questionable near the tips and corners of the wing planforms. Therefora, a number of
investigations, including the present one, have been undertaken to determine the nature of the flow in such
regions, which are illustrated in Fig. 1. In general, the wing side edge in region IV may also be a leading
"edge (e.g., region IV may be the tip of a delta wing.) All of these regions are special cases of the general
case illustrated in Fig. 2, in which the only restriction on o and ýp is that p 5 •2" Shed wakes
generally occur when 'p, > 0 or P > i. To facilitate the study, these regions are idealized as being
infinite in extent. That is, theQ are considered to be flat, angular sectors. Solutions so obtai ed will
thus be local solutions that require patching into global solutions valid on the remainder of the planform.

"Because of the assumptions of irrotationality and incompressibility, the flow can be described by a
velocity potential, *, that satisfies Laplace's equation. The thin-wing assumptions allow the boundary
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conditions to be simplified and satisfied in the z 0 plane. On the wing, the boundary condition is
that the velocity in the z-direction must satisfy a prescribed distribution. In wake regions, the
boundary condition is basically that there can be no pressure jump across the wake, This condition is
equivalent to requiring the jump in * across the wake to be a function of y only. In addition to these
conditions, the potential must be finite, except at infinity, and the pressure difference between the upper
and lower surfaces must vanish at trailing edges.

Solutions satisfying the preceding conditions can be easily found. These solutions are in the form of
'linear combinations of analytic solutions to Laplace's equation. For example, uniform flow along the z-axis
is a solution for all of the regions in Fig. 1 when the wing is a flat plate.

The real ulfficulty is not in finding solutions, but is that the solutions are not unioue. That Is,
there exist eigensolutions. These eigensolutions satisfy homogeneous boundary conditions and exist because
the lack of a boundary condition at infinity has rendered the problem ill posed. A simple dimec'ional
analysis can be used to prove that the reduction of the geometry in each of the subject wing regions to an
infinite angular sector allows each eigensolution to be expressed in the following form:

1 21

where F, and 42 are two angular variables. When the preceding form Is substituted into Laplace's
equation, the resul, is a differential equation for Y which containb a coefficient that is a function of s.
This ditferential equation and the boundary conditions are both homogeneous and solutions can be found only
for certain values of s. Thus each s for which a solution can be found is an eigenvalue and the corre-
sponding 1 or F is an eigenfunction.

In contrast to the analytic solutions that can be used to satisfy the nonhomogeneous boundary conditions,
the eigensolutions can be identified as vortex sheets lyirj in the plane of the wing and the wake. Since
these vortex sneets have pressure jumps across them when they lie in the wing and the analytic solutions
do not, the elgensolutions are the only ones that can contribute to the loading. Therefore, the lifting
pressure distribution in any of the regions indicated in Fig. I can be expressed in terms of the eigensolu-
tions only.

A survey of the literature related to this problem (Refs. 1-9) revealed that, in any of the five
regions, there are precisely n independent eigenfunctions when the eigenvalue is in the range n - 1 to n.
In other words, there is always one eigensolution for s ý I, two eigensolutions for 1 < s < 2, three
eigensolutions for 2 < s ý 3, etc. The argument to support this result is also given in section 2.3.2.
The literature also shows that there is a mistaken belief that eigensolutions valid for region I through III
are also valid for region V, provided that the eigenvalue exceeds 1. As is shown later, this is incorrect,
because (i) the solutions do not generally satisfy the Kutta condition except right at the apex, and (ii)
the solutions do not contain a shed wake. The literature survey also revealed that there were basically
two methods of solving problems of this type: separation of variables and finite differences. The first
of these is not applicable to regions IV and V. The second would be costly to use in regions IV and V
because, as a result of the shed wake, the eigenvalue problem is nonlinear in these regions. The finite-
difference method is inconvenient from other viewpoints as well. Therefore, a new method of solving such
problems appeared desirable.

2. METHOD OF SOLUTION

2.1 Basic Equations

The new solution method uses the spherical polar coordinates. A solution of the following form can be

assumed:

= rS(ow) (2)

Putting Eq. (2) into Laplace's equation results in the following equation for T:

f sin2e V + sine coso T + s(l + s)sin2e y = 3 (3)

In ternis of ', the downwash an! wake boundary conditions become the following:

= 0 o on wing (4)

T(-,•) = f(y)/rs % in wake

Equation 5 can be simplified easily because y = r sin p in the wake and r must appear only as rs.
Therefore, Eq. (5) can be replaced by the more explicit equation

sin ý* Dc ' <%p1  < (6a)
Y ~ si ) i

Because the lifting-case is being considered, the governing differential equation (Eq. (3)] is to be

solved only for z > 0 (i.e., 0 < o < r/2) and the solution for z < 0 is to be obtained -rom

Y(os)= -'(: - o,8) (7)

S i
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Since the perturbation in 0 upstream of the wing and in the z = 0 plane is 0, <.here ic the following
additio!,al condition:

'(i -v,) = 0 Ip not in wing or wake (8)

Thus, the problem is to solve Eq. (3) for 0 < 0 nT/2 and subject to Eq. (4) and the Kuttt .0ndition
and, possibly, Eq. (6) and/or Eq. (8). This is an eigenvalue problem that is nonlinear in Ie 0genvalue
if the wake condition [Eq. (6)] is involved.

Once solutions are obtained, it may be necessary to calculate related quantities such ýs the pressure,
jump, and the edge suction force, which is a force caused by the infinite velocities that me., ,cci:r at
leading and side edges and which is in the wing plane and perpendicLlar t.- the edge. The pirs:cr jump,
which is proportional to the x-derivative of ý(x,y,O+), can be stated in terms of r and Y(',/t-,') as

IS 2o~r' _ (9)

The suction force per unit of distance along the edge is given by
ds ir 2(x,y,O+) {O

T =- l l mn r lp "w i 1( 0

where •i = ip or o2. The streamwise component of the suction is called the leading-edge thrust. The
thrust per unit of spanwise distance is also given by Eq. (10). Note that the suction force vanishes (or
becomes infinite) as a different power of r than either the potential or the pressure difference.

2.2 Reduction of the Basic Problem

The differential equation for T is now uscd to obtain a relationship between i( /2-,•) and
'Vo(W/2,P). This relationship is of the form

ie= F(T';s, 11

wheýe F is a linear operator. The advantage of Eq. (11) is that one of the independent variables
(namely el) is eliminated. To begin with, the separation of the differential equation for T will be
considered (even though the actual solution 's not separable). That is, solutions of Eq. (3) in the form

T(e,p) - G(p)P(e) (12)

are sought. Substituting Eq. (12) into Eq. (3) leads to the following equation for G:

G" + k2G = 0 (13)

It is evident that k, which is the separation constant, must be real and integer because G must be
periodic. Furthermore, it is superfluous to consider negative k. Thus,

G(v) = A(k) cos (kW) + B(k) sin (kW) (14)

where k is zero or a positive integer and A and B are yet to be determined.

Equation (12) also leads to an equation for P(o) which is a form of the associated Legendre
differential equation whose solutions are pk(cos e) and QQ(cos 0). Qk(cos o) is infinite' on the z-axis
and can, therefore, be disregarded. Furtheiore, as will Tevident laier, the only need for numerical
values is the ratio of the derivative of pk (with respect to 0) divided by P5 itself and evaluated at
e A i/2. This ratio is denoted T(k~s) An is given by

T(ks) * -2 tan Fls + q l r[ + (s + k)/2] r[l + (s - k)12]
T Ir[(l + s + k)/2] r[(1 + s - k)/21

Values of T(k,s) for integer s are shown in Table 1.

Now consider again a Y which is not separable. Furttiermore, suppose that '(i/2-,•) has been
Fourier analyzed, i.e., the coefficients A(k) and B(k) in the following expansion of ?(ir/2-,o) have

been determined:

.9(T' -,) [A(k) cos (kW) + B(k) sin (ki)] (16)

Then, in view of the preceding developments, it is apparent that

- T(k,s)[A(k) cos (ki) + 8(k) sin (W)]- (17)

Putting the known expr4sstons for A(k) and 8(k) .into Eq, (17) and interchanging the order of summation
"and integration results in an equation of the required form [(Eq, (11)).

4/
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lhus, the need to solve the differential equation for T has been eliminated in favor of a simpler
linear operator, which involves one less independent variable, a Fourier analysis of Y(n/2-,ýp), the calcula-
tion of the coefficienits T(k.s), and an inverse Fourier analysis Li.e., suimning the right side of Eq. (17)].

2.3 Some Analytical Solutions

In general, solutions must be determined num-i'zily, but, in a few cases, exact solutions can be
obtained.

2.3.1 The case P, - p - 2-'. "'ee also Ref. 7.) Consider first the case in which the angular sector
covers the entire z C ria'.-. In this case, there is no boundary condition on '(in/2-,o), while the
downwash boundary condir'c- becomes

0 To(,)= 0 0 • < 2•(18)

With refe'er,ce ,' .q (16), Eq. (17), and Table 1, it is clear that one eigenvalue is s = 0 and the
corresp1nGintv e'-x-.-,unction is

*(x,y,z) = PO(cos e) = 1 (19)

AnotOr eigenvalue is s = 1 and the corresponding eigenfunctions are

ý(x,y,z) = rP!(cos 6) cos P = x (20)

*(x,y,z) = rP!(cos e) sin p = y (21)

Since O(x,y,-z) = -ý(x,y,z), the former of these corresponds to a constant-strenigth vortex sheet with
vorticity in the y-direction, while the latter can be identified as a constant.-streng9th vortex sheet with
vorticity in the x-direction.

Still another eigenvalue is s = 2, and the corresponding elgenfu nctioris are:

o(x,y,z) = r2PO(cos e) v (2z2 - X2 y V2 1 (22)

p(x,y,z) = r2P2(cos 0) cos 2• _31j? - yx) (23)

t(x,y,z) = r 2p2(cos 0) sin 2,P 6xy (24)

These can all be identified as types of stagnation point flows.

In general, there are n + I independent eigenfunctions for s - A. If n is oven, then n/2 of the
eigenfunctions are even functions of y and n/2 are odd functions of y. if n is odd, then (n + !)/2
of the eiganfunctions are even and (n - 1)/2 are odd. An important aspect to note about thgse eigenfunctions
is that they are forming a complete basis. This shows that all of the linearly independent elgenfunctions
have been identified for this case,

2.3.2 The case w2 0 P 0. (See also Ref. 7.) Consider next the case in which tne anguiai- sector com-

pletely disappears. In this-case, there is no downwash b)undary condition, while the boundary condition on
Y(-.T12-,p) becomes

0 26 (25)

With reference again to Eq. (16), Eq. (17), and Table 1, it is clear that one eigenvalue is s 1 and the
corresponding elgenfunction is

, (Xy.O - rPo(cos e) z (26)

Another eigenvalue is s 2 and the co*r-sponding eigenfunctlons ate
• =r 2P)(cos e) cos e*3z()

ý(x~y,z) - r*tCS )C~ 3yZ (27)

ý(x,y,z) - r2Pl(cos e) sin ýP 3yz ([8)

In general, there are n independent elgenfunctions for s A, If n is even, then n/2 of the
eigenfunctions are even functions of y and n/2 are odd functions of y. If n is odd, then (n - 1)/2
of the eigenfunctions are even and (n - l)/2 are odd. Ar. important aspect to note about these eigenfunctions
is that they are forming a complete basis for functions satisfying the downwash boundary condition. Thl4s
all of the linearly independent eigenfunctions have been identified for this case.

In view of the preceding section and the fact that the eigenvalucs increase P.onotonicaliy with
decreasing P2 (Ref. 1), it is apparent that, for s in the ranoe (n - l,n), there are precisely n
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independent eigenfunctions. Of these, (n + 1)/2 are symmetric if n is odd and n/2 are symnetric if n is
even, provided that region I, II, or III is being considered. For the other regions, the number of eigen-
solutions for s in the range (n - l,n) is still it, although none of them may be symmetric or antisymmetric
with respect to the bisector. Thus, the monotonicity property and the exact solutions for the limit cases
in which the sector subtends either 21T or 0 determine precisely how many eigensolutions should be expected
for each eigenvalue range.

2.3.3 The case "•°, = /2 -•/2. (See also Refs. 1 and 4.) This case consists of the semiplane defined by
z = 0 aind x"0. Solutions Tan be obtained by rotating this plane 90 degrees id.-out the x axis so that it
becomes the plane y = 0 and x > 0 and then by seeking a separable solution in terms of the spherical polar
coordinates. This again leads to Eq. (13) end the associated Legendre differential equation. The solutions
are the same as in section 2.2, except (i) the boundary conditions on ý(x,O+,z) require that tk = Z + 1/2,
where k is an integer; (ii) B(k) = 0; and (iii) the condition of periodicity in e requires that s = m - 1/2
where m is an integer. Thus, the eigensolutions for this case (with z-axis along the leading edge) are

rm+1/2p-'-I/2(cos e) zos[(£ + 1/2)v] (29)€= m+1/2

The additional condition that € should be finite imposes further restrictions on z and m. In
particular, t and m must be greater than zero and Z must be no larger than m.

Explicit formulas are now given in terms of the c iginal -ocordinate system (edge along the y-axis) and
for z = 0+ and x > 0 (and with unnecessary multiplicattvc, consterLs cropped).

For s = 1/2, the only eigensolution is

"" f(x > O,y,O+) = rl/2(cos •1)/2 = xl/2 (30)

For s = 3/2, the only elgensolutions are

ý(x > O,y,O+) = r3/2(cos ý0)3/2 = x3/2 (31)

O(x > O,y.O+) = ."3/2(cOs p)i/2sin • = yx1/2 (32)

It should be noted that the second eigensolution for s z 3/2 exhibits an infinite pressure along the leading
edge, unless y - 0.

For s = 5/2, the only eigensolutions are:

Ofx > O,y,O+) = r5/2(cos p)s/2 = x5/2 (33)

O,y,O+) = rS/2(cos •)3/2sin 'p yx3/2 (34)

o(x > O,y,O+) = rS/2(cos p)1/2(4 sin2 p - 1) (3y 2 
- x2)xI/' (35)

Note that the third eigensolution has an exponent of 1/2 on x. Thus, the corresponding pressure distribu-
tion is infinite at the edge. This proves the previous assertion that eigensolutions valid in reqions I, II,
and III cannot be applied to the trailing edge case even though s > 1.

* 2.3.4 The case V, > 0 and ý, i, . This case is the special case of region IV in wnich the leading edge

is a sidq edge. It is thus typical of the trailing wing tip on a wing with a finite tip chord. Some of the
eigensoiutlons, including the most dominant one as far as span loads are concerned, can be determined for
this case. These eigensolutions are

¢(x,y > 0,0+) - y1/2 (36)

S(X,y > 0,0+) = y3/2 (37)

X > 0,0+) ys/2 (38)
etc.

The corresponding eignvalues are s x 1/2,3/2,5/2 . . It should be noted that these solutions correspond
to null lifting-pres!.ure distributions., because the associated vortex lines are all parallel to the x-axis.
However, even though the associated pressure distributions are ntll, each eigensolution yields a nonzero
span-lood distribution, Since there is only one elgenValue less than 1, the principal contributor to the
span loading near the wing tip is the y1/2 term, end, near Ghe ttp of any finite tip chord wing, the span
loading that will be predicted by any correct theory will be proportional to the square root of the distance
to the tip. Note that this conclusion can be made regardless of planform details ahead of the tip and
regardlesi of the traili!g-edge sweep. Also, note that for s in the range (n - l,n) there are still
Si- I eigensoluti rs to be identified for tnls case. These can be determined by the method described in
section 2.4.

2.3.5 Rogion V. A number of solutions can be identified for this region, They are, in fact, just those
particuliai' solutions or linear cotrmbinations thereof from section 2.3.1 that are independent of x. The
eionitalues are 0, 1, 2, .. , and the corresponding eigenfunctions for 0 0+ are 1, y, y2 . . . .. The

n,
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pressure distributions corresponding to these solutions are all null. The remaining eigensolutions can
be determined by the .ietlod presented in the next section.

2.4 Application of the Lollocation Method

The method used to solve the operator equation [Eq. (11)] subject to the various boundary conditiuns
is now explained. The first step is to express Y(I/2-,P) In terms of N functions or modes and N
unknown, .constant coefficients. Specifically,

N
= i CnPy) ( 39)

n=i

Each of the modes, 1n(0), is required to satisfy the boundary conditions on Y(Tr/2-,p). Namely, ýn(f)
must be zero off the wing and wake and, in the wake, ýn must satisfy the wake condition. Also the modes
and their first derivatives must be continuous at any trailing edges in order to satisfy the Kutta condition.
Substituting the above expansion into the operator 2quation lead- to

N
(T 02'P) = L CnFn(n5;) (40)

n=1

Recall that Yo(r/2,v') must be zero on the wing. This condition cannot be satisfied at all locations
on the wing, but it can be enforced at a set of N locations, pi, on the wing. These stations are called
collocation or control points. Collocation leads to the follov;ing equation:

(0) = [D](Cn) (41)

where Din(s) is Fi(n;S) evaluated at • = vi. This is an algebraic eigenvalue problem that only has a
solution when the determinant of the matrix D is zero. In other words,

det[D] = f(s) = 0 (42)

is the characteristic equatijn that determines s

Thus, the original differential equation and boundary conditions have been reduced to an algebraic
eigenvalue problem. All tnat remains to be considered are certain details concerning the Fourier analysis,
an appropriate choice of modes Pn, an appropriate set of control points pi, aný a method of solving the
characteristic equation for the eigenvalues. These details are covered in Ref. 10.

3. RESULTS AND APPLICATIONS

This section describes numerical results obtained by the method defined in the previous section. Also
some of the results are used to determine the validity of suction and drag distributions near the tips of
wings, as calculated by the vortex lattice method and a kernel function method.

3.1 Results for Regions I, 1, and III

Tizi eigenvalue problem is independent of the freestream direction for these regions. Therefore,
without loss of generality, attention may ta restricted to region I only. Table 2 compares results
calculated by using the present method with results given ia Ref. 7. The results compare very favorably
with Sack's results.

Figure 3 shows the behavior of C for the second lowest symmetric eigenvalue. When C1 is nonzero,
there is an infinite pressure along the leading edge (Ref. 10). The computed estimates (not shown) of the
eigenvalue corresponding to this figure match very closely those calculated by Sack (Ref. 7). Therefore,
it is clear that the second eigenvalue cannot be applied to the trailing-edge case, because the Kutta

t condition is not satisfied (except when the edge is unswept).

3.2 Results for Region IV

3.2.1 The case P, = r/2; tip of delta wing. Table 3 shows the calculated estimates of the lowest three

eigenvalues as functions of P and N for the case p = 900. As discussed in section 2.3.4, two of the
eisgenvalues are exactiy 1/2 anr 3/2 when V2 - 1800. The method can be seen to approximate these values
closely. The results for N - 9 appear to be accurate to no less than three figures.

3.2.2 The case p2 = w; trailing tip of wing with finite tip chord. Some of the eigenvalues and eigen-

functions for this case are known exactly (section 2.3.4), but the pressure distributions corresponditlg
to theLe eigenvalues are null. Therefor--, the third eigensolution is the first one for wrich the pressure
distribution is nonzero. Calculated estimates of this eigenvalue are shown in Table 4 uS functions of
@0 and N. For N = 9, these eigenvalues are accurate to at least about four figures.

3.3 Results for Region V

The single eigensolution for s in the range (0,1) and one of the two eigensolutions for s in the
range (1.2) have been identified in section 2.3.5. Therefore, in the range (1,2) there is one eigenvalue
yet to be found. The calculated estimates of this eigenvalue are shown in Table 5 for the case
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S- , ,> 0 (i.e., corresponding to the trailing edge at the centerline of a symmetric planform).
FiHavre 4 shows the behavior of CN for the eigenvalues corresponding to Table 5. For region V, CN. 1
is proportional to the wake strengtl (Ref. 10). Therefore, there obviously is a wake shed, except when
the trailing edge is uncrdnked. This constitutes further proof that the higher solutions for the leading-
edse case cannot be applied to the trailing-edge case.

3.4 The 60' Olelta Win

Some of the preceding results are now used to determine the validity of thin-wing analysis methods as
applied to a flat, 60c delta wing at an angle of attack of one radian. In particular, the kernel function
method reported in Ref. 11 and the vortex lattice method reported in Ref. 12 will be considered. The
kernel function method (hereafter denoted KFM) employs continuous mode functinos to represent the lifting-
pressure di:.tributions on wings, while the vortex lattice method uses discrete vortices. Two variations of
Lhe latter dre described in Ref. 12. The first of these is the standard vortex lattice method (hereafter
denoted as the VLM), in which the vortices extend to the tip of the wing, and the seccnd variation
(hereafter denoted as the VLMI) is one for which the vortices do not extend all of the way to the tip.
Instead, they are iOset from the tip by 1/4 of the spanwise lattice spacing. This insetting has been
shown to give the lift-curve slope more accurately than VLM for a given number of vortices.

The span loading can be expressed in terms of the potential at the trailing edge, as follows:

y = 20(xte,y,O+)/(Ub) (43)

Therefore, in view of the results in Table 3 for @2 = 1500, the span loading near the right wing tip can
be expressed as

y = a(l - 00).6 4 07 7 + a2(l - n)1.52826 + . . . (44)

Thus, if the span loadings predicted by the KFM, VLM, and VLMI are correct, then the spar loadings
divided by 1 - n raised to the 0.64077 power and plotted against n should result in --urves that approach
a finite value as n approaches 1. Figures 5-7 show such plott.. It should be noted that the KFM
allows y to be calculated at any spanwise station and, therefore, the KFM curves were lot determineJ by
fairing between the spanwise control points as was necessary in the case of the VLM and VLMI. In all cases,
the results at spanwise control points are denoted with symbols. It can be seen thst, inboard of the
first or second control points, all three methods appear to be giving reasonable reiilts. The KFM
loading functions cause the span loading to approach zero as the square root of the 1istance to the tip.
Therefore, the KFM curves in Fig. 5 must approach infinity and can, at best. converge to the correct answer
nonuniformly. The VLM and VLMI curves, on the other hand, are not so constrained and, therefore, could
converge uniformly, but it appears from Figs. 6 and 7 that the VLM and VLMI results for the control point
closest to the tip are incorrect. In other words, the VLM and VLMI also converge nonuliiformly, at best.

The best results from each method were each fitted to a curve of the form in Eq. (44). The purpose
of this was to allow the leading-edge thrust to be predicted. This prediction is possible because the
leading edge, in this casn, is in the same region as the trailing edge, and because the eigensolutions
determine the local solutions completely, except for ,•erall constants, which can be determined from the
span loading. Predicticns made in this manner (see Ret. 10 for details) are shown as dashed lines in
Figs. 8-10 for a and a2  determined from the KFM, VLM, and VLMI span loadings, respectively. The
actual thrust distributions predicted by these methods are also shown. For the KFM, the agreement is good,
except very close to the tip. Furthermore, it appears that the KFM is converging to the cor-ect answer.
However, the leading-edge thrust distributions predicted by the VLM and VLMI do not agree well with the
predictions determined from the eigensolutions. Although one could not argue convincingly that the VLM and
VLMI either would or would not converge to the correct answer as tne number of vortices is increased to
infinity, it is clear tiat the convergeaice is, at best, very slow.

3.5 A 450 Swept Wing

The conditions existing near the tip of a wing with a nonzero tip chord are now examined in the light
of the current theory. In particular, a flat, constant chord, aspect ratio 2, 450 swept wing at 1 radian
angle of attack is considered. A wing of th's sweep was considered because it matches the sweep at the
tip of the hyperbolic wing considered in Refs. 13 and 14 and because a controversy has arisen over the
latter wing. This controversy stems from the fact that Kalman's calculations, which used a vortex lattice
method, show that the induced drag at the tip is nonzero, while the kernel function methods used in Ref. 13
show the drag going to zero. Additional communication (Refs. 15 and 16) has failed to resolve the
question.

The theory presented herein is now used to determine which results give the correct behavior of the
induced drag at the tip. According to section 2.3.4 and 3.2.2 and Table 4, for ý0= 1350, the span
loading near the right wing tip is of the form

Y = a,(0 - n)I'2 + a 2 (l - 0)3/2 + a 3 (1 - n) 1 .95 6 4 (45)

It has been determined that the lowest three eigenvalues for ýp, 0 and p = 1350 are 0.64220, 1.51016, and
1.76787. Therefore, according to Eq. (10), the leading-edge thrust near t~e tip is of the form

E[bl(l n)0 64 220 + b2(0 - n)1.51016 + b3(0 n)-1.7787)2 (46)
i I -n
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-The induced drag distribution "d is given by y - t. Therefore, it is now clear that the induced drag does
approach zero at the tip. Furthermore, the thrust becomes the dominant contributor very close to the tip
(provided that b, is not zero) and, hence, the induced drag will be negative close to the tip. Although
the kernel function methods used in Ref. 13 correctly predicted that the drag should approach zero, they
showed it approaching from the positive side, although the results did show a region of negative drag close
to the tip. The loading functions used in the kernel furLtion methods can be shown to constrain the induced
drag so that it will always approach zero from the positive side, provided that the tip chord is nonzero and
the lift near the tip is positive.

Numerical results using the KFM (Ref. 11) and the VLM and VLMI (Ref. 12) for the 450 swept wing are now
presented. Figures 11-13 show KFM. VLM, and VLMI predictions o' the span loading divided by the square root
of the distance to the tip. According to Eq. (45) this quantity should be finite at the tip. The KFM loading
functions constrain the loading near the tip to be the product of the square root of the distance to the
tip times an analytic function of n. Therefore, i: is rcasonable to assume that the span loading should
converge rapidly and uniformly and Fig. 11 shows this to be the case. On the other hand, the VLM results
shown in Fig. 12 indicate that the VLM may not be converging to the correct result. At best, the VIM appears
to be converging nonuniformly. The VLMI results in Fig. 13 show that the tip inset clearly improves the
convergence. However, the VLMI results do not appear to be converging to the same curve ;%s the XFM results.

Figures 14-16 are plots of leading-edge thrust distributions divided by the distance to the tip raised
to the 0.28440 power. According to Eq. (46), this quantity should be finite at the tip. The KFM loading
functions impose the constraint that the leading-edge suction should vanish linearly. Therefore, all of
the KFM curves in Fig. 14 pass through zero at the tip. Neverthcless, if one were to smooth out *he oscil-
lations in the KFM curves, the KFM results would be reasonable out to the final control point. The dashed
line in Fig. 14 shows such a smooth curve. It was determined by fitting an equation of the form in Eq. (46)
to the 7 x 11 x 367 KFM results at the third, fourth, and fifth control points. It is expected that this
dashed curve lies reasonably close to the true answer. The VLM results shown in Fig. 15 do not seem to be
converging to a correct result or, at least, do not seem to be cofwerging to the same curve as the KFM
results. The same can be said of the VLMI results in Fig. 16.

Figures 17-13 show induced drag distributions calculated by using VLM and VLMI atW compare these results
against the distribution determined from the 7 x 11 x 367 KFM results with the leading-edge thrust taken
from the dashed curve in Fig. 14. The VLM and VLMI results agree fairly well with each other, but there is
a distinct difference between them and the KFM drag distribution.

4. SUMMARY AND CONCLUSIONS

It was shown that, in any of the regions of the thin wing depicted in Fig. 1, the lifting-pressure
distribution of the incompressible flow is governed by solutions of the form

where s is an eigenvalue, 41 and ý are angular variables, and T is an eigenfunction satisfying
certain homogeneous, mixed, and someiimes nonlinear (in s) boundary conditions on the z = 0+ plane.

A survey of the literature concerned with problems of this type revealed that in the interval
(n - l,n) there are n linearly independent eigensolutions. The literature contained methods for
aetermining these eigensolutions in regions I through III. but, despite claims to the contrary, not for
regions IV and V. T1,e literature also contained a few exact results and numeri,:al results of varying
degrees of accuracy and sophistication.

On the basis of the literature survey, it was concluded that a new method of solving such problems
was required in order to deal effectively with regions IV and V. Such a method was devised and is basically
different than ihe previous methods. The KLy feature of the iew method is a relationship that allows the
determination of the vertical velocity in the z = 0 plane from the potential on the z = )-I plane without
having to solve any differential equations. This relationship, together with sets of assumed potential
modes and a collocation procedure, permitted a nonlinear, algebraic characteristic equation for the
eigenvalues to be formed.

The new method wa.; used to calculate eigenvalues and eigenvecto.s in each of the various regions.
Together with some exrct results, these calculations provided the lowest three eigenvalues for all of the
subject regions. A comparison of some of the results computed for region I with results computed by others
showed the current results to be about as accurate as the best previously available. The method was also
used to show that previously proposed solutions for region V were generally incorrect because they did not
satisfy the Kutta condition except at the origin and because they failed to account for the shed wake.

The calculated results were ,pplied to some practical problems. In particular, the behavior of the
span loading and the leading-edge thrust on a delta wing and a swept wing were considered. The correct
types of behavior. as predicted by the present theory, were compared against results computed by a
kernel-function method lifting-surface theory and two variations of the vortex-lattice method. It is
concluded that the kernel-function methoJ always predicts the correct behavior, although the convergence
may be nonuniform due to the constraints of the assumed pressure modes. The vortex-lattice methods, however,
do not appear to be predicting the correct behavior in all cases.
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TABLE I - T(k,s) FOR INTEGER VALUES OF s

s
k -

0 1 2 3 4 5 6
0 0 _10 0 ±_o 0 ±0 0
1 1 0 ±to 0 ±0 0
2 2 1.5000 0 ±o 0 0
3 3 2.6667 1.8750 0 ±C0 0 ±oo
4 4 3.7500 3.2000 2.1875 0 ±oo 0
5 5 4.8000 4.3750 3.6571 2.4609 0
6 6 5.8333 5.4857 4.9219 4.0635 2.7070 0
7 7 6.8571 6.5625 6.0952 5.4141 4.4329 2.9326

TABLE 3 - CALCULATED ESTIMATES O THE LOWEST
THREE EI(IENVALUES FOR THE DELTA WING-TIP
CASE (REGION IV WITH •z = 900).

Table 2 - COMPARISON OF CALCULATED CASE (REGIONIVWITH_90')

ESTIMATES OF THE LOWEST EIGENVALUE P2 N SI S2 S3
FOR REGION I.

7 0.95161 1.89868 1.99987
1000 .95161 1.89869 1.99987

1100 / .89334 1.78104 1.99888

Medan Medan Medan Sack 1 .89336 1.78121 1.9988802 N=5 N=b N=10 (1972)120 7 .82839 1.67867 1.99592
9 .82845 1.67881 1.99592

100 0.99209 0.99209 0.99209 0.99209
200 .96615 .96615 .96615 .96615 1300 9 .7620 1.6055 1.98943
300 .91904 .91904 .91904 .91904 9 .76220 1.60556 1,98943
400 .85257 .85257 .85257 .85257 7 .69873 1.55758 1.97720
500 .77543 .77543 .77543 .77543 9 .69890 1.55783 1.97721
600 .69748 .69748 69748 .69749
700 .62461 .62461 .62461 .62461 1500 7 .64054 1.52798 1.95634

800 .55880 .55880 .35880 .55880 9 .64077 1.52826 1.95637
1000 .44735 .44735 .44735 .44736 0 7 .58810 1.51069 1.92348
1100 .39982 .39982 .39982 .39982 160 9 .58838 1.51099 1.92356
1200 .35636 .35635 .35635 .35636 7 .54114 1.50187 1.87602
1300 .31596 .31595 .31595 .31595 1700 9. .54147 1.50217 1.87620
1400 .27763 .2775S .27759 .27760
1500 .24019 .24010 .24010 .24010 7 .49906 1.49923 1.81389
1600 .20199 .20170 .2016& .20168 1800 9 .49943 1.49954 1.81421
1700 .15971 .15845 .15829 .15822 0 1/2 3/2
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TVOKE 4 - THE THIRD LOWEST EIGENVALUtES FOR TABLE 5 - TfH THIRD EIGENVALUE FOR REGION V.
REGION IV AND =2 . 1800.

'P N=5 N=7 N=9 O2 N=7 N=ll N=15

11.250 1.5551 1.5372 1.5355 5.6250 1.187 1.162 1.150
22.50 1.5845 1.5687 1.5681 11.250 1.198 1.178 1.171
33.750 1.61t8 1.6038 1.6038 22.50 1.227 1.217 1.214
450 1.6517 1.6418 1.6421 33.750 1.261 1.256

56.?50 1.6893 1.6824 1.6829 450 1.298 1.297
67.50 1.7296 1.7252 1.7257 56.250 1 340 1.340
78.750 1.7718 1.7695 1.7699 67.50 1.386 1.388
C00 1.8150 1.8139 1.8142 78.750 1.439 1 440

101.250 1.8571 1.8567 1.8569 900 1.500 1.500
112.50 1.8960 1.8958 1.8959 101.250 1.570 1.568
123.,:o 1.9295 1.9294 1.9295 112.50 1.649 1.645 1.643
1350 1.9564 1.9564 1.9564 123.750 1.737 1.730 1.728
146.250 1.9764 1.9764 1.9764 1350 1.827 1.819 1.817
157.50 1.9899 1.9899 1.3939 146.250 1.907 1.900 1.898
168.750 1.99/6 1.9976 I.S976 157.50 1.963 1.958 1.957

163.1250 1.980 1.978 1.977

'P2

WING

7-1 
M

I I I ,.,.

S 1111 i.WA.KE

Fig. 1 Regions of interest. Fig. 2 Notation and coordinate system for the
general case.
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Fig. 3 Relative strength of the suction mode for Fig. 4 Relatfve strength of the wake mode for
the second syvmmetric eigenvalue of region I. region V.
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VORTEX LATTICE APPROACH FOR COMPUTING

OVERALL FORCES ON V/STOL CONFIGURATIONS"

CIRO W. LtLCCHI** AND WOLFGANG SCHMIDT"*

THEORETICAL AERODYNAMICS GROUP

DORNIER GMBH
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West Germany

SUMMARY

The paper will give a short exposition of the vortex lattice method as it has been drveloped to handle
lifting configurations of arbitrary shapes and will deal in mcre details on the forces computation when
additional lift is induiced by r deflected jet as in some VTOL aircrafts.

Since the practical beginn'ig of the vortex lattice method problems which it can treat have increased in
complexity, while the accuracy has also improved so that the induced drag and the force distributions are
now -eliable results. It must be stressed that I,?:ause of the singular behaviour of line vortices, pressu-
res cannot be relied upon and thus are nut tmnpted. Complex geometries include wing tip winglets or
shrouded propellers with nighly deflected jets. A study will be presented centered around the experimen-
tal Dornier Aerodyne and discussion will be carried on such problems as mass flow control, jet definition
and ldttice arrangements on the certerbody, shroud and jet. Results will be presented on a configura-
tion of practical importance.

The paper will also rapidly survey other fields of application of the vortex lattice method such as wing-
body interference, ground effect and wind tunnel wall corrections.

RESUME

bne courte presentation de la mnthode "vortex lattice" sera d'abord 'donn@e telle qu'elle a etW d~velopn)e
pour ýtudier des configurations portantes de forme arbitraire et un examen plus dbtaill6 sere ensuite con-
sacrb au calcul des forces quanu une portance additionelle est induite par un jet d6fl~chl comme dans le
*:as de quelques avions VTOL.

Depuis le d~but pratique de la methode "vortex lattice", les probl1mes qu'elle peut traiter ont augment6
de comp>3xitb, tar.,;is oue la precision elle'aussi s'est amblior&e de fagon que la trainee induite et les
distributions de force sont maintenant des rbsultats attendibles. II est S noter que S cause du comporte-
ment singulier des vortex linbaires, les pressions ne sont pas attendibles et ne sont donc pas calcul~es.
Formes compliqubes sont p.e. des ailettes d'extr~mite d'aile ou des hWlices car&n6es avec des jets forte-
ment d~fl~chis. Une 6tude sera pr~sent~e centree sur l'Aerodyne experimentelle developp6e chez Dornier
et il sera discutb de Frobldmes tels que le contr~le de la quantitb de masse, la dbfinition du jet et
l'arrangement des vortex sur le corps central, l'enveloppe et le jet. Des r6sultats seront pr~sant~s pour
une configuration d'importance pratique.

Un coup d'oeil sera jett§ sur d'autres champs d'application de la methode "vortex lattice" tels qu'inter-
f~rence aile-fuselage, effet de sol et corrections de soufflerie.

* This work was supported by the Ministry of Defense of the Federal Republic
of Germany under ZTL contract T/R 720/R 7600/52001

'* Research Scientist

* Head of the Theoretical Aerodynamics Group
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INTRODUCTION

Computation of the three-dimensional inviscid subsonic flow requires the solution of the three-dimensio-
nal Laplace equation within the whole (infinite) flow field when the linearized Prandtl-Glauert space
transformation is used to reduce the problem to the incompressible flow. Solving the Laplace equat'on
in the whole field is equivalent to calculate a two-dimensional integral equation over the surfaces im-
mersed in the fluid. The boundary condition of zeri, (or imposed) normal flow in the first problem remairs
unchanged in the second problem. Typically the integral equation is solved by replacing the surfaces with
a distribution of singularities; in the vortex lattice method these singularities are closed vortex fi-
laments of constant strength which thus satisfy the Helmholtz laws.

The shape of the vortex filaments is quadrilateral, but triangular rings may be used by specifying the
length of one side as zero. The vortices are defined by four nodal points; this allows for geometries o'
arbitrary .hape (fig. 1). The boundary condition is applied at a control point somewhere near the vortex
center; since the onset of the vortex lattice method it was recognized the importance of the control point
location. Two-dimensional studies [i1 precisely located the control point when using equally spaced vorti-
ces; three-dimensional studies of wings [2, 3] confirmed these results. It was also shown that an 4nset
is needed at the wing tip [4j. When analysing complex configurations in the three-dimensional space how-
ever one never uses equally spaced panels but tries to optimize the sizes. Location of the control point
must in this case follow the same law as the vortices both in chordwise and spanwise directions [5];
since that law of distribution is not usually known in analytical form, accurate formulae have been deri-
ved using Taylor series [6]. Because of programming difficulties, these formulae have been implemented in
chordwise direction only.

The forces are computed by adding the forces acting on each vortex filament immersed in the velocity field
induced by the other vortices fJoukowski law): it is assumed that the velocity at each filament middle
point is the velocity average over the whole filament. Forces computed in this way provide also the lea-
ding edge suction force and thus a realistic induced drag.

Due to the singular flow field induced by vortices, pressure coefficients are not very reliable. If some
care is taker, spanwise loading distributions come out to be quite good (they do not have any physical
meaning however when a pressure jump is furnished by a propeller due to effects described below). But
the main purpose of the vortex lattice method is the computation of total forces.

SIMULATION OF A JET

As previously done [7, 8], a well established empirical relation has been used to specify the jet axis.
In the wind-axes •, m originating at the nozzle center it is written as

1tan B (1)
4 coso v2 D3

where D is the fan diameter,

B is the jet deflection, measured at the jet's
origin from the axis -ý,

V. is the ratio of jet-to-freestream velocity.

The jet surface is defined such that the cross sectional area remains constant along the jet. From a
mathematical point of vue, the jet is considered a solid surface, thus providing the blockage and distor-
tion associated with a jet. This model does not account for the entrainment effect. It would not a priori
be difficult to do that: an empirical relation would have to be used to determine the rate bf entrain-
ment. The jet surface would then be considered not as a solid surface anymore, hut as a porous surface
through which a mass flux (i.e. a normal velocity) would have to be prescribed. Another empirical rela-
tion would determine the change of cross sectional area. Since complete and reliable experimental results
are not available, it is felt that this approach is the best one. Because of the low jet velocities of
the present computation, it is not expected a large error from a lack of entrainment.

ACCOUNTING FOR THE PROPELLER PRESSURE JUMP

Consider the section by a vertical plane of a shrouded propeller (or for that matter also a jet engine).
Closed vortices aro placed on the propeller plane and on the outer surface of the shroud; due to the so-
lid body representation, the jet surface also is replaced by vortices.

In the VTOL systems considered for study in the present work, the additional required lift is provided
by a cascade deflecting the jet. It can be represented in the vortex lattice method, but for the purpose
of forces computation it is equivalent to have the complete deflection produced by the jet acting is
the solid surface of a duct: the missing force induced on the cascade is thus computed on a small part
of the upper jet. The pitching moment however will not be very accurate since the position of the force
acting on the cascade has to be approximated. Therefore the system to be analysed is that represented
by a solid line on the right sketch below.
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While the potential flow model gives the correct external flow field, since it is assumed that the jet
location is almost correctly prescribed, the internal potential flow field does not represent the phy-

i sical one. First the total pressure jump Ap produced by the propeller is missing. And secondly due to
S~the incompleteness of the internal surface, the internal flow pattern is a fictitious one: notwithstanding

this last approximation, the total forces will be correct if the inlet and outlet conditions are properly
• prescribed, provided the first error is accounted for. The following pressure integration explains this
: statement.

S~The total physical force (on the internal and external surfaces) is given by:

S=S(pi'Pe) e'(2
I+S

S~where I is the inlet area, S is the surface of the shroud and the upper part of the jet, Pluand p• areS~~~the internal and external static pressures respectively. Calling Ap the jump in totaI prsuete" ~internal static pressure Pi'as given by the vortex lattice method would be

Pi' = Pi " Ap (3)

S~and the physical force becomes

F•= (i-e ds + Ap J ds F - p S (4)
S~I+S I+S L

since the Joukowski law gives, as force, the integral of the pressure difference between the outer and
inner surfaces.

For the pitching moment con,,utation, the following compensating term has to be added

AM - Ap r x d (5)

Ap is not independent of VT once this value is prescribed. Assuming pE =p., the stagnation pressure
jump furnished by the propbller is

Ap = V2 V V2) (E(6)

By continuity
VI SI VE S E Cos 6 (7)

Therefore

SI I

It ought to be mentioned that since the jet is not correctly prescribed, forces will appear on it thatwill contribute an error to the above additional force. However, since this term is computed near theshroud, one can validly suppose that the jet will be very close to the exact position and that the forces

; !N
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will be small in that region. For a rightly prescribed jet contour, with a deflection due to a cascade,
the following relation must be everywhere verified

Pi " Pe (9)

This relation could be used to locate the jet by an iterative procedure; it would however be very
t me consuming.

RESULTS

Before concentrating the effort on more specific problems, a variety of problems wao surveyed to have an
estimate of the difficulties which might occur in each case.

An untapered, swept, cambered wing (fig. 2) was compared with experimental ana numerical data [91: the
accuracy is shown tc hI good. Excellent agreement also was obtained with theory and experiment [101 when
analysing a thin crcular annular wing (fig. 3).

As dn example of extreme use of the vortex lattice method, a wing with tip winglets was studied with the
present program [!1] (fig. 4). This is a case where triangular vortices were used to optimize the vortex
size in regions where high gradient; may be expected. The results were quite satisfactory.

A preliminary studs of a complete aircraft with ground effect, though without engines, was also performed
(fig, 5); the different parts were tested separately to see the problems involved and then assembled to-
gether. The figures show that a lack of accuracy occurs at the w-ng-body connection.

An almost classical test case was provided by the investigation of a wing in a wind tunnel (fig. 6). P.re
a simple wing at a low angle of attack was examined; the wake was modeled according to the physical geo-
metry it is supposed to take when in a wind tunnel. Naturally it is net planned to use such a method for
simple wings at low angles of attack, but for systems producing a large downwash, for which correction
formulae are not available; since the wake position would a priori be difficult to determine, an iterat've
procedure could be used until the forces induced on the wake are brought to zero.

The problem of a flapped wing may also be investigated using the vortex lattice method. Some studies
were made to determine the effect of an inset at the flap's and wing's sides; more tests are however
needed together with comparison with experimental data.

AERODYNE

The geometry of the Aerodyne, although relatively simple, is still too complicated to be used in a pre-
liminary investigation project using the vortex lattice methud. Therefore a simpler geometry has been
defined (fig. 7). Its shape is almost a circular cylinder having an average cho.dlength of 1.066
propeller diameters, the front section beinq inclined 6.540 and the nozzle section 30o with respect to
the vertical. The shroud ncse has a thickness down to the vertical propeller plane (placed 0.206 choras
downstream of the leading eage) where the thickness-to-chord ratio is 0.042. The jet geometry is as
previously described. The centerbody, easily defined, is as in the rea' model, extending 1.003 chords
in front and 0.896 chords behind the leading edge and having a maxirrum diameter of 0.46? propeller
diameters.

The number of vortices on half the configuration is 8x10 on the centerbody, 8x2 on the propeller plane
(this representation is de.,cribed below), Sx2 on the inside nf the lip (i.e. from the leading edge to the
propeller), 8x9 on the external surface uf the shroud and Qxl on the jet. Iwo additional line sources
have been placed at the nozzle and at the end of the jet (t".ir purpose is described Oelow).

The x and z coordinates of the jet's corner nodes are generated according to the jet descr.iption (see
abov,) and such that the average vortex length of a circumferential strip of vortices is equal to 1.3
times the average vortex length of the previous strip, this rule being valid for all the jet includin,
the first strip behind the shroud.

The simplified AeroJyne has been investigated with a ratio of propeller- o-freestream velocity of 2.2,
no angle of attack and a jet angle 8 of 30 , i.e. a jet deflection of 60 with respect to the horizon-
tal.

The results for lift and induced drag (the pitching moment was not computed in this preliminary inves-
tigation) are shown on fig. 7. They have been broken down irtu the ccntributions from the different parts.

A question may be raised on huw to impose the proper velocity in the propeller plane. In cn early work
t123 the end of the jet surface was flared in such a way that the prescribed velocity was achieved at
one point or in the average on the propeller plane; this necessitated a trial-and-error procedure to
attain the desired velocity. Later [7] quadrilateral vortices were placed in the propeller plane and the
desired normal velocity was imposed at each control point; this method has two advantages: no tr~al-and-
error procedure is needed anymore and an arbitrary velocity distribution (a result of experiment or
another theoretical method) may be imposed (in this work a uniform velocity was given). Numerical experi-
ments described in [6] led to the actuai number of vortices.

It was noticed that the jet length and the vortices density on it had a considerable influence upon the
vortex strengths on the shroud. It is due to leakage effects, i.e. the violation of the mass continuity
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equation across a surface simulated by discreet vortices. It was suggested 1131 to put a line suurce at
the end of the jet and impose in that region an axial velocity such as the mass cout'nuity would be satis-
fied. its effect was to render forces computation- (on each vortex i~lament and of course the whole con-
figuiation) virtually independent of the jet length su that relatively short jets may be used. It was
found too that the line source should be relatively short., An additional source has been placed in the
nozzle section.

Almost all of the numerical experiments were made without leading edge thickness, i.e, with the upper and
lower surfaces of the lip collapsed into one surface. The effect of leading edge thickness is small but
not negligible and should always be incorporated when evaluating a configuration such as the Ae.-odvn,,
a jet engine.

CPU time orl the Dornier's IPM 370/158 for one case (i.e. o-e angle of attack, one rdtio of p~npeller-
to-freestream velocity and one jet angle) was 440 secs. It is expected to reduce this cost st, more.

CONCLUSIONS

A wide variety of tpst cases has shown that the vortex lattice nethod in general and its present appli-
cation in particular yield reliable total force coefficients and, when care is taken, also load distri-
butizns for quite complex configurations. Further work is of course itfll reqtired in order to assess
the accuracy by comoarison w-th experimental data of an Aerodyne-type of aircraft and later a full
VTOL airc-aft. One iay already say however that because of its low computing cost this method appears
as a good tool for preliminary studies.
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IN RAPID ChANGES OF LOAD DISTRIBUTIONS OR/AND

FLUCTUATING SEPARATION

01 BY

DAVID B. BENEPE, SR.
DESIGN SPECIALIST, AERODYNAMICS

GENERAL DYNAMICS
FORT WORTH DIVISTON

P.O. BOX 748
FORT WORTH, TEXAS

76101
U.S.A.

SUMMARY

This paper presents flight data from several maneuvers which produce rapid changes

in aircraft component load distribution or/and fluctuating flow separations. The
maneuvers include an abrupt pullup, slow and fast windup turns, a slowdown turn at
elevated load factor, a rolling pullout at elevated load factor, a sustained rudder roll
followed by a spin and recovery and a l-g deceleration terminating in a slow nose slice
and recovery. Where feasible wind tunnel model pressure measurements illustrate the
character of the aerodynamic loadings. Comparisons between measured structural loads
and predictions are presented and discussed.

%IST OF SYMBOLS

CG, C.G. Center of Gravity TW Wing Torsional Moment

C Normal Force Coefficient VW Wing Vertical Shear
iN

C Pressure Coefficient x/c Ratio of Chordwise Position to Local
Chord

C Root Mean Square Coeffi,2ient of Cxý Angle of Attack

Prms Fluctuating Pressure Compnnent SO(cg Angle of Attack at c-g-

DESIGN Structural Design Value

FR Rudder Pedal Force 0ds Select Angle of Attack
(Middle 0( from 3 Sensors)

F Longitudinal Stick Force (3 Angle of Sideslip

F Lateral Stick Force Scg Angle of Sideslip at c,g,

GV/q 2 L Nondimensional Pressure
Spectral Density Function Coherence Function (Spectral Analysis)

h Altitude FA Differentidl Trailing Edge Flap
Deflection

L Reference length H Differential Horizontal Tail

M Mach Number A Deflection

MHT Horizontal Tail Bending Moment H Horizontal Tail Deflection

Vertical Fin Bending Moment bLEF Leading Edge Flap Deflection

N Normal Load Factor SR Rudder Deflection

P Roll Rate S Spoiler Deflectisn

p Root Mean Square Value of 1 Ratio of Spanwise Location t.o Semispan
rms Fluctuating Pressure Component q

S1PSV Root Mean Square Value of Euffet

Pto Free Stream Total Pressure Vertical Accelerations at Pilot's Seat

Dynamic Pressure
R/H Right Hand Roll Angle
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INTRODUCTION

This paper deals with two areas of interest with respect to transient aerodynamic
loadings. Several examp]-s of flight maneuvers are presented in which raptd changes in
the aerodynamic' 7oadings o,'cur that are caused by either the rate of change oF the
aircraft attitude or by thL presence of flow separatins.

The flight data were ob'ained during flight test programs of a small highly
maneuverable fixed wing i~hter (Aircraft A) and a variable-sweep fighter-bombe;
(Aircraft B).

The examples of flight maneuvers for Aircraft A will be presented first. Where
f.asible wind tunnel model pressure distributions are also presented to supplemeat the
flight results. Comparisons between measured and predicted structural loads complete
the discussion for Aircraft A.

Examples of flight maneuvers of Aircraft B are prcsented next along with more
detailed discussion of wind tunnel measurements of static and fluctuating pressures
Included are comparisons between predicted and measurec values of fluctuating wirg
leads caused by buffet.

AIRCRAFT A MANEUVERS

"he example maneuvers from flight tests of Aircraft A have been selected to illus-
trate -he effects of various dynamic phenomena on the wing or/and tail loads measured
during -he maneuvers. The maneuvers include an abrupt pullup, slow and fast windup
turns, and sluwdown turn at elevated load factor, a rolling pullout at elevated load
factor, a l-g deceleration terminating in a slow nose slice and recovery and a rudder
roll followed by a departure, spin and recovery.

Examples Illustrating Effeccs of Pitch Rate

It is well known that pitch rate can have an effect on the development of the aero-
dynamic flow field at conditions near and above stall and considerable effort has been
expended to develop methodology for predicting dynamic stall effects for two-dimensional
airfoils and high aspect ratio wings(l), The effects of dynamic stall phenomenon for
fighter-type wings are not well known therefore it is of interest to compare flight data
from three maneuvers of Aircraft A:ý a slow windup turn, a fast windup turn and an abrupt
pullup.

Figure la presents the variations of normal load factor and normal force coefficient
with angle of attack and Figure lb the variations of wing root bending moment with
airplane normal force for the three nineuvers. The time from nominal l-g flight to an
angle of attack of 10 degrees is 20.2, 2.33, and 1.46 seconds, respectively. There is a
spread of about 16 percent in the gross weights and about 5 percent in the Mach number
for the three maneuvers which accounts for much of the difference in the load factor
variations with angle of attack.

There are some differenccs in the variations of normal force coefficient with angle
of artack which might be a;-tribilted to differences in the horizontal tail contribution
to lift.

The major point to be made however is the fact that there is a progressive increase
in the amount of wing bending moment at a given angle of attack with increase in pitch
r-ite even below the apparent stall It is therefore necessary to account for the dynamic
effects of various maneuvers in selecting critical loadings for design purposes. At
present this is accomplished using 5-degree-of-freedom aircraft dyramic response simu-
lation to account for inertia effects with the aerodynamic loading inputs based on rigid
wind tunnel model pressure distributions corrected by theoretical analysis for static
aeroelastic effects. Dynamic effects on the flow field are not included.

This approach correctly identified an abrupt pullup as a critical loading for the
wing bending moment. The method uses quasi-steady aerodynamics and is considered satis-
factory by the structural loads engineers. It is possible however that improved accuracy
could be achieved if the dynamic flow phenomena were better understood and considered in
the analysis.

tP
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Example Illustrating the Effects of Wing Rock

One dynamic phenomenon which has caused some concern with respect to the possible
impact on design loads is wing rock. While wing rock is riot normally encountered to a
significant degree for Aircraft A, there was a period during the flight test program
when moderate wing rock occurred. Time histories of pertinent flight parameters for a
windup turn maneuver presented in Figure 2 illustrate the effects which do not appear to
be significant with respect to design loads, but are interesting nevertheless because
they contribute to understanding the phenomenon.

The time histories show that the roll rate becomes erratic at about 22 seconds into
the maneuver which corresponds to breaks in the variations of angle of attack and wing
bending moment with time. It is obvious that wing flow separation has occurred. The
rms values of pilot seat dynamic acceleration indicate the occurrence of buffet. Note
that the combination of Mach number and angle of attack is such that the leading edge
flap ha. not yet started to deflect.

The roll rate excursions rapidly increase to a maximum value of about 25 degrees
per second at24 seconds into the maneuver, but do not increase further. The wing
bending moment exhibits buffeting effects but does rot increase significantly. The
horizontal tail bending moment does show excursions about equal to the maximum negative
quasi-steady value which is about 10 percent of the design values. In addition it
changes sign as angle of attack is increased and the tail deflection changes. The
buffeting response at the pilot's saat increases slowly except for the data sample taken
between 32 and 34 seconds into the maneuver. A specti'al analysis (not presented) indi-
cated that a strong input occurred at low frequency (below the natural structural
frequencies of the aircraft) which may have been caused by the flight control system as
the automatic roll damping feature attempted to compensate for the uncommanded changes
in roll rate. Note :hat the roll angle excursions a'- nct large.

Figure 3 presents wind tunnel model upper surface pressure distributions measured
near the wing tip for several combinations of angl? of attack and leading edge flap
deflection at the nominal Mach number for the maneuver. The point to be made with the
pressure data is the fact that if sufficient flap deflection is available at a given
angle of attack leading-edge sepaýdtion does not occu. :n the tip region. For the
particular maneuver shown above the flap deflection wa=' not sufficient. A change to
the flap schedule to start the flap motion at a lower angle of attack eliminated wing
rock in the moderate ang'e oi attack regime.

Example of Sudden Transition into Buffet During a Slowdown Turn

Anothir example of a potential critical design loading occurs during a slowdown
turn from supersonic speed at elevated load f.ictor. As the aircraft pav~ses through
the transonic Mach number regime there is a sudden czansition into buffet.

Figure 4 present's time histories from such a maneuver. As the aircraft slows down
to Mach 0.96 the leading edge flap starts to deflect (at about 5 seconds into the
maneuver) and the rate of change oi angle of attack with time increases. At about 6
seconds wing flow separation starts which is manifested in c rapid increase in the rms
value of a normal acceleration at the pilot's seat, a decrease In the wing bending
moment and a change in slope of the horizontal tail bending moment. The buffet intensity
which occurs during this maneuver is described as light to moderate by the pilot. Note
that there is a slight increase in wing bending moment jtzst prior to the decrease caused
by flow separation. The ratio of the peak measured wing bending moment to the •irplane
normal load factor produced at the same point in time is exactly equal to the ratio of
design bending moment to design load factor. The unsteady wing bending moment flu:-
tuations produced by buffet do not cause excursions above this peak quasi-steady value
and are small. Typically the ratio of rms values of fluctuating wing bending moments to
peak quasi-steady values is from .010 to .025 in the transonic range for Aircraft A which
is significantly lower than the values obtained on earlier generation fighter aircraft.

Figure 5 presents wind tunnel model wing upper surface press-are distributions which
help explain the chain of events which produces the results noted in Figure 4. The flow
near the wing tip is initially completely supersonic and the pressure distribution is
essentially constant along the chord as illustrated in the lower plot of Figure 5. The
center plot shows that a distinct change in the pressure distribution occurs between the
two values of attack shown for M - 0.95 and 6 LEF = 50. The flight angle of attack is
approximately 11.8 degrees when 6 LEF reaches 50 and wing flexibility reduces the localI angle of attack slightly so the cppropriate pressure distribution lies somewhere between

L• the two curves presented.

A",
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A shock induced separation has occurred which is spreading forward toward the
leading-edge and inboard as the angle of attack is increased. The significant increase
in buffeting response tippears to occur when the flow separation reaches the leading-
edge and then progresses inboard along the leading-edge. The upper plot shows that
the additional flap deflection which occurs with increasing angle of attack is not
effective in reattaching the flow as the Mach number continues to decrease.

Example of a Rolling Pullout at Elevated Load Factor

One maneuver which provides a severe test of the ability to predict loads for
dynamic conditions is the rolling pullout at elevated load factor. Figure 6 presents
time histories of che hendirg moments produced on the wing horizontal tails and vEr-
tical tail of Aircraft A and pertinent flight parameters for a rolling pullout.
The maneuver produces a signif.cant amount of sideslip which is reflected in the
moment maasured for the vertical tail. Despite the fact that the angle of attack
increases slightly during the rolling portion of the maneuver, the load factor and
the wing bending moments decrease. The peak wing bending moment occurs at initia-
tion of the roll as the flaperons are deflected. The slight difference between
right and left horizontal tail bending moments is caused primarily by differential
tail deflection. The vertical tail bending moment is higher than predicted. This
point will be discussed more fully later in the paper.

Example of a Nose Slice

Little information is available for flight loads incurred during very high
angle of attack flight. The flight test program for Aircraft A provided data of
interest. One case is from a one-g deceleration with the aileron-rudder-interconnect
function of the flight control system purposely inoperative. The maneuver produced
a slow nose slice. Figure 7 presents time pertinent time histories including the
variation of vertical tail bending moment.

The slow nos- slice was caused by adverse yaw due to flaperon deflection as the
pilot held wings level above angle of attack of 28 degrees. A maximum sideslip angle of
12.7 degrees wcs developed at 29 degrees angle of attack. An immediate recovery was
obtained when the pilot relaxed aft stick force and the angle of attack reduced below
28 degrees.

The maximum vertical fin bending moment measured is small in terms of the design
value because the dynamic pressure was low. If one were to project this experience to
a high Mach number high dynamic pressure condition one could infer that a nose slice
type of departure could produce a critical vertical tail loading. In actual practice it
would be nearly impossible to obtain the critical combination of dynamic pressure and
angle of attack becausu the aircraft decelerates rapidly at such high angles of attack.

Example of a Rolling Departure and Spin

The previous example was produced under very closely controlled conditions. The
next case of interest was produced by an inadvertent rolling departure, oscillatory spin
and recovery which ,-ccurred as the pilot performed an aggressive high angle of attack
rudder roll maneuver. Figure 8 ahows purtinent time histories oi several flight parame-
tPes. A more detailed presentation is given in Reference 2. Figure 9 presents time
histories of the vertical fin and wing bending moments.

The rolling departure begins at about 1.9 seconds into the maneuver and the peak
negative vertical fin bending moment occurs about one second later at the first maximum
sideslip angle of +15.7 degrees at 34 degrees angle of attack. The peak positive verti-
cal fin bending moment occurs about 2 seconds latcr as the angle of attack passes
through 58 degrees At this point the wing and tail flow field break down completely
into a wakelike flow. The angle of attack continueC to increase to about 86 degrees
and the oscillatory spin begins. The range of angles of attack dufing the spin is from
42 to 96 degrees and the range of sideslip angles from +24 to -24 degrees. Wing bending
moment peaks occur during spin each time the angle of attack increases through 58 degrees.
The negative peaks in vertical fin bending moment slightly precede the pecks in the wing
bending moments and appear to be caused by inertia effects because they correspond to the
minimums in the roll rate curve.
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As with the previous example the magnitude of the wing and fin bending moments are
small compared to design values because of the low dynamic pressure. It is apparent
however, that the wing bending moments during the departure and subsequent spin decrease
from the maximum measured during the rolling maneuver and thus would not produce a criti-
cal condition even if the event were to occur at high dynr.mic pressure. Excursions in
sideslip of the magnitude occurring during the departure could produce vertical fin
bending moments large enough to be considered in selecting loads design criteria.

Comparison Between Predicted and Measured Structural L-lods

The limited flight test program completed on Aircral, P produced a significant
amount of structural loads data which has been compared with preaictions. Example com-
parisons are presented in Figures 10 and 11.

Balanced pitch maneuver analysis was performed using a digital computer procedure
that staticly baianced the aircraft at a given load factor. Trim angle of attack and
horizontal tail deflection for Ig and total load factor are computed at each point in a
large matrix of Mach-altitude conditions. A final balance of each condition is per-
formed after summing all component loads and pitching moments. Shear unbalance is dis-
tributed between the wing and fuselage in proportion to their relative lift coefficients
The pitching moment unbalance is corrected by applying a sine wave to the fuselage.

Figre 10 presents comparisons of predicted values of wing bending moment, wing
shear, wi'g torsion and horizontal tail bending moment from balanced pitch maneuver
analyses for I g and 6 g with flight data. The predictions are based on a fixed gross
weight representative of the test aircraft which is somewhat higher than the flight
design gross weight. The flight data represent points obtained at equivalent values of
the product of load factor and gross weight and have beer normalized by design values.
The comparisons for wing bending moment are good although some discrepancies exist at
the higher supersonic speeds. The predicted wing shear is generally higher than flight
values. The predicted wing torsional moment is lower than flight values at high load
factor and supersonic speeds. The predicted horizontal tail bending moment is lower than
flight values at high load factor at both subsonic and supersonic speeds. Despite the
fact that wing torsion and horiLontal tail bending moments are higher than predicted,
the flight values are well below the design values whi:h were determined primarily from
theoretical analyses early in the design effort.

Analysis of structural design criteria dynamic maneuver response was conducted
using a stability and flight control 5 degree of freedom flight simulation. The maneuver
response parameters were then used for loads calculation in a separate loads computer
proceiure. The computer analyses included simulation of structural criteria rolling
maneuvers sideslip maneuvers and abrupt pitching maneuvers. Figure 11 presents compari-
sons of predicted vertical fin bending moment during high load factor rolling pullouts
with flight data for two altitudes. The agreement between predicted and flight values
is only fair. The flight values are only a small fraction of the design values in this
case because they do not represent design conditions.

While the prediction methods have produced "satisfactory" results from the loads
engineers viewpoint ia the sense that the design loads are generally conservative, it
is apparent that improved methods would allow finer tuning of the structuril design to
reduce conservatism and therefore structural weight.

AIRCRAFT B MANEUVERS

Data obtained from two maneuvers performed during structural flight lo",-s testing of
Aircraft B are presented in this section. The maneuvers are slow windup turns at low
wing sweep and at high wing sweep. These data are of interest because they illustrate
the differences in dynamic structural response of the aircraft which occurred due to the
differences in the fluctuating flow fields.

Detailed analyses of the structural response were performed during an investigation
sponsored by the NASA Ames Research Center (Refs. 3, 4) Uind tunnel studies of the fluc-
tuating flow fields were performed by Dennis Riddle of NASA (Ref. 5) and the wind tunnel
fluctuating pressure data were used to predict the aircraft structural response (Ref. 6),
Some additional results are presented here.
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Example of Windup Turn at Low Wing Sweep

Flight datd from a clow windup turn of Aircraft B performed at 26 degrees sweep,
0.80 Mach number, and 20,000 feet altitude are presented in Figures 12 through 14.

Figure 12 shows time histories of pertinent flight parameters and wing bending and
torsional moments measured at ý = .238 from the pivot along the 26 percent chordline.
Buffet onset occurs at about 5.5 degrees angle of attack and above that angle the wing
bending and torsional moments exhibit considerable dynamics. Twice during the maneuver
a mild wing rock caused the automatic fligat control system to input a small spoiler
deflectior on the right wing.

Stochastic analyses were performed at 3elected time Intervals during this maneuver.
Figure 13 presents power spectra for a 2 second data sample which starts at 18.5 seconds
into the maneuver. Spectra for the torsionai moments at ý = 0.238 and 4 = 0.835 showed
that peak powee occurs at 25 hertz which is the frequency for the first torsional vibra-
tion mode of the wing. Spectra for wing bending moments at ý = 0.835 also exhibit a peak
at 25 hert-z although the frequency for the closest wing bending mode is about 28 hertz
(second aatisymmetric wing bending) Thus an apparent coupling between wing torsion and
wing bending has occurred. This result led to an analysis of narrow band time histories
in which the analog inputs were filtered to obtain the respoise in discrete bands of
frequencies.

Figure 14 presents ti,.,a histories in the band from 29 to 27 hertz for the same three
sensors presented in Figure 13. In each case the gains on the playback instrumentation
wera adjusted to cover the full amplitude range of the strip chart recorder for the maxi-
mum value of the signal produced during the maneuver. The dominant frequency evaluated
from these time histories and others in adjacent bands was 25 hertz. While the buildup
and decay of structural response characteristic of random buffet is present there is also
rasidual response over much of the maneuver which is more aptly described as a wing buzz.

G. F. Moss of the RAE has noted the buzz phenomenon at various combinations of Mach
number and angle of attack for which shock induced separation is present in tests of wind
tunnel models having flexible wings (Ref. 7). The large half-span model of Aircraft B
used a very rigid wing in order to eliminate insofar as possible effects of wing motiun
on the fluctuating pressure field. Figures 15 through 18 present model data for M = 0.80
and 0(= 10.18 degrees which is comparable to the flight data sample for which power
spectra were shown earlier.

Figure 15 shows the wing upper surface static pressure distributions for five span
stations. It 4s apparent that a significant area of the wing is subjected to shock-
induced separation at this test condition. Figure 16 shows the distributions of rms
values of fluctuating pressure coefficients. The maximum values occur at the middle span-
wise measuring station. These distributions are not as dctailed as those appearing in
Reference 4. The outputo of three transducers covering a small range of chordwise loca-
tions have been combined electrically to produce each measured value because of limita-
tins of readontt oapacity. This approach wa considered satisfactory for use in the
buffet response prediction method even though it does limit diagnosis of the detailed
flow fields

Figure 17 presents power spectra of the pressure fluctuations at the middle spanwise
measurement station. The pressure spectra are consistent with those presented in Refer-
ence 4 both as to magnitude and frequency content. For this particular condition with
significant shock-induced flow separation, large peaks in the pressure spectra occur at

* and aft of the shock wave in the frequency range near the model wing fiist torsion mode.
The model does not have a natural vibration mode correspondirg to the aircraft second
antisymmerric wing bending mode.

Figure 18 shows the chordwise coherence of the pressure fluctuations for several com-
binations of chordwise locations. It is obvious that there is a strong correlation
between the pressure fluctuations at various chordwise locations in the frequency range
corresponding to the model first wing toriion mode.

Figure 19 presents comparisons of predicted wing structural responses and their
characteristic frequencies compared to flight results for the windup turn at low wing
sweep, The prediction method (Ref. 6) produces upper and lower bounds of possible res-
ponse. The flight data for wing sheat and wing bending moment lie well within Che bounds
established by the prediction method and the predicted characteristic frequencies are
close to the flight values. Wing torsion, however, exceeds the predicted upper bound at
the angles Qf attack where the wing buzz phenomenon is pronounced and the characteristic
frequencies are much higher than predictions.
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There are two probable reasons why the torsional moment predictions are not more
accurate. First the method, at present, uses linear theory values of aerodynamic damping
which do not predict the effects of the buzz phenomenon for which the net damping (aero-
dynamic plus structural) is obviously near zero. Second the possibility exists that the
magnitudes and phasing of pressure fluctuations occurring on the flcxible responding wing
are significantly altered by the wing motion from the measurements obtained on the rigid
half-span model wing. Model tests have recently been completed by NASA Ames Research
Center (in which both rigid and flexible wings were instrumented to obtain fluctuating
pressure measurements) which should provide definitive information for improving the
prediction methodology.

ExampLe of Windup Turn Maneuver at High Wing Sweep

One would expect the structural response for a high wing sweep configur~tion for
which the aerodynamic flow field is dominated by leading edge vortices to be much dif-
ferent fromi the previous example for low wing sweep. It is much different. Flgure 20
presents time histories from a slow windup turn maneuver of Aircraft B with the wings set
-at maximum sweep. It is obvious that the fluctuations of wing bending moment and tor-
sional moment are much reduced from the previous example.

Corresponding half-span model wind tunnel data are presented in Figures 21 through 24.
The upper surface static pressure distribution shown in Figure 21 illustrate the effects
of leading-edge vortex flow. The peak negative pressure coefficients at each span sta-
tion reflect the chordwise position of the primary vortex core. The dashed line in the
figure connects these peaks. The primary vortex originates on the wing glove inboard of
the variable sweep wing panel for the condition shown.

Figure 22 shows the distribution of fluctuating pressures. The maximum rms values of
fluctuating pressure are small and occur near the chordwise location of the static pres-
sure peaks, i.e., below the vortex core. Power spectra of the pressure fluctuations at
the middle measurement station appear in Figure 23 for various chordwise locations and
the corresponding plots or coherence between chordwise locations in Figure 24. The power
spectra have a distinctive character in the form of a broad peak between frequencies of
50 and 100 hertz. The broad peak is characteristic of a leading edge vortex flow (Ref. 8).
Small peaks at frequencies for each natural vibration mode of the model are superimposed

* on the broad peaks. The origin of the broad peak centered at 50 hertz in the lower
surface data is not known. The values of coherence are relatively to', except between
75 percent and 90 percent chord where the rms pressure levels are low so it is apparent
that the structural responses would be small in magnitude.

Figure 25 presents comparisons between predicted and measured wing structural res-
ponse for the high sweep windup turn. The measured wing shear and wing torsion lie near
the predicted lower bound of possible response and there is good agreement between the
predicted and measured characteristic irequencies. Measured wing bending moments lie
near the middle of the predicted range of response. The measured characteristic frequen-
cies are higher than prediction. This may be caused by the fact that tne model date does
not include the effects of a second antisymmetric wing bending mode which are prevalent
in tho Zligbt data.

CONCLUDING REMARKS

Transient maneuvers and dynamic phenomena that result in rapid changes of aerodynamic
load distributions can have a significant impact on design loads. The present capability
to predict the effects of dynamic maneuvers on aerodynamic loads is reasonably good but
there are exceptions where improvement is needed to reduce conservatism.

The abilicy to predict the effects of buffet on aircraft structural loads is fair
to good, but improvements to the method are needed to account for nonlinear aerodynamic
damping.
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THE TIEORETICAL PREDICTION OF STEADY AND UNSTEADY AERODYNAMIC LOADING
ON ARBITRARY BODIES IN SUPERSONIC FLOW

D. L. Woodcock
Structures Department

Royal Aircraft Establishment
Farnborough, Hants

England

SUMMARY

A method is developed for the determination of the aerodynamic forces on arbitrary oscillating
(and possibly deforming) bodies in linearised irrutational supersonic flow. Use is made of an approxima-
tion to the body by a many sided polyhedron. The problem is reformulated as an integral equation of the
second kind and its solution is obtained by collocation at the centroids of a large number of regions
arranged in bands round the body. The numbeý of regionj is much larger than Lhe number of facets of the
polyhedron. The steady perturbation potentia) on the body is obtained as a necessary intermediate result.
From the calculated velocity potential the steady and oscillator. components of the loading distribution
and the overall forces can be simply evaluated. The method is demonstrated by application to a fighter
aircraft fuselage.

LIST OF SYMBOLS

CO - cos KR g mode of oscillation of facet

C1  = sin KR/KR £ reference length defining streamwise
S( e aspacing of (y,n) latticeF(T) see equation (2-9)

rs p pressure
G integer specifying boundary of SV 2
• K - •£M/VB p (p; + peiwt) perturbation pressure

L body reference length t time

SM Mach number x,y,z basic coordinates

P parameter in fpcet equation (equation (2-7)) xfyftzf facet coordinates

"R =(X - X)2 - (Y - Y) - (Z - Z)2
V0 0 0

S area of body surface or facet inside forward AxAy dimensions of uncurtailed facet region
Mach cone from (X0 ,Y0,Z 0) 8 0

S0  area of S where y < 0 Y R2/4

S area of S where 0 < y < yG YG value of y at boundary of S
S2 area of S where yG < ysee equation (3-13)

S (T) see eqtation (2-10) C width of cell of (y,n) lattice
rs

V airspeed n Y - Y

4W0 + W exp(iwt - iKHX) prescribed normal velocity 0 facet incidence in OXYZ reference frame
at mean position of facet surface x
J02 + tan 2V distance along co-normal

8VI X0 2
S(s) see equation (3-16) = - Z tan 6/(1 - tan 0)

mn Pair density in undisturbed streamSXYZ transformed basic coordinatesYbVLý total perturbation velocity potential

X0 ,Y0 ,Z 0 X,Y,Z coordinates of receiving point VLý steady perturbation velocity potential

Xf,Yf,Zf transformed facet coordinates VLO' exp(iwt - iKMX) oscillatory perturbation

Z cos 0 perpendicular distance in transfcrmed velocity potential

coordinates from (X0 ,Y 0 ,Z 0 ) to facet U circular frequency

I INTRODUCTION
The fuselages of aeroplanes, particularly thope of the fighter type, are often far from being nicp

smooth cigar like cbjects. Yet, apart from slender body theory, supersonic theoretical analyses have been

almost entirely confined to bodies of revolution in axisymmetric flow or slight perturbations thereto. It
does, however, seem feasible to make an attempt to d&rermine the forces (steady and unsteady) on an
arbitrarily shaped fuselage on the bnsis of linearised potential flow theory. It may be argued that the
assumptions of irrotational flow and a linear approximation to the field eqvation are inadequate when one

gets away from the slender body of revolution ii axisymmetric flow. No dovl*t, but even then linearised
potential flow may give a fair approximation to the tcuth which could say ba used as the basis of semi-
empirical solutions. In the absence of anything better, fot the general case, such a solution is believed
to have some value.
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it is common when solving thi. linearised rotential flow equation to use in conjunction linear
approximations to the boundary conditions and to the expression for the pressure (Bernoulli's equation).
There is no great difficulty in avoiding these approximations and using more exact forms. it is believed
there may be some value in adopting such an 'irrational' approach though how far one should go is
questionable. The exact oscillatory boundary condition, for example - applied at the mean position of
the body surface fir small oscillatory displacements - involves second derivatives of the steady perturba-
tion potential, and one has to ask have these been obtained with sufficient accuracy ;n the steady solution
to merit their inclusion here. However, whatever approximation is taken to the boundary condition, once
one has taken a linear approximation to the fiele equation, there is no question of having a nonlinear
problem to solve for the exact boundary condition is linear in the velocity potential.

The supersonic field equation, being of hyperbolic type, naturally lends itself to a step-by-step
solution moving aft over the body. One can express the velocity potential at a point as an integral of
the velocity potential, its derivatives along the surface of the body, and the prescribed normal wash,
over that part of the si,tfa:e of the body which lies in the forward Mach cone from the point. -his integral
is simplet to evaluate if the body is a polyhedron provided the effect of the discontinuities at the junc-
tions e' the body's facets can be neglected. Such an assumption should be acceptable when the discontinui-
ties have only been iniroduced artificially in the solution proce!ure. It is suggested therefore that an
efficient method of soluLion for a body of largely arbitrary shape is to represent it by a many sided poly-
hedron, dixide it streawwise into a large number of bands, and then determine by collocation the velociLy
potential at a set of points on each band starting at the nose.

2 THEORY

2.1 Basic equations

The perturbation velocity potential VLý is divided into a steady part and an oscillatory part of
circular frequency w

+ *'exp 1_ -i-- X + iut(2-1)V8 2

It follows, from the linearised field equation, that ý' satisfies

-XX + + - K
2

€' (2-2)

where K - wkM/Va ; and XYZ are transformed coordinates given by

x t a8x 1
y ZY (2-3)

z - £Z

The steady perturbation potential satisfies the same equation with K

It can then be shown, by application of the generalized Green's theorem that the perturbation
potential at any point (XoYoZ 0 ) in the field of flow is given by

27T0'(X 0,Y0,Z ) 0 , _L k X _ - c KR dS (2-4)

where the integration is over that part (S) of the surface of the body which is inside the forward Mach cone
from (XoYo,Zo), -L is the derivative with respect to the co-normal* in zhe transformed coordinates, and

R2 . (X0 - X)2 _ (Y0 - Y)2 _ (Z0 - Z) 2 (2-5)

34k'
The values of *' and 3 in the integral in (2-4) are the values just above the surface of the body.

It can in fact be shown that the solution of (2-4) has the form (cf. section 3.1)

' H(v)E(v) (2-6)

where P is the Heaviside step function and E is a well behaved function. Thus the values of ý' at
v +0 are twice the values at v - 0 . Moreover E(v) will be a solution of the differential equation
(2-2) in a volume which extends through the surface of the body.

We want to solve (2-4) subject to given boundary conditions on S . S is taken to be at the mean
position of the body surface. :?rom the boundary conditions at the instantaneous position of the body
surface equivalent conditions can in general be specified at the mean position using a Taylor expansion.
This will be done everywhere though it is not valid in the vicinity of the nose of the body when it iL not
stationaiy. For small oscillations the errors thus introduced should only be local.

2.2 Facet form of equations

The body surface is considered to be made up of a series of flat facets, and we will now consider the
contribution to *'(X 0 ,Y 0 ,Z 0 ) given by one facet. The frames of reference Oxyz, OXYZ are redefinid for

* If L',M',N' are the direction cosines of the outward drawn normal to the body surface, then -L',M',N'

are the direction cosines of the co-normal.
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each particular facet suJ, that OY is parallel to the surface of the facet, OX is in the direction of

the free stream, and OZ is outward into the fluid, The equation of the facet then is (see Fig.1)

Z + X tan 0 - P (2-7)

where P is a constant, and 101 < 'n

It Zollows, from (2-4), that the :ontributicn from Lhis facet, to the perturbation potential is

2 -' K {2 ( ) + F0() - (1) (2-8)F - ' '1 rl 03 1 - 01

where Z cos 0 is the perpendicular distance (in the transformed coordinates) from (XoYoZo) to the facet,
and*

F(T) rS- j -r ý'rdXdY (2-9)rs 8

sR

S - ,E I - --- tan 06 TdXdY ,2-I0)
rs dR s Oz ax

C - cos KR
!.: (2-I I)

Cl sin KR
KR j

Differentiating (2-8) we obtain the contributions, from the facet, to 0 and to be:-

-1 + 2 [3 t(-)

03 (2-12)12

o L3",K -13 03 + 3F0 5

2 ( - ~(v) 2Cr3) Q

ta { K S F + IS+K S + (2-12)

! +r - tan . I2 [3FC') - F (')] (+1
It 03 11 03

SZ 2  W W)

2 - J K~S 3 s)}-1 {2) + 3F~

0 t S n ) +" S (2-14)

When one is susming the contributions from all the facets to the first derivatives of •' one will of
course have to resolve them along a con~on reference frame.

2.3 Boundary conditions

The boundary condition to be satisfied at the surface of the boay •s that the velocity of thse fluid
novmal to the body surface in the physical coordinates shall be equal to the normal velocity of the surface.
The. surface of a facet is written as

az i2 7~( 3F~e~ ((2-(1)]+5)?ý5

zf = 'Lg T ' + 22-122 W o + tan3F

where xf~yf~zf are physical coordinates in a frame of reference fixed in the undiisturbed position of the

facet. It can then be shown that th.e boundary conditions to be satisfied by the steady and oscillatory
perturbation velocity potential3 are

* As noted in section (2.f), the values of t' and its derivatives in the exprewiionl for F(o)fS(T) are

the values just above the surface of the facet. rs rs

z S(x f) !t+ lp(-5
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-+ -2 tan•X (say) W (2-16)

at Z = P - X tan 0 + 0

M and
' tan 0 0.7' i tan a

oz 42 3X 2

eil FgL [g 2 .82 + tan2
0 0a

.8tacos g + Co axf] au £ 3 aY

L (82 + tan 0) 2 
{tf -- - tan20

tan3 2I a2 2 2 2 + tan2 0)2 -2

-a 0 ~ [J ay ( 0) axs96

(say) W(

at Z = P - X tan 0 + 0

where (uv) , (2-18)

and the frame of reference OXfYfZf is obtained by rotating OXYZ through an angle 0 about OY so

that the facet is Zf . P cos 0 . The boundary condition for the urnsteady perturbation potential thus

involves derivatives of the stcady perturbation potential along the surface of the facet as well as the
mode of oscillatory displacement.

2.4 Determination of the velocity potential

Using the boundary condition (2-17) it is easily shown that, at Zf = P cos 0 +

r -- (t+2) tan 0 = 82) tan 0 0 - a (I - t 0)' + (I - tan 0)ý2Wl (2-19)
82 + tan2 0 t- cos a Xf t

If this is substituted in (2-10) and the value of 4' obtained by surmning the contributions from all the
facets as given by (2-8) we have in effect an integral equation of the form

JWKdS 2n' -€ + aK ' K dS (2-20)

S s

where K1 ,K2 ,K 3  are known kernels and the summation is for all the facets of the body. Similarly, using

(2-12), (2-13) and (2-14), we have

S-r {f a, ' 1
WK dS -2vi aK-~4 + -K~ dS (2-21)

where the kernels K4 ,K5 ,K6  now involve the orientation of the Ox YgZf frame of reference used at the

receiving point kXo,Yo,ZoN as well as that of the transmitting facet.

The obvious approach is to solve the two integral equatic-i, (2-20) ane (2-21), simultaneously for
6' and - at the body surface. An alternative, which considerably reduces the amount of computation,

a x f
in a collocation solution for a given number of points, at the expense of some loss in accuracy, is to

use equation (2-20), with W replaced by a finite ditference approximation, and solve it for 4' by

collocation. The latter approach is the one which we will apply.

The steady perturbation potential 4) is obtained from a similar equation to (2-20) with W

replaced by W0  and K put equal to zero. It is necessary first to determine 01 0 so that W can be

evaluated from (2-17), before proceeding to determine 4' . TIe derivatives of 40 that appear in

(2-17), can be obtained, from the calculated 46 , either by finite difference approximations, or else by

direct evaluation using equations such as (2-?I). Again we will, in our subsequent application, use the
finite difference approximations.
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Applying (2-20) to determine the potential at a point in the surface of a facet, i.e. where
-0 = P - X0 tan 0 , and then using the fact that the potential just above the facet is twice that in the

facet, we have (see also (2-10))

÷O -_j LL K
2F•(l) + S(' + (2-22)

where the first term is for the current facet (and so Z - 0) nd the sunmation is over 3ll the other
facets. The solution procedure uses this equation in the foilowing manner.

The body is first of all divided up into a series of bands by equally spaced planes normal to the free

stream direction. Each facet is then further divided by a set of lines parallel to OXf . Thus each facet

is divided up into a set of mainly rectangular regions. The centroids of these regions are taken as

collocation pointsA. The integrals FM S() in (2-22) are determined as weighted sum- (see sectionrs rs

3.2) of the values of ', 2Z. and W at these collocation points. The approximation for aX at aaxf axf
collocation point involveb in general just the val-es of .' at that point and at the collocation point
immediately in front of it on the same facet. When theLe is not such a point a slightly more complicated
approximation is used involving *' at several collocation points on a preceding facet. Thus for a
particular colloration point as the receiving point 4' is expressed as a weighted sum of the values of
4,' and W at the collocation points on thu same band and on the bands in front of it. We have therefore
for each band a set of simultaneous equations which can be solved for 0' at the collocation points on
that band provided the preceding bands have already been solved. One starts therefore from the nose of
body and proceeds backwards band by band.

2.5 DeLermination of the pressure

We write the pressure as

P P. + P. (po + jeit (2-23)

It followq from Bernoulli'a equation that

p - -- + (2-24)

which can be alternatively written, for a point at the body surface, in terms of just the derivatives along
the surface by making use of the boundary condition (2--16):-

(P t t 8 -0 0 (2 + +6) tan2e}
2). 2 XfJ (2

(8 + tan 0) cos

r ar \2

pLO8 4  toan2 8 /012 2 2212

+ o L an8(82 + tanO2 ) 2(:-0f (2-25)

3 (0squnlIt is consistent to neglect terms of 0(tan 8), etc., since we are neglecting V(on
the approximation 

to (p) becomes add_ tae I Io~ \
(po,)O 2L 22t 2(ac () }2-26)

The unsteady part, of the pressure will be required at the instantaneous position of the body

b surface. Expressing this in terms of the values of the velocity potential at the mean position gives,
neglecting terms of 0(~2I N ta V (LI2X)(p')i+e"' , where

W___ iK 0, W ~~ (2-27)

This expression assumes the only oscillatory displacement of the facet is normal to its surface. If in
addition there are displacements of iemi-amplitude Le and Lf in the directions OxfS Oyf then, to the
same order of approximation we bave to add

*To be exact the collocation paiats are points almost coincident with the centroids but just outside the
body (i e. just above the fac±et).
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7~~ ~ a a*2Tx

to the right-hand side of (2-27).

3 APPLICATION

3.1 The integrals FM
rs

The integrals F(1) (cf. equation (2-9)) are given by
rs

FM •C L'dXdY (3-1)rs .f S
S

where S is the region commson to the facet and the forward Mach cone from the receiving point (Xo,Yo,Z 0 )

under consideration. For s - 3 or 5, inter alia, these are improper integrals which we interpret in the
finite part sense (see for example Ref.1, p.31-2). It is convenient to make the coordinate transformation

Y- Y (3-2)

R 2 {xo X)2 (Yo y) 2  (Xo X) tan o]2} (3-3)

and so, from (3-1),

Fn) f Cr'dydnr 2  
(3-4)rs "_. _ 3 4

s-1 4y + Z/2 - tan20)

Note that it is assumed that tan 0 < I , uhich implies that the direction OXf for the particular facet
under consideration, is subsonic.

It is shown in Appendix I that the following expression holds for the one improper integral F0/

which we require for the use of equation (2-8)

3 I(1 tan20 3X oZ tan + ()(0) (3)

"03 2 z .t sgtn. + 03 (3-5)

In this equation the value of 4' and its derivatives are the values at (X,Y,Z) (Xo,Y 0 ,P - X0 tan 0 + 0).

Use of (3-5) ir (2-8) enables u.; to determine the relationship between the values of +' immediately above,
in, and imamediately below the surface of a facet - the contributions from all the other facets will be the
same in each casxe. One finds, as stated in section 2,2, that

( 0' ) < 0 
2 W+ ) 0 1 (3-6)

-0 0

Similar relationships have been obtained f or 1 and no doubt could be for the higher derivatives. We
az

infer therefore, making use of the Taylor expansion in the region of positive Z , that

1(xoY0 ) i + sgn () {(I')o + 3Z ) + (3-7)

If we are to be able to differentiate this equation and get results consistent with the relationships men-
/, 3' B2 v'_9

tioned above 2L. 1+ 2 o , etc it seers that we must understand tr etc. to be generalised

functions which are indeterminate in that they contain an arbitrary cons.ant x 6(2) . There is a preredent

for this in the symbol jxl-| which is understood (Ref.1, p.39) to represent an> generalised functio.;, f(x)
which satisfies the equation

xf(r.) - sgn (x) (3-8)

and so will contain the same sort of arbitrary term.

J
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3.2 Approximation to the 0(') as weighted sumsrs

For the evaluation of the, sometimes improper, int :ais FM (equation (3 4), and the similar
(1) rs

integrals SS , the facet under consideration is frst divided into three parts (of. Fig.2):-

S 0 wherc y ' 0

S 1 where 0 < y < IG

S2 where yG < Y

where 4 Y , + 7 12÷ /(I- tan2O) { n2 + Z2 0(I - tan2 0) (3-9)

and t is a chosen positive integer.

Ttiere will be uo contribution to FO) from the area S since the region of integration S is that part
rs 0

nf the facet where y is positive. The paramecer G is chosen to be large enough for a crude method of
integration to suttlice in the area S2 . Wc wentioned above (section 2.4) that each facet was divided up

into a set of mainly rectangular regions whose centroids were used as collocation points for •' . In the
area commin to suzh a region and S2  it is assumed that the whole integrand is liaear in X anG Y

Th,'s the contribution to F(rs from the irea S2 will (of. equation (3-0)) bers 2

(Fs2 - ( s A. Cos a (3-10)

centroid
of common
area

where A. is the area of the common area which we de'otc ( j a> tt,..t

LA. cos 0 dXdY (3-Il)

:j s2

The value of *' at the centroid of j is obtaineO by linear interpolat.on in X between its values at
the centroids, of the region conlaining the common area j , and of the region ini front of that region.

In the area SI a less simple method of integration has to be used. SI ir divided into a set of

cells by a fine (Y,n) lattice chosen such that the in cell is boundel by (see Fig.2)

Y Y Y

(3-12)

- n n-

where 4y - + l'n 2 + 2 - tangO) n - c2 + Z2 /(0 - tan20) (3-13)

With this choice of Y

X(Ym+l,nne) - X(yn,nc) , I - taz.
2

0 (3-14)

This lattice will be different for each different receiving point (XOPY 0 ,Z as, of ccý s2, will be the

area Since - only at the point n - n, the lattice will not fit the upper boundary of

S exactly nor wilt it fit the region and facet boundar'es exactly. However, provided the lattice is

fine enouph any errors so cauaid should be negligible.

In each of these cells C 0' is assumed constant, having the value appropriate to the point
r

(y,rn) - (Yn$). At this point f' is obtained by linear intecpolation •L X between its values at

ithe collocation pointa in a similar manner to that used in S. . Thus the contribution to FM from the
rs

area S1 can be written at

m-mc m)"W() (3-15)F 2 -11- tan e n n
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(n+ ) c Y+I ,n

where w(s) dr, / 2 dy --- _ (3-16)

n ti + L /.. - tan 0)

Formul+ '.. oae determination of these integrals are given in Appendix 2.

Th,?s by the t,se of (2-10) and (3-1:) we have expressed -(1) as a weighted sum of t0u values of •'
rs

at the colloLation points (centroids of the facet regions) which lie inside or just outside the forward
Mach cone from the receiving point (X0 ,Y 0 ,Zo).

3.3 Choice of parameters

For a given polyhedron body tho accuracy of the solution tdat is obtained will depend on Lnl choice
of a number of Parameters that have been introduced. In the first place there is the specifhcatior, of the
size of the regions, of the facets, whoe centroids are taken as the col-ocation points. The bandw.- '-

Ax is taken to be constant and so the length of each region in the [ie stream direction will in general
be also Ax except in so far as facet boundaries may introduce some curtailment. The standard region
width Ay could br specified independently but, in the alsence of any good reason to Lhe contrary, it is
suggested that one should make Ay = BAx (thus i ,king AY - AX). The facet boundaries will of course
reduce the width of some regions. Alternatively one could aiso insist that any intersection oi a bane
and facet is divided into at least, say, three regions, and redtce Ay locally t) achieve this. Such an
additional cordition nay enable one to nmanage with a larger val e of Ax than would otherwise be the case.

In the second pl-.ce there are the parameters which demermine the accuracy with which the integrals

F (1) S(W are evaluated. These are:-
rs rs

(i) G which defines the boundary between the areas where the , fferent methods of integration are
used (cf. section 3.2).

(ii) I and c which specify the cell size of the lattice used in the +'ntegtatior procedure for the
area S, , i.e. for the area adjacent to the surface of the forward Mach cone fron the receiving

point (cf. section 3.2 and equation (2-3)). The wean (X,Y) oimens.ons of each cell are

(i/4 - .n2',e) ; which in the (x,y) coordinates are (kB//I- tin2o,Zc) (see equations (3-14) and
(2-3)).

Errors in the integrals cam, be ascribed to three possible cp-ses - the finiteness of the lattice, th
disLocation between the bovidari-ls of the area SI and the lat-ice bounT'aries (cf. Fig.2), and the use

of the cruder ,,ethod of in, egratnor. for the area S2 * These can 1,e reduced respectively by the reduction

of 0 and/or le , the reduction oL Pc and/or k and/-r £-- , ari the increase of XG , where tha

most effective parameter is believed to be that mentioned first in each case.

4 RESULTS

4.1 Configuration

Once o0e departs from the body of revolution one finds an extreme paucity of theoretical estimates
of the for-es -mn bodies in supersonic flow. Phere is therefore .irtjallv no op; rtunity of assessing the
value of this method by comparison with others. The fitst application was not unexpectedly to the simplest
body .f revolut~on the right circular cone. .lepresenting it as an eight sided (excluding base) regular
pyramid in the present method gave satisfactory agreement

2 
with the analytical results at zero and snall

inridences.

For the present meeting it is however, no dcabt more interesting to consider more practi al shapes
and so the results to be described are for the fuselage of a fightet aircraft anc in particular for the
front pact oi the fuselage. Its representation is a many sided polyhedron is shown in Fig.3. The results
described are for it at an incidence of 0.1 radian, that is the line joining the verticcs I and 27 on
Fig.3 is at that incidence.

4.2 Steady calculations

Calculations were made for various values of the parameters m~ntioned in section 3.3 above. Initial
studies for the nose of the fuselage, i.e the first fie facets on poit and starboard sides, were used to
establish values which would ensure adequate accuracy in the evaluation of the integrals F(W) , s(3)- rs is

Ac a result the following values were taker, for calculations on the complete fuselage

k - 825/L

c - 0.066

G > 15

where the reference length L - 700 , this bling of the order of the length of the fuselage in the units
used*.

• The distance from vertex I to vertex 27 is actually 600 units.
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The steady perturbation Potential 06 was calcilated for the fuselage at an incidence of 0.1 radian
at a Mach number - 1.22475 (which gave Bt - 0.6). These calculations were tade with Ax - 5 and con-
sequently over 1000 collocation points on each half of the fuselage. Of the who'e mass of results the cal-
culated potential on two adjacent faceis is illustrated, as a typical example, ýn Figs.4 and 5. Also shown
on these figures are some values obtained when using a much larger value of Ax (- 30) . The facets chosen
are facet 9, the back side of the canopy. and facet 8, the adjacent part of the fuselage (cf. Fig.3). In
each case the values plotted are the potential at points on the .edian line from the sharp end of the facet,
obtained by interpolation where necensary. It will be noted that there is somL scatter in the calculated
values, and Lhis was found to be particularly noticeable at points where there was a change in the number
of collocation points pet facet per band. On each of the two facets in qu!sticn there were either one or
two collocaticn points on each band.

4.3 Oscillatory calculations

Calculations of the oscillatory per~urbation velocity potential were made for small oscillations in
the rigid body modes of heave, pi.,!. yaw and roll. The computer program caters for much more complicated
modes, which can be specified eithe:z as overal) polynomial modes or as polynomial modes of ,he individual
facets, hut for the purpose of demonstrating the method the rigid body modes are just as instructive.

The unsteady calculation, as programmed, uses a considerable amount of output from the steady calcu-
lation (in the boundaif condition (2.17) for example, and in particular the calculated values of the
coefficients W(s) (3.16)). Computing efficiency has been gained at the expense of coi.iderable storage
problems with te result that for the fuselage being considered it was not practicable to do the unsteady
calculation with anything like the scme number of coll' qtion points as had been used in the steady case.
Results were obtained using a value of Ax - 30 . As shown on Figs.4 and 5 the steady potential then
obtained agreed reasonably well with that ietermined with Ax = 5 . For the roll mode the oscillatoLy
potential was, as one would expect, extremely small. With t'ie heave mode it was also small for the
frequencics investigated (wLiV - 0.1,0.2) . A ,eiection of the results for the other two modes is shown
in Figs. 6 and 7. These show the modulus of the oscillatoey potential on the same two facets. The dif-
ference between the calculated values for the two different frequencies was too small to show. Slightly
more variation with frequency was found in the phase of the oscillatory potential, but this is not
illustrated because in each cpse - for each of these two facets and each mode - it was practically the same
linear variation with frequency; going from -n , at wL/V - 0 , to -2.90 radians, at wL/V - 0.2 , at the
rear of the facet. At the front of these facets the phase variation was rather less.

5 Conclusions

A 3tep-b--step collocation method has been d-veioped for the determination of the forces on a
stationary or vscillating body of arb'traty shape (with certain limitations) in linearised st-personic
potential flow. Apart from providing a means of solution for the isolated body, it also has potential for
cembinaticn, with methods of a similar type for lifting surfaces, to provide a method that can be applied
to the complete aircraft. For many purposes however one can treat a non-iLolated body as if it were iso-
lated. For example in wing-store flutter problems it is usually sufficiently accurate to neglect aero-
dynamic interference effects between Lne wing and the store.
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Appendix I

BEIIAVIOUR OF THE INTEGRAL F(T) AS Z 0
rs

We can write (cf. equation (3-4)), assuming the surface y 0 cuts the facet*

U o

F = [ CdY r 'dtl (A-I)rs s- ,J -72 Ja-2
Y n2

2 l-a 0 0 r+4y Z(- anO

where €' is taken to be zero off the facet and

C = cos (2K}1 , (A-2)

C sin {2K/})
•K"€

Denote the inner integral by F(y) , i.e.

SF(O) - f (A-3)

2 + + - an20)

Then this f-,nction can be considered to be well behaved throughout the range of integration. Kinks in the
boundary of the facet will invalidate this but they will bg of no co:.3equence for our purpose and will
therefore be ignored. The functions C (equation (A-2)) can be expanded as power series in (K

2
y).

Consequently we can write r

Y0
F(Ir - bir ) K2jf F(y)dy(A4

2- I11 tan2 j-0 0 -,

and, since s is odd, the only terms in this expression which may possibly not be well behaved at Z = 0

are those for which )- ) , i.e. those involving finite part integrals. For these (cf. Ref.l, p.31-2)

f Fy) d 2 2 "F 2 - (Y)dy
s ., = (s - 2j - 21(s - 2j - 4) ... I

0 T0 -Y

Y

+ terms well behaved at 0 =0. (A-5)

The terms not stated explicitly involve powers of Y and the derivatives of F(y) at y = 0 and, as

stated, will be wrll behaved at 0 - 0 . We can expand ý' on the facet as a Taylor series about its

value at X + tano , YoP p X tanG - tan
2  

/O , i.e. at the point (of. Fig.!) on the facet
X 0 - tan 2 0I 0 tan20

from which the co-normal goes throtgh (X0 ,Y 0 ,Zo). Writing

- 0- X (A-6)

tan (A-7)
- tan 0

am ( m+n,,4({ f + P sin 01 cos 0, YP cos 2 0 - Xf sin 0 + o)) in m0 ) (A-8)

f f

Xf (Xo-T) sec 0 -P sin 0

Yf Y 0

*If not there are no problems with F(0) when 0 -* 0
vs
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this expansion is

tn-0~an(• - •)mnn

Pot t'(X,Y,P - X tan 0 + 0) - -min! (A-9)

m-O n-O

Now

LE (A- 0)
ay - )(I - tan 0)

and

n2 + 4y + -2/( tan20) -)2( _ tan
2

0) (A-il)

Hence from (A-3)

F~
1 )(y) - 2 201 OOnf an 3 + a2n T + } n nd

(I - tan2e)• n{ - Z) 2(• -

+ (A-I2)

22 n ,• r 3aona

F (2) (Y) 2 2 I 3O a 2n a+ 4n + n nndn(l-tn0•_2({ - r)3 b(• - Z) Tr~

(I-tan 0)1 n10 -

+ (A- 13)

etc.

The terms omitted outside the integrals, arise from our assumed discontinuity, for the purposes of

equatin (A-I), in 0' at the facet boundary. They will involve positive and negative powers of the value

of X - 2 tan 0 (i.e. • -Z ) at the facet boundary, and hence they will be well behaved when

(X tan 0 S0 provided the receiving point (XoY0,Z0) does not become, in the limit, a point on the facet boundary.

Assuming this is uct so, we find, on substituLing the above expressions for the derivatives of F(y) in

equation (A-5) and changing one of rhe integration variables, that

4 4 a On a2n nn d.

+-: + " d& 2-f 2 1 - 2 2 r2

Stan n-0 Z cot 0 If- & W -

+ terms well behaved at Z 0 (A-14)

Y0 0n d

F(yid• y 16 2- f 3
aOn a 2 n a 4 n+ n dn

2 n I (&Z- 4 2(• •)2 8 ...- Z2
3(1 - tan 0) cot ol '- n 0 -n

+ terms well behaved at Z - 0 (A-15)

where n0  tan0 Z)2 cot0 (A-16)

and so
2 2

no -
(A-17)

It is easil'" seen th.t

no

f n-dn - (n even) 1.3.5.... (n + l)nIT

2 2 (n + 1)2n2()

- (n odd) 0 (A-18)

and so the only discontinuous terms that appear come from:-
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dc d + terms well behaled at Z - 0 (A-19)
1 - 4 W 31 cot I3

c 2-d0 3 - ran t0 + terms well behaved at Z 0 (A-20)co 01 - 0) 31T cot 01

o dc I c + terms well behaved at Z 0 (A-21)i~; _. T1• )2 I•cot 6l

Consequently

f + 0(0) + terms well behaved ar Z - 0 (A-22)

0 Y l - tan2 0 I i
Yc

f F(y' y 16i a0  ran
3

0I ta'n 3 2 (1220 - tan2 0)a02 - a20}]

0 y 3(1 - tan20)O 21Z0

"+ 0(T) + terms well behaved at Z = 0 . (A-23)

the phrase "0(Z) ý terms well behaved ... " is used to indicate the fact that these temaining terms do not
iticlude any term which is discortinuous at - 0 . The terms represented by 0(e) may include for
example ITl.

Putting these expressions in equation (A-4) and substituting for the values of the i.oefficients* a
finally gives

r 7T tan 02 sgn () - tan 0 + 0(Z)
r3i) - - I-tan20 (ax an

+ F()(0) (A-24)

{ -ta20 (Z.) ( • •_' O (
(2 ) I W tan 2 4' + tan 0 sgn (i .- •z tan )+ 0() (A-25)

Similarly one can show that

F n sen 0-. (Z)4, + 0(Z) + FO (0) (A-26)ra 20 r3

() -X --- 4- tan 0 + 0(Z (A-27)

Zr 5  I- Iii sn 
-

F (n) Fn)(0) + 0(2) (A-28)r3

and

ZF = sgn (Z) + (Z)} (A-29)

* Oo - 0 - tan 0

- *'(X0 ,Y0 ,r - x0 tan 0 i 0) - ir - 4-- tan 0 + 0(
2 )

etc.
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Appendix 2

THE INTEGRALS W
inn

The integrals W) , defined as;-

( 11*' )c Ym+ l,n

w(s) f r dyran •r dS,1 (A-30)

(n-i7e /2 +-- 22( 20
j.1 y-Jr.2 + 4v + Z-2(1 - tan26)

where 4 .( (M C + i2/0 tnG)- {n0) n .2f - tan2 6) (A-}3

can be expressed in terms of the integrals
x I

,(x) d dv (A-32)

_x V 2 F2
u V v• + V+

Thus

Wn R (s) - Rn (Y m)In (A-33)

nM
where R(s) (y) 2- TS ( - ') I (Y 0

Y2y 2y171 •tan 20) (A-34)

=0 (y 0)

For B ; 0 the required T (x,$) are given by the following expressions:-

T (x,B) = 
2x .+ + x log x

2  
-I -2 tan- (A-35)

•:•2+I•2 + 82 2 + a2 2r~~+.~ +2 +2 62 J+

1 3 (x,8) - x + I I tan-I x (A-36)

S2�+ I 2+ 1f , + x +6

T(x,a) X +O - - -- +- a + -~ x -2 (A-37)ST 3) 2 32 + a - 2 + 82 x2 + a2

For S 0 we Lave

T 1 (x,0) = log xlog I+ (A-38)

T3 (x,0) =- log X+ + x+l (A-39)

J + (X2 2)

ST5 (x,0) - [ log x + + - A (A-40)

There is no point in substituting these expressions (A-35) to (A-40) in (A-33) and (A-34) to get general
expressions for the W(S) . It is however, of interest to look at the WOO) (ItisofinerstW 0  since these illustrate the

mn 0

analysis of Appendix 1. For this purpose we might as well take c = I . We then have:-

(a) For W - 0

W (1 log 1+rl
00 2
00

F

-8X (5 [2 r log (I- + /

= -8 ~w
0 3 9
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(b) For Z-0

00 J~1
2 01 + 02* 1+1-2b a O~bl(-2

WO) .log 1 + 20, log tan (A-42)

W (3) . 8 tan- i -1 8log +'21 (A-43)
00 ibl -0Ib 0 0 j

W\5) 32 ta 1n- I 0 11 3 02' 32 log (A-44)
7b 0b1 0A2 If 3b C3

13 I

where 0 I= F -+i7T .
02 5 I 1 + 1b + 4b2

•3 =•I +4b2(A-45)

04 2(1 lb!)

b M 6 (A-46)

Expanding the expressions, for Z • 0 , in terms of b one then finds

W60 . (I)(0) + 0(Z) (A-47)

=(3) 47F - tan 20 + W(3)(0) + 0(z) (A-48)

23
(5) .167(I - tan 6)2 (5) + 0(Z) (A-49)

Wo0 32 2 1iZ o + O( )

It follows then, using equation (3-15), that the above expressions ((A-48) and (A-49)) confirm the first

ter=) in the expansions for F and F(O which were obtained in Appendix I (equations (A-24) and
r3 r5

(A-25)). The second terms in these latter expressions are not given by the (s) because of the assumpt.on

that (C €') is constant in a cellI- -1 tan 0 - sec 0
r 'a x f /
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THE PREDICTION OF BUFFET 3NSET AND LIGHT BUFFET BY MEANS OF COMPUTATIONAL METHODS
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SUMMARY

The design of aircraft penetrating the transonic flight regime is stron.ly influenced by the occurepce
of buffeting which can reduce the flibnt performance considerably. In order to reduce the amount of expen-
sive model testing computational methods, which are able to provide the project engineer ;ich buffeting

-. c: are -i - eq.fu! tool in tho fir2t Arig-n stup of an aircraft.

The present paper gives a review of methods which have be, , developed for prediction purposes for the
buffeting problem. The methods discussed are

- the method of Thomas for predicting buffet onset for wing sections including supercritica! airfoils

at higher angles of attack,

• the method of Redeker for predicting buffet onset for infinite yawed wings,

• and -he method of Proksch for predicting light buffeting for finite wings.

The basi- ideas of these methods are outlined and the application is shown in comparison wich experi-
mental results.

NOTATION

M Mach number cS length of separdted region equ.(1)

a angle of attack cL lift coefficient

Re Reynolds number based on airfoil c Bi buffeting coefficient equ.(l)
clord or wing reference chord p(x) pressure distribution

x coordinate along airfoil chord c pressure coefficient

n y/s dimensionless coordinate in 6 boundary layer thickness
spanwise direction of the wing

s half span of the wing H form parameter of boundary layer

wing area root mean square value of wing rootS w ng re bending moment

A 4s 2 /S aspect ratio

A wing sweep Subscripts

wing taper sep separation

t airfoil thicknessSB buffet onset
c airfoil chordSD design point

c wing reference chord S shock location

R wing root

1. INTRODUCTION

An important feature of transonic flow over wings is the occurence of buffeting which is usually more
severe than at low speeds due to the larger aerodynamic forces involved. Buffeting is the aircraft response
to rand >m aerodynamic load fluctuations associated with unsteady flow separation. For the transonic flow
regime buffet is closely connected with the :hock boundary layer interaction, which can either cause
boundary layer separation beneath the shock leading to a separation bubble or result in an early rear
"separatiin due to the increased susceptibility of the post shock boundary layer in an adverse I assure
gradient. Both typet, of flow separation lead to fluctdations of the aerodynamic forces stimulating the
aircraft structure. The aircraft structure itself acts as a selective filter for the excitation so that
spectra of vibrations always contain pronounced pea)-s at structural frequencies. The performance of an
aircraft thus might be limited by vibrations of the airframe, which can be strong enough to cause a rapid
failure of the structure.

Rigid budy modes may also be excited such as "wing rocking", "wing dropping" or "nose slicing" which
are highly undesirable mid lead to a degradation of the handling qualities. These effects belong to the
flight mechanical problem ar-a and do have a direct effect on controllability and the ability to hold an
accurate flight path. These problems are of great importance but they are outside the scope of this paper.
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As wing buffeting leads to severe limitations in the flight envelone of an aircraft treat effoxts i.)r
understanding the physical phenomenon and controlling its undesirable effects have been undertak-n in the
past.

The publications of AGARP on "Fluid Dynamic. of Airuraft Stalling" in 1972 [1], on "Aircraft Stalling
and Buffeting" in l973 [2] and the advisory report on "Ttic "fects of Bufffeting and other Tv•nsunic Pheno-
mena on Maneuvering Corrbat Aircraft" in 197- L s0ow lie great importance which is attributed t , this
problem by all people working in aircraft industry and research.

Because of the conplexity of this problem considerable emphasis is placed on buffet investigations,
experime•ialiy as well as by computational means. The target is to p-ovide buffet boundaries for designers
to establish the performance of an aircraft and to produce informations about buffet loads for stressing
purposes.

Typical results of buffeting boundaries for a fighter and a transport aircraft in a cL-M-diagramme
are shown in Fig. 1. For the fighte" aircraft boundaries are defined by buffet onset, corresponding to the
beginning of boundary layer separation. Light buffeting is defined by the first appearance of sizable
vibrations being noticed by the pilot. Moderate buffeting can be said to represent a boundary for the air-
craft arting as a stable weapon platform, that means this boundary is tho limit for the pilot fulfilling
his tracking tdsk. The boundary denoted by heavy buffeting is given by stru,,,-ural limits.

For the fighter aircraft the margin to moderate buffeting represents the manoeuvrability in terms of
"n.g" instantaneous pullup or in turn rates. The factor n will be in the magnit.de of n = 5 ... 6,
depending on the combat aircraft.

For the transport aircraft other requirements have to be applied. Buffet onset is defined in the same
way mentioned above. The cruise point of the aircraft has to be kept away from the buftet onset by a 1.3.g
margin in order To allow the aircraft to cover light manoeuvres. During a normal cruise, the aircraft may
encounter a strong gust, which ca-zvies the aircraft beyond the buffet onset boundary. Therefore, a 1.6.g
margin from maximum penetration, ,r a definite gust velocity, must be applied to provide a safety margin
for the aircraft structure.

From this figure the requirements for predictions methods for the buffeting problem are clear. For
the fighter aircraft the moderate buffeting boundary is the main interesting feature giving information
about the manoeuvrability of the aircraft. The intensity of the vibrations of the airframe has to be known.
For the transport aircraft thp buffet onset boundary is the interesting parameter which influences the
performance of the aircraft considerably.

Several methods have ben, developed to solve these problems. Wind tunnel test methods on rigid models
have proofed to gi re togethsr with correlation functions for the large scale aircraft reasonable results
about buffeting. More expensive are model tests on dynamically scaled elastic models which can be used to
predict vibration levels and buffet loads. Response calculations for the aircraft structure are performed
using tne statistical analysis proposed by Liepmann with the aerodynamic input from unsteady pressure
measurements on semi-rigid models. Flight tests are performed to check these methods and to gain more in-
sight in the physical p.'enomenon.

All these methods give valuable informations about the buffeting problem, but they are nct suitable
for the first step in the design of an aircraft, e.g. for selecting win'. sweep angle or the shape of the
airfoil.

Therefore, a computational method which is able to provide the project engineer with buffet bounda-
ries is a useful tool in the design process. Considering the complexity of the buffeting problem a complete
solution seems to be a hopeless venture.

Therefore, the problem has to be simplified resulting in models which can be handled by computational
methods. Such methods have been built up by Thomas/Redeker [4] for predicting buffet onset for airfoils and
infinite yawed wings and by Proksch [5] for estimating light buffeting for finite wings.

The present paper gives a short description of these methods and the application is shown.

2. THE METHOD OF THOMAS FOR PREDICTING BUFFET ONSET FOR AIRFOILS

As buffeting is closely connected with unsteady flow conditions as flow separdtion and shock oscilla-
tions, a treatment of this phenomenon with an unsteady method seems to be adequate. This is true for flow
conditions beyond buffet onset, where unsteady pressures act on the airfoil. Considering buffet onset only
a steady approach can be justified looking at the physical background and the model which will be used.
Such a flow model has been postulated by Thomas [6j and has been successfully used for predicting buffet
onset for airfoils [4] and infinite yawed wings [7].

After 'thomas shock boundary layer interaction takes place in such a way that the shock itself causes
no bourdary-layer separation at the foot of the shock. The boundary layer remains still attached but is
already near separation in consequence of the strong ad" .rse pressure gradient. The following adverse
pressure gradient between the shock and the trailing edge will lead to a rear separation. With increasing
Mach number or increasing angle of attack the rear separation will move from the trailing edge further up-
stream. This model of the shock boundary layer interaction is one of the various possibilities shown by
Pearcey [8]. The formation of a separation bubble beneath the shock which will often occur is neglected
and it is assumed that the rear separation is of major influence. With this flow model a numerical treat-
ment under certain assumptions is possil.le.

If we assume that the pressure jumps accross the shock is spread due to boundary layer effects to a
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strong adverse pressure gradient over three to five boundary layer thicknesses as shown by Gadd [9], con-
ventional bcundary layer methods can be applied to calculate the development of boundary layer on transo-
nic pressure distributions with shocks.

As buffet onset is defined by the beginning of flow separation this boundary can be established from
boundary layer calculations on transonic pressure distvributions. After Thomas buffet onset starts if the
point of rear separation coming from the trailing edge has reached 90 % of the airfoil chord in his cal-
culations.

The criterion of 90 % location of rear separation has been established by comparing the calculations
with experimental results.

The process of estimating buffet onset is schematically shown in Fig. 2. For a set of angles of attack
and Mach numbers in the range where buffet onset is expected transonic pressure distributions have to be
calculated. This has been done in the original paper by the empirical Sinnott method [10] , which now has
been replaced by the method of Bauer/Garabedian/Korn Lii . To these pressure distributions the mentioned
assumptions on shock boundary layer interaction are applied and boundary layer calculations are performed
using the integral method .f Wa1z [12] . With the criterion of buffet onset - rear separation at 90 % of
airfoil chord - buffe. onset can be established. With this method reasonable results have been achieved
in the past [4].

The process described above has beei, improved in the last years [ill . The progress in the treatment
of transonic flows has lead to new airfoil shapes, known as supercritical airfoils. These airfoils charac-
terized by a large supersonic region on the upper surface with a shockfree isentropic recompression to the
trailing edge near the design point give better aerodynaric characteristics in the transonic flow regime.
Compared with conventional airfoils the drag rise and buffet onset occur if we consider a constant lift
coefficient at higher Mach numbers or for a constant Mach number at higher lift c.efficients. These good
points will be used to design transport aircraft which operate more economically or combat aircraft with
improved manoeuvrsb~lity. Various experimental investigations on supercritical airfoils have shown that
a shockfree pressure distribution only could be obtained in a small region near the design point. In off-
design conditions shock waves will occur. Fig. 3 shows schematically experimental results for a supercriti-
cal airfoil in the neighbourhood of the design point, the pressure distribution of which is presented in
the middle of the figure denoted by aD and MN. If we decrease the Mach number M < MR at aD two
shock waves will occur due to the collapse of tRe supersonic region. Increasing the Mac. number M > MD
will result In one strong shock. The same effects will happen if we keep the Mach number constant M = Mn
and change the angle of attack. At a < a0 the supersonic region breaks down, two shock waves appear and-
at a > aD one strong shock occurs.

These effects may have undesirable consequences on the aerodynamic behaviour, especially on bufret
onset. Therefore, a method has to be used for the calculation of transonic pressure distributions which is
able to model this behaviour. The Sinnott method used in the original paper of Thomas is not able to repre-
sent these pressure distributions. Thus the method of Bauer/Garabedian/Korn is applied which provides rea-
sonable results for transonic flows. Another advantage is that also higher angles of attack can be treated.

To check this improved method the supercritical airfoil Korn No. I has been investigated. This airfoil
designed by Garabedian/Korn [14] has a shockfree distribution at design condition MN 0  0.75 and a D 00
with a lift coefficient of cL = 0.63. Experimental investigations were done by Kacprzynski [15] from NAE
Canada including buffet experiments. Buffet onset was detected by the beginning of strong unsteady fluctu-
ations of the normal force cN.

Fig. 4 shows a comparison between calculated buffet onset and experimental results in a cLB-M-dia-
gramme, where cLE denotes the lift-coefficient at buffet onset. The Reynolds number based on airfoil chord
is Re = 2.1x0 7�. The experiments marked by the full points are well represented by the calculated curve
up to high values of lift coeffi-Kent.

Fig. S shows the influence of modern airfoil shapes on buffet onset compared with conventional air-
foils. This figure contains buffet onset boundaries for three airfoils aýl having nearly the same thick-
ness of nearly 12 % cf airfoil chord. The Reynolds number is Re = 2.1xlO . Buffet onset for the NACA 001'
profile lies at very low Mach numbers and lift coefficienti. The second airfoil is of Airbus Standard,
that means airfoil like this has been used in the wing design of the European Airbus A300. The buffet
onset boundary for this airfoil shows the large progress in design research of high speed airfoils. The
third airfoil represents the Korn airfoil No. 1 from Fig. 4 which still has a better buffet onset boundary.

These figures indicate that with the improvement in predicting buffet onset reasonable results for
supercritical airfoils up to high values of lift coefficients could be obtained.

3. THE PREDICTION OF BUFFET ONSET FOR INFINITE YAWED WINGS

( An extension of the method of Thomas to the caase of infinite yawed wings has been described in [7].
The basic idea is the same as outlined in section 2 of this paper. This extension became necessary when

A swept wings were treated with the Thomas method using instead of the free stream conditions of the swept
Iwing those normal to the leading edge. The Mach number and the lift coefficient for calculated buffet

onset c.B converted to streamwise values by the cosine law of the sweep angle gave too optimistic results,
especial y for higher angles of sweep.

In ordier to achieve better results for swept wings the correct representation of the three-dimensional
bounddry layer had to be taken into account. For this purpose the boundary layer method of Cumpety/Head [16]
extended to compressible flows [7] has been used.
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The process of predicting buffet onset is as follows:

The inviscid tran-onic pressure distribution for infinite yawed wings can easily be derived from the
pressure distribution 'or the wing section normal to the ieading edge by applying tho cosine law. With this
pressure distribution, corrected for riscous effects in the shock region, boundary-layer calculations have
to bo performed with the three-dimensional boundary-layer method.

The Mach nuriber and the lift coefficient for buffet onset is then derived from the location of the
separation line on the infinite yawed wing. Buffet onset is said to occur - as in the rto-dimensional
case - if separation has reached the 90 % line of the wing.

Fig. 6 shaws two examples of calculated results taken from N]for swept wing aircraft, which were
obtained fror. calculations for the infinite yawed wing having the same sweep angle at the quarter chord
line of the finite wing.

The prediction method briefly outlined in this section is restricted to wings with moderate to large
aspect ratios, e.g. wings for transport a~rcraft, for which the flow on the main parts of the wing behaves
like the flow on an infinite yawed wing.

The occurence of a complicated shock pattern on the wing surface in off-design flow conditions limits
this methods to low angles of attack or low lift coefficients.

4. THE PREDICTION OF LIGHT BUFFETING FOR FINITE WINGS

A new approach to calculate light buffeting has been published by JOnke et al. [173 and Proksch [5].
The method, applicable for finite wings, is based on the idea of Thomas to conclude from boundary layer
separation on the buffeting behaviour. As finite wings are being considered the criterion for the buffe-
ting boundary as given in section 2 and 3 has to be replacer. by a net one taking into account the different
spanwise loading of the wing. For this reason a buffeting coefficient c . which can be calculated as
shown later is defined which is directly related to the root mean squareBtrms) vzlue of the wing root
bendi'ig moment 2 which has been proofed in experiments on rigid models to be a good indicator for
buffeting [181 K

1

I - R~n 2
l)Ci c (n-nR ) do n" r

nR

This equation is established by assuming that the fluctuations of the wing root bending moment are
proportional to the integral evaluated along the wing span of the product of local lift fluctuations and
the distance from the wing root (n-nR). A further assumption is that the local lift oscillations caused
by flow separation are proportional to length cS(n) of the separated flow at a spanwise station of the
wing.

The linear relationship from equ.(i} between 4 anj c'. is proofed by experiments which are
shown in Fig. 7, which is depicted from 5 For a 12M thick wing of aspect ratio A = 4.8, sweep angle
of A = 350 measured values of 2 19 were taken at cL = const. for several Mach numbers and
plotted against calculated c B-valuesN It can be seen that up to a value of c.Bi 0.1 a linear depen-
dence of cBi from ZEN is established.

The most important fact for prediction purposes is that the cBi-value can be evaluated by applying
proper numerical methods. The calculation proc~dure for the buffeting coefficient cB. has to start with
the calculation of the transonic pressure distribution on a finite wing for a set of angles of attack and
Mach numbers. This was done in [sj by using the RAF-Standard method with the local lift curve slopes from
the two-dimensional method of Murman/Krupp [20]. This provides the effective angle of attack along the
wing span, with which the actual pressure distributions at several spanwise stations are calculated by
the Murinab/Krupp method.

As methods for- calculating transonic pressure distributions on finite wings have become available
,1] , t;.is calculation step can be improved now.

To evaluate equ.(1) the area of separated flow on the wing has to be determined by boundary layer
calculations. In L51 the quasi-three-dimensional metnod already mentioned in section 3 has been used at
several spanwise stations. This step also can be improved by applying a full three-dimensional boundary
layer calculation method. The result of the described procedure are lines of constant value c.Bi plotted
in a c. -M-di ramme, as shown in Fig. 8 for the Bell XS-l aircraft. These lines are compared with flight
test results 22). The buffet boundary of the flight test was determined by time-history recordings of load
fluctuations, as indizated by strain gages mounted on the wing root and in addition by measurements of the
acceleration, oscillations at the center of gravity. The minimum acceleration detectable on the accelero-
meter records was approximately ± 0.03 g,

This val-ie can be interpreted as light buffeting The lines of c * const. show the same trend as
indicated by the tlight tests and it can be said that a value of c NO.08 to 0.1 will coincide with
the measured light buffeting boundary.

Another calculation is shown in rig. 9 for a wind-tunnel T..roel of a 12 t thick 350 sweptback wing, for
which buffeting intensity measurements have been carried out [23J. The calculated lines cBi = const.



22-5

represent reasonably well the measured curves of o! const. The lne c. 0.1 coincides with the
boundary of light bu.ffeting. The comparison in these two figures srow that a value of c Bi 0.1 seems
to be a reasonable criterion for the boundary of light bu/feting.

The limitation of this method is reached if the linear relationship from equ.(l) between the B.
value and 4' is nc longer valid. Fig. 7 shows that with increasing Mach numbers the deviation from
the st.,aightMline occur at decreasing values of c .. The reason for this behaviour is the fact that the
flow separation has reached the shock and cannot mo~e further upstream, For this case the length of th.
separated region is no longer proportional to the strength of the force oscillations. This occurs especi-
ally at higher Mach numbers where the shock position is located in the rear part of the wing.

Another limitation results from the numerical method used for the calculatioi. of the c B-value. The

relaxation method for calculating the transonic pressure distribution is based on the transonic small
perturbation equation. which is restricted to low angles of attack.

To ove'come these difficulties a semi-empirical method has been developed combining calculated results
with experimental data derived from a lot of published buffeting experiments. In [51 workingplots for the
estimation of light buffeting have been established. This treatment is well documented in [5J and should
not be reported in this paper.

5. CONCLUSIONS

In thib paper computational methods nave been outlined which are able to provide the project engineer
with data on buffeting boundaries for buffet onset and light buffeting. The methods described are valuable
in the first design stage of an aircraft and can reduce the amount of expensive model testing.

By incorporating an advanced method for the inviscid transonic flow computation the method of Thomas
for predicting buffet onset for airfoils has proofed to be valid for modern airfoil shapes and higher
angles of attack. The extension of the Thomas method to infinite yawed wings has become less important
due to the new approach of Proksch for predicting light buffeting for wings of finite aspect ratio. This
method has been checked up till now only by few calculations and more comparisons with wind tunnel and
flight test results are necessary to determine the range of applicability. It should be improved by the
incorporation of the advanced inviscid and viscous aerodynamic prediction programs which are available
now.

All methods are based on boundary layer calculations with inviscid transonic pressure distributions.
The further development of the buffeting prediction rethods should be concerned with prediction iethods
for viscous transonic pressure distributions with better models of the shock boundary layer interaction.
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PRELIMINARY EVALUATION OF A TECHNIQUE FOR PREDICTING
BUFFET LOADS IN FLIGHT FRCM WIND-TUNI.EL MEASURE-
MENTS ON MODELS OF CONVENTIONAL CONSTRUCTION.

G F Butler and G R Spavins
Aerodynamics DepartmentRoyal Aircraft Establishment,BedfordUnited Kingdom

SUMARY

A technique is described for predicting buffet loads in flight from wind-tunnel measurements of the
response of models of conventional constiuction. The rms response and damping ratio in each mode are
used to calculate non-dimensional buf'et excitation and aerodynamic damping parameters, which can be
used in combination with tile aircraft structural damping to predict the buffeting response under flight
conditions. Results are presented from wind-tunnel tests on a model of a small combat trainer aircraft
and predictions made using these results are compared with flight measurements. in addition, some
remarks are made on methods for determining rms response and damping ratio from accelerometer or strain
gauge si(nals recorded under buffeting conditions.

NCTATION

mean chord R(T) autocorrelation function

f frý'ouency S wing area

f 0 undamped natural frequency V flow velocity

h mode shape function X(t) generalised aerodynamic
excitation

m generalised mass a angle of incidence

n non-dimensional natural frequency randomdec function

q dynamic pressure total damping ratio

t time ra aerodynamic damping ratio

z(t) generalised coordinate 4s structural damping ratio

z randomdec selection level P air density

CN normal force coefficient o rms acceleration

E non-dimensional buffet excitation parametcr T time delay

G(f) power spectral density function angular frequency

11(w) transfer function o undamped angular naturalfrequency

K non-dimensional aerodynamic damping parameter

I INTRODUCTION

The behaviour of aircraft under buffeting conditions has become increasingly important as a factor in
the process of aircraft design and there is a continuing need for improved techniques for predicting
buffet loads from wind-tunnel experiments, particularly early on in project developmenl. 2 Two funda-
mentally different methods of predicting buffeting intensity in flight are often used. ' In the first,
measurements are made of the pressure fluctuations on a nominalUj rigid model. These are then used to
calculate the dynamic response when these pressures act on the flexible aircraft structure. Major
disadvantages of this approach for general use lie (a) in the sophisticated data handling and analysis
techniques required to correlate the unsteady pressure data before the buffet excitation can be
extracted and (b) in the need to estimate aerodynamic damping. A more direct method of predicting 3
buffeting response in flight is to use aeroelastic midels with scaled structural and inertial properties. 3

Besides being expensive in model manufacture, this method has the disadvantage that the models are not
usually strong enough to be tested at high enough Reynolds numbers to encure similarity of model and full-
sc le flows. In addition, the model cannot be designed until the structural and inertial properties
of the aircraft have been defined in detail. In other words, not until a late stage in the development
prograsme.

Recently, Jones4 has suggested an alternative technique which is intended to give an indication of the
buffeting behaviour of an aircraft early on in a project. It involves the measurement of unsteady
accelerations or bending moments on a wing of solid construction of the type normally produced for
conventional "force" tests. An outline of the approach is given below and illustrated in Fig. 1. The
method is described in more detail in Section 2. If each mode of the model is assumed to behave as a
vingle-degree-of-freedom mechanical system, the response of the model under buffeting conditions can be
analysed to give a measure of the aerodynamic excitation and the total damping ratio. The latter
comprises uoth structural and aerodynamic componen's, and since the structural damping of the model
can be measurea in a wind-off resonance test, the aerodynamic damping can be extracted. The buffeting
response of the aircraft can then be predicted using values of aerodynamic excitation and aerodynamic
damping scaled from model tests, and either e timated or measured values of aircraft structural damping.
In general, a conventional wind-tunnel model has modes of vibration which, for the lower and more
important raodes,are similar to those of the aircraft and, in principle, the technique can be applied
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to all aircraft modes which can be reproduced on the model.

An important requirement is that the structural dampinF of the model should be low, thus tillowing the

aerodynamic damping to be estim, ted fiom the measurements cf total damping wLth reason'role *ccuracy.

In general, for wind-tunnel tests o! conventional steel models, the structural damping is predominant,

in contrast to the correspcnding flight conditions, where the m.,jr damping, component is usually6of

aerodynamic origin . Recent measurements of buffeting or. .teel and magnesium delta wing molels,

however, have shown t.a,.t significant levels of aerodynamic damping can be measuici under tunnel crnditions,

provided the model and mounting are constructed with as few Joints ac possible, o a5 to rinimise

structural damping. In ýddition, since the level of aerodynamic damping is inversely 1roportional to

the density of the model , a magnesium or light-alloy model will give, in general, a Freater aerodynamic

dnmpinr component than one made of steel. In order tc evaluate the prediction method proposed by Jores,

experiments have been carried out on a model of a smaLl combat trainur aircraft, so that buffeting

response •.nd damping predictions can be compared with measurements made in flight. These ceotc are

dibcusced in Zection 4. Before this, the preoiction method is described in nore det,,il "-n Scction 2,

while in .ection 3 some remarks are made on techniques for estimating the dampini, ratio from random

response records.

2 THE BUFFETING PRMICTICN IlTi1CD CF JCNES

In this Section the method of buffet i rediction proposed by Jones in Reference 4 is described. The
aim of the analysis is to find a nondimen. icnal represertation of tli important aerodyn•,mic paramneters,
so that measurements of these parameters in the wind-tunnel can be used to predict buffeting response
in flight. Jones nsounes a linear ftrced-vibration model and considers the equationas governing the
re.rponse of a flexible wing to the unsteady excitation &.,_ociated vth flou: ses ratiunri. The ;evponse
in any f exible mode may be expressed as a function of time t in terrs of a i-eneralised coordinate
z(t), representing the displacement in thAt mode z nd generzlised aerodyonaic excit, tion X(t)
assumed to have no feedback from the %ang notion. (to obtain the diaplacement at an arbitrary point
on the wing, z(t) can be multiplied by the mode shape function h). The response in t.e ,ingle degree
of freedom mode is then defined by the differential equation,

md z + 2n dz + m W0 2z = X(t) (i•

dt2

In this equation, m is a generv~ised mass (which depends upon tha wing geometry, mode hope and mass
distribution) and the term m ro represents the structural stiffness. The undpmred natuxal frequency 000 0

(in radians s- 1) is assumed to Le independent of aerodynamic forces (stiffness and inertia). This
approximation, together with the neglect of aerodynamic couplinc between modes, appears on the basis
of experimental data to be accertab-e in rany practical buffetino situations, as lona, ,.' , te are well
away from regions of conventional flutter. The total damping ratio r is given by,

r = + r , (2)a s

where 4 is the erodynamic damping ratio and < is the structural dampirg ratio. filere a viscous
a 5

type of structural damping is assumed, although this is not essential to the anclysis). We now consider
the aerodynamic excitation term on the right-hand side of equation (1). We a .unze that the appropri te
length and velocity parameters for scalin, frequency are mesu, %u-ng chord c, ord flow velocity 7 and that
Reynolds number effects are negligible so that the mean squore fluctuating pressure scales with
(qS) , where q is the dynamic prespure and S is the wing area. If the power s.e~tral density GX(f) is

a. sumed to be approximately constant in the neighbourhood of the node natural frequency, f /1

then we may write5,

G X E2 ; (qS)2 ,

where E is a nondimensional aerodynrLnic pgareter, a function of wing incidence, ,Nach number and Reynolds
,,umber. A power-spectral density snalysisl of equation (1) then gives the rm acceleration 0.. associatedz
with the mode as,

a"z c--IES

This can be rearranged to give the aerodynamic excitation , rameter E as,

B = a12 no q

where no = (G W )/V is the nondimersional modal frequency. On the as-,;mption that iing-root bending

moment is proportional to wang displacemnt, an anrlogous parameter to ! rnay be based on a strain-gauge
signal. Equation (4) illikstrates the quantities required in a buffetinr prediction method based on
wind-tunnel meosurcments. ý'or an aircraft flying at given wing loading, speed and altitude, the
aerodynamic-dependent quantit.ea are E and ý. One method for the evowuation of E involves the
measurement of fn ctuating pressures on relatively rigid wind-tunnel models and t~he derivation .f the
generaliacls force oy means of cross-corrclition techniques. Atternatively, Jones 4 uggests tht t E
may be derived from wind-tunnel tests on the basis of equation (5) using models for which the rklevant

mode shape is apiproximately correct, but not nececsa:-ily aeroelastic models. To obtain E from equation (5)
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wind-turLnel measurements of the rmm acceleration and total damping ratio are required, 'ogether with a
knowledge of the modal frequency and generalised maso. We now assume that the porameter E characterises
the aerodynamic cxcitation in the mode considered f'r a given Mach number and incidence, and can be used
to determine thQ buffeting loads and response fcr the full-scale aircraft from equation (4). Again a
knowledge (f the aircraft modal frequency and goneralised mass is required as well as the total damping
ratio.

The total damping ratio under flight conditions can be estimated from the total damping ratio measured
in w)n-I-tunnel test, as follows. If the strctural damping ratio 4 for the model is determined in aC

wind-off resonance test, the aerodynamic damping ratio 4 can be determined from the measured totala
damping using equation (2). It slould be noted that tris step may be difficult to perform with accuracy
since the structural damping mal be a function of both mean and fluctuating lcad (see Section 1'.1.. For
attached flow, the aerodynamic damping force arises from the effective incidence oA Uhe wing due to its
vibration, and the corresponding term in equation (1) can be expressed in the form".

2m a o 1 = 2qSKV , (6)

where K is a nondimensional parameter which depands on the mode shape, the planform of the wing and the
(frequency-dependent) lift curve slope distribution over the wing. Although equation (6) has been
formulated for attached Ilow conditions, we will assume that it also applies to the aerodynamic damping
forces associated with separatcd flows. Hence from (6),

a mw V
0

and K = (8)qS

It is now assumed that the parameter K characterises the aerodynamic damping in the mode considered for
a given Mach number and incidence, and that once determined from model tests can be used to calculate the
aerodynamic damping under full-scale flight conditions from equation (7). By combining this with the
aircraft structural damping measured in a ground resonance test, an estimate of the total damping ratio
in flight can be derived.

The complete prediction sethod is sumnarised below.

(i) Determine wing area S and mean chord Z for model and aircraft.

(ii) Determine modal frequency wolgeneralised mass m, structural damping 4st and mode-shape

function h, from resonance tests on model and aircraft.

(iii) Measure rms acceleration or bending momentoat a point an the inp, total damping ,
flow velocity V, and dynamic pressure q, at a given Aach number and incidence in
wind-tunnel tests.

(iv) Relate o to o. in generalised courdinates using the mode-shape function h.

(v) Derive E from equatiun (5).

(vi) Derive K from equation (8).

(vii) Predict total damping in flight from equations(7) and (2).

(viii) Predict .-ms acceleration or bendin% moment at a point on the aircraft wing from
equatiýzn (4) and the node-shape function h.

3 RFEM.AZKS Gt- THE DET JlNATIOI 0' DAMPING FROM RANLM RESPONSE bld'NALS

In order to carr3 out the arzlyiis described in Section 2, the rms response and damping ratio in each
mode need to be extracted from the unsteady acceleromet3r or strain gauge signals recorded in a wind-
tunnel experiment. J.lthough the excitatioi parameter L is dependent only on the square root of the
damping ratio 4 , gross errors can still be introduced unless care is taken over its determination.
In additidn, the estimation of the small aerodynimic dampine component for a -teel model, where the
ratio of model density to air density ir high, demands that the total damping be -etermiinad as accurately
as possible. In this section, various methods for the estimation of damping ratio end rms veaponse
from random signals are dIscussed. The emphasis is on the practicel application of the methods,
although reference is -iade to theoretical _pects when required. While some of the simpler processes
can be carried out by analogue means, it is aesumed throughout that the random signals aive digitised
and that the analyses are perlormed on a digital computer. A random response signal, t 1rical of
buffeting, is shown in Fig.2. The curve itself is so variable that it is difficult to extract modal
information (ie frequenc", rms respor.se and damping) directly, although all tb• information is, in
fact, contained within this time history. For furLher information or the problem ,' identifying modal
parameters directly from random response records, the reader is referred to Referencer,10 and 11. In
general, however, some technique of condensing the info-mation into a more orderly format is used, and the
three procedures which are applied most commonly (%£e Fig.2) are (i) power spectral density (ii) auto-
correlation and (iii) random decrement (randomdec)
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3.1 Power Spectra- Densit

The power spectral density 9et hod is equivalent to the rerponse amplitude nethod for discrete fretuus.y
excitation of the structure • The power spectrum of the response will exhibit a number of peaks
a 5cziated witl- the natural frequencies of the strusture. The rmis response in each mode c&n be evalu ted
from the area beneath the renpon. a peal: and the damping:, as with discretc frequency excitation, can bo
calculated from the bandaidth of the peak (ie the width of th, peak at ho, f its maximur. vilue). F,-r
well-,-eparated peaks this is possible in priziciple, but in practice it is difficlt to estar te the pe-k
value particulaily for aodes where the damping is small. The example showi, in 211 -3 ir taken fiom
.Reference 12 and the di faculty of estimatinjg the dsmping from thc bandwidth of the half-power i,oint can
be re Jily orpreciated. Various smoothing techniques' 3 can be applied to reduce the spikinese of the
3pectral poin.s, but experience has, hown that even thcrn it is dafficult to obtain consistert ctinates
of danpirf. Hence, althouh th, power spectral density function is useful in giving a broad p,cture of
the modal frequcncies and responnes, the method cannot be recrmmended for obtainint reliable ustimates
of dampi:r ratio.

3.2 Autocorrelation

An alternative is to form t:.o one-rided utocorrelation function R( T ) of the randor. response. (On'-
Lided in this context means that the ord-naten of the function are zero for negative values of T ). For
irolated modes, it may be shown7 that the autccorrelation function of the random response h,%s the same form
as tne free-vibration decay curve of the system with an initial displ ýement. The dorping ratio can be
determined from the rate of decay ard the mean square response I given by the initial vue R(C).
Provided the modes are well separated in frequency, each mode can be i. ol-,ted by filtering the original
tire hi-tory. The modal parameters can tlen be determined by forming thc. autocorrleation furction
vrid treeting this as a single-degree-of-freedom decay. The advantage of this method of ,nalysis
is that the damoin- ratio crn be determined oy a linear least-squares fat to the logaritHic peak values
(see Fig.4a) and any distortions will show up as a departure from linearity in the decay. Two
difficulties car. occur with thi: basically simple approach, which may mean that the rms response C7 and
damping ratio 4 are estimated incorrectly. Firstly, if there is noise at thq, measurement end of thc
system, the autocorrelation function wall be increased for small values of T ",4. This will give
artificially high values for both damping and rms response. The effect car. be minimised, by ignoring
the first few peaks when neasurinr the decay. Secondly, -,f l.o nodes lie close together and if the mode
of interest hrs not been i!olated completely by filtering, tre autocorrelation function can exhibit
beating between the two modal contributions. An example of tlis i.- ihown in F.g.4b. If there is
sufficient time-delay T in the fanction, experimental data in this form would simply indicate the
preencae of more than one mode. if aata is only available over t :horter tame-delay, howe:er, the
function would indrcate erronecusly a sinigle heavily damped mode. A combination of the two effects
outl'ned above csn !eat, to a gross over-estimation of the dampins ratio. In spite of these difficulties,
the determinrtaon of damping from the decay of the single-degree-of-freeaom autocorrelation function
is one of the most reliable methods. Its main advantage as that it presents the damping information
in a linear form anu consequently the liser can see ýQmedaately whether the decay is uniform. Finally,
a word about the convergence properties of the autocorrelation process. Tl'is is dealt with in tatistical
terms in Reference 13, where it is shown that L0e number of cycles of random response in the mode
concerned, which are needed for a specified level of confidenco in the signature *o inversely proportional
to the dLMpinC ratio. In general, the theo-etical epproach tends to over-er timate the length of
record reeded for convergence in Practical terrs. in T ýctice it is usually found that a record length
of 1000 cycles is mu!ficient to ensure th,. for values of damping ratio between 1% and ,• critical,
can be decerminated to within 10%.

3-3 Randomdec

The third method of reducing the raiid'm response data is to form the "random decrement" or randordec
functionl 2 defined in Fig.2. This may be regarded as a bimplifiicacion of the autocorrolation lrocess
described above. The randomdec procedure consists of averaging segments of the random time-history, the
initial point of each segment being taken to be the point at which tie curve crosses a pre-defined
selection level z . Each segment of the random time-history is antumd to be formed by the superposition
of a rtep responsA, o, impulse response and a random response. Colel2 argues that for the given selection
level, all of the step responses are the same, whereas the impulse responses have initial slopes with
"alternate signs. Consequently, when a 1 irge number, , segments are averaged, only the step response
remains, since the impulse and random response vill verage to zero. Cole shows, in fact, that for a
linear .ingle-degree-o!-freedom system, to a , 9.65 confidence level, the randomdec function has the 15
same form as the free vibration decoy curve with an in.tjal displacemcnt. In an earlier paper, Cole
applied similar heuristic arguments to describe the autocorrelation process, which can be shown
analytically to produce a function which iL related to the free decay of the system?. The random
decrement analysis then follows as a implification of the averaging procedure inherent in autocorrelation.
For a linear single-degree-of-freedom system, the randomdec and autocorrelation sagnatures rat effectively
identical and either can be used to detorm:ne the damping ratio. When randomdcc is used, the rms
respon~se ia deterrined in a separate calculation aid it is usucl to set Lhe selection level z to this
value. With autocorrelation, the mean square response is given by the initial value R(C). Fos a multi-
degree-of-freedom system, the situation i not so clear cut. Heron et all show that as long as the
exciting forces for each mode are uncor.'elated, the autocorrelation function of the random response will
yield the correct modal parameters. On the other hand, Cole 1 2 claims that for two degrees of freedom
(and by imdica•ion for more than two), the randomdec and autocorrelataon functions are distinct, and
that randomdec gives a better representation of the free vibration decay of the system. Practical
experience of applying both methods indicateL that there is very little difference between the functions
for multi-degree-of-freedom buffeting data. The main advantages of randomdec over autocorrelation are the
speed of computation and convergence. The computation speed increase is a direct result of the fact that
randomdec involves a summation of the time-series points whereas autocorrelation involves a summation of
products by pairs of points. Even when the autocorrelation function is computed by Fast Fourier Transform
(FMT) techniques 3 , rather than the direct lag;Rroduct method, the randomdec process is again usually
faster. Ly computing practical examples, Cole"I shows that the convergence of randomdec is directly
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related to the damping ratio, and hence randomdec converges very rapidly for lowly-damped systems.
For systems with a damping ratio of greater thar 1,% critical, practical experience indicates that both
randomdec and autocorrelation converge at comparable rates.

3.4 Multi-degree-of freedom systems

In :"ection 3.2, the behavicur of tLe au'ocorrelation function when more than one mode is present was
difcussed. Often the unwanted mode can be eliminated by adjusting the filters on the signul, but
sometimes two modes occur with frequencies so close together that trey cannot be sep rated by filtering.
Alternatively it may be desired to obtain the response and damping in several mod,.4 from a single
random record without rUrning through the data sever I taie:- with dilffrent filter sett~ngs. In oath of
these in-tances, the autoco-relation or randomdec functinas (here fter •eferred to as response
functions) will no longer exhibit a straight forward exponential decay and a further dnrljydi step will
be needed to extract the modnal information. In this ,ection, we con-ider a number of methods which can
be applied to this problem. These fall under two general headings (W) time-domain processes and
('i) frequercy-domain processes. In the time-domain processes, the response function data is curve
fit to a sum of eyl-onentially-decaying sine waves, whereas in the Zreque.cy domain processes, the
raspon-,e function dbta are Fou rier-transformed and the resultant complex function, which nas many
pi'operties in cnmmon with a rulti-degree-of-freedom transfer function is curve fit to a sum of sir le-
'egree-of-freedom transfer fuictions. Of the tim•-domain procedures, that of Wilcox and Crawford1

applies only to dual-mode systems and comprises an iterative least squares fit of two dampel sine waves
to thu responze function dat-. The user has to provide initial estimates of the modal parameters and if
these are not accurate enough or the response function dat" are distorted, the convergence of the
rrocess is not guaranteed. The method of Spitznogle and Quazi1 8 is more comprehensive, in that several
modes car Ve dealt with and nc initial estimates are necessary. The main problem is that the number of
modes actuplly identified is dependent on the leongth of the response function, rather than on the
number c, , ies actually present. In general, frequenc: domain methods for identifying parameters of
multi-mooe systems have found more favour. The misn reason is that for multi-mode systems the .ransfer
function data are easier to interpret physically than the orresponding resronse function (see Fig.5a).
This enables gome engineering judg ment to be use in guiding the curve-fitting routines. The enalysis
method developed by Skingle et al|% is based on tie Vector plot (a plot of real v. imaginary parts)
of the transfer function in which each modal resonance appears as ; circle (see Fig.Sb). The user
inspects the data, decides which modes are present and provides initial estimates of frequency and
damping. The modal parameters are then estimated by an iterative routine which finds the "circl us"
which can be summed to give a close approximation to the nriginal vector plot. Once again, if the
initial estimates arm poor or the respons3 function data is distorted, the convergence of the process
is not guaranteed. It should be noted that one advwntage of the vector plot representation ir that t
meastrement noise referred to in 3ection 3.2 appears 's a shift uf the circles relative to the orig~.n
An alternative approach is to fit a function of the form,

m rk r *

H( W) k -- + k
k=l 1 )4'iPk •a+Pk%

20to the complex transfer function data , where * denotes the ;omplex conjugate. The poles Pk are
given by,

5
'k •k

Pk . Wk4k + ik

where 0 .k' k are the natural frequency and damping ratio respcctively in the kth mcae. The =ean

square erpr between H(N ) anI the transfer function data is minimised using an iterative uptimisation
algorithmel. Again the user providis initial estimates of the number of modes ana the modal parameters
by inspection of the transfer function, but in this case the optimisation procedure always reduces
the mean ,square error so that conveigence i guaranteed, albeit very slowly at times. A good idea of
how well the optimised function fits can be obtained by superimposing plots of the optimised transfer
function and the original data. This approcah is currently being implemented at RAE to facilit,-te the
analysis of buffeting response records containing contributions from several modes.

4 FLIGHT/TUNNEL COMPARISON CF BUFFETINC FOR SMALL COMBAT TRA:NFR AIRCRAFT

In order to evaluate the p-ediction method described in Se'tion 2, tests have been carried out in the
8' Y 8' Wind Tunnel at RAE on a half-model of a small tt~o-jeat combat trainer aircraft. The wing, which
was machined out of a solid block of aluminium allov, w*e attaoc:.d to a steel root-block and thence
to the balance by an arrangement of pre-streaced brlts, k'non t., have low structural damping. The
wooden fuselage was mounted inlependently on an earth-r-nSg aurrinding the balance. The fin and tail-
plane were not represented and the intakes werei f ý Ile model was instrumented with eight
a'celerometers, six in the wing for dotermiu~iun re4ec 7 A.a t-io in "be fuselage, one at the nose
and one at the tail. A wing-root-beiding-noment br•i1, ea_ n-o iitted, and four static pressure
tappings were used t, indicate flow separations st ,ýe w teatlln ; ýJg. The tests were performed at
three Mach numbers: 0.7, 0.8 and 0.85 over i PeyA4 nwo• range which was typical o! the full-scale
flip'ht tests. At each angle of incidence, a oao'•e ,.t .•qs of the transducer signals was recorded
on magnetic tape, giving about 2000 cycles at t1,e w-iC isme.tel bending frequency of 33 Hz. The
xseasurements were an, lsed on two Honeywell 316 compoteca (one .. 'itn 4K wcrds o! storage and one with 16K
words) which form part of the data handling system o the 8' x 8' Tunnel. The randomdec process
described in Section 3.3 was used. The analogue sigra.3 from r-agns.tic tape u-s filtered to isolate the
mode of interest, converted to digital form and sampled ba the 4K computer. 2he s-mple rate was cnosen
to give approximately 10 samples per cycle at the modal frequency. After anproxim tely 100 cycler. of the
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mode, the data block of 1000 ciycles was tranferred to the 16K computer for processing, while
sampling was continued b. the 4K machine. In this way L,. vcrage randomdec signature for a large
nu.nber of cycles was 'uilt up from the individual sigratures of blocks of data representing about 100
cy(les. In addition, ',• a suitable choi~e of tape replay speed and sample rate, it could be arranged
th.<t the on.lysis tirme for a bloc'- of data was le s than the sampling time for the next block, thus
ensuring that 4-11 of the orUinal analogue signal uani procesz ed. The damping ratio was estimated by

O linear regreqrion on tle logarithmic ducay of the peak amplitudes of the randomdec signature, as described
in Section 3.?. So far, the analysis oi the date for bcffeting response in the first wing bending mode
has been c.,mpl-ted. Results for rms wingtip acceleration and damping ratio ve. angle of incidence
are shown in Fig.7, for M =60.7 and ('yna ic pressures of 55.2 and 27.6 kV/m 2 , corresponding to
Reynolds numbers of 18.5x10 and 9.5x 10.

It can be seen that, in general, for a given angle of incidence both the response 0- and damping 4
are higher for the higher dynamij pressure. This is to be expected if týeoaerodynamic dampin;v is
predominant, in which case a- -p 2 and r - p , wherep is the air density 'J. At high incidense the rms
responso is virtually independent of dynamic pressure. The results for M 0.8 and C.85 exhinit
similar characteristics.

4.1 Determination of nondimensional parameters E and K

In order to make use of the wind-t'nnel data for the prediction of flti ht buffeting response, the
buffet excitation parameter E and the aerodynamic damping parameter K must be calcujated (see
Section 2). To deterrine E from equtltion (5), besides the model geometrical parameters, c and S, the
flow parameters, V and q, and the response parameters 0' and Z , we need to know t o, the natural

frequency and m, the generalised mass of the irode. These structural parameters were measured in a
wind-off re--nanceo test, in which the model was excited with an electromagnetic shaker. The natural
frequency of the node waý taken tc be the point of maximum phase-shift between the response and
excitption for equal frequency increments, a J the generalised mass m was determined directly by
co•siderin the chsnge in natural frequency L ae to th, ýddition of a : nal I mass to the wing2 2. The
mode -hope function h was also estimated by rneasuring the response at a grid of roints on the -. ing.

To dotsr.ine k fror equation (P), besides the btructural, flow and g ometrical parameters, we need
lo separate the total darji.ag, measured frcm the decay of the randomdec signature, into structural and
aerodynamic components. As noted in Zection 2, the ertimation of the aerodynamic damping ratio 4 a

from equation •2) Tay be difficult to perform with accuracy! nince the structural damping 1, not
necessarily constant and equal to the 'wind-off value. Previously observed variations in structural
dampi-g during buffeting tests9 ' 2 3 suggest that the structural damping term 4

can be expressed as a function of rormal force and rms response. Some indication of the
behaviour of 4ýS with response can be obtained from a wind-off resonance test, by varying the

excitation amplitude and observing directly the tructural damping for various levels of response.
Such a test will not be conclusive, in general, because (i) the winC will not be subject to a
representative aerodynamic loading and (ii) the exciter itself may contribute a damping component which
varies -4th response. For the data :.hown in Fig.7 the resonance test indicated an increase in
structural damiping from C.2 to 0.6% critical as the rms responre wa. increased from 0.1 g to 0.4 g.
Further information on the variatio,, of 4 with response and normnal force can often be inferred from5
the buffeting response and damping rreasurements. To illustrate this we c-asider the dat'• of Fig.?.
The .ini-tus-el measurements were carried out at two dsfferent Reynolds numrbers far %:,ich the
density ratio and hence the dyoaxtic pressure ritio was two. We would therefore expect that the
aerodynamic damping components would differ by a factor two also. In Fig.7, at low angles of incidence,
total daml:ing values of approximately 3% and 1.6% critical are consistent with the tunrel density ratio
end a structurev, damping of 0.2%. At high angles of incidence, total dampinE valuei of arproxirately
3.8% and 2.2% are consistent with a structural damping ratio of about 0.6%.

The siailarity of the response curves for both dynamic pressures in Fig.7 inc'icates th. t the inferred
variation in 4s is probably a f'inction of rms re, pense rather than normal force nd- the results of the

resonance test tend tL confirm this. For the data cf Fig.7 we therefore assume that the structural
damping rernins corstant at 0.0% up to buffet onset and then increases to C.6% at heavy buffet. The
extsiple above shows how results from resonance tests, and tunael results at different densities can be
combined to sepora e the damping, components. Similar arguments are involved in Reference 6, where
measurements at low incidences in the at~ached flow regime, and at high i.,cidences with the ing stalled,
are used to infer that the r.tructural dnmping component is constant.

In general the sep-iation of structural and aeredynomic damping coiponents is a heuristic process,
involving the resolution of information from a rnumber of aspects of th- measurements into a ccnsistart
framework. In the example given above tte aerodynamic damping ir much lacger than the structural
component and the separation is rel, tively strai-htforward. It should be (ophanised that with a wing
mode of steel, the aerodynamic compcnent would be ieduced by a fac~or of 3, whereas the structural
damping would be argroximately the srmL. The separation problen would therefore be subject to mach
greater uncertainty.

The values of E and K corresponding to the data of Fig.7 rnve been clculated 7nd are shown in Fig.8.
In thizi case E is plotted on a log rithmic scale to uhow that tý,e reduction of tne measurements to
nondimensional frrm hitis collapsed the rms resp-nse data successfully over most of the incidence range.
The difference in the two curves at high incidence may be nnticip:st-d fl,,m Fig.7, where the rsparsore is
virtualll independent of dynemic pressure at high incidence. This ma•y '•e due to scale effects on the
win- flows over the 2:1 iange in dynamic pre sure and hence in Reynolds number. It should be noted,
however, that thi: oucur At angles of incider.ce beyond those obtainable in flij;ht ind will, therefore,
net affect the flight/tunnel compar.;on. The curves for K against a show no significant variation of
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aerodynamicý damping with ncidence or dynamic pressure.

4.2 Predictiof of flight buffeting response and comparison with measurements

The curves for E cnd K (FiY-.8) have been used to predict the buffeting response in the first wing
bending mode for full-scale fli, ht conditions. The aircraft structural parameters w and m were

measured in a ground resonance test. The mode shape function h was also measured for the aircraft
ana found to be very oimilar to that f tne model. M:easurements of the variation of structurrl
deapinf i•ith response were also made, but no 3ifnificant variation wa. found over the rainge 0.1 to 0.3
g ins at the wingtip accelerometer. The aircraft stfucturrl damping was therefore assumed to be
constrnt rt the measured vwlue of 1.1k critical. Using equations (2), (7) and (4), the total damping
in the mode a d the ran resptonse at the aircraft nocclerometer position were predicted. In order to
fcilitate comparicon .,.Lh fli, ht rceults, the predicted rariation of these parameters with normal
for'.e coefficients, C, hms bee.. calculated and is plotted in Fip.9.

Also nhwn in Fi, .1i -i valuer obtain~d from flir-ht measurements. The aircraft was instrumented with
an accelerometo- ot each wir. tip (see iig.6) rnd baffeting respon-e data was obtained at Lach numbers
of -. 7, ().Z _,ed 0.e. 1., flight it waL. not possible tc hold Lach number, altitude and anFle of incidence
ccr.at~nt fcr -l'rge nimber of cycles of tnc wing bendi.n mode (12 Hz) and so measurements were made at
.on tanat incidence aiid Izch number with tat ,rcrnft losing; hcight. Oata was taren over three distinct
2.2titude ranges as shown in Fig.9. It was found that the 1,.ach number and incidence could be
held virtually constant for period of between 10 and 50 seconds, the higher the Mach number and
incidence, the shortir the time. As with the wind-tun:el measurements described earlier, the flight
d.,ta were analysed u ing tac randomdec technique. The flight damping values given in Fig.9 were
deternined from the -vexage randorrfdec signature for a number of runs, at the same condition,,, chosen
so ti.-.t _t lest 500 cycles cf the node were covered. Fig.9 indicates that the predicted damping ratios
agree very well with measured flight data, ran, ing from 35 r crical at the higher altitudes to 6%
critical at lower altttudes. In addition, it can be ,een that Uhe predicted variation of response
with normal force coefficient C is in good agreement with flight mcasu'ement6 over the "ntire
range of incidence for which a compcrison is possible.

5 CONCLUDING REMARKS

A preliminary evaluation of a technique .or predicting buffet loads or response in flight from wind-
tunnel measurements has been careied out, using a light-alloy half-model of a small combat trainer
aircraft. Comparison of predicxýed response values with flight measurements of buffeting in the first
wing bending mode indicate that both the rms response and the damping ratio can be Fredicted with
good accuracy. It is planned to extend the analysis initially to include response in the second
bending mode and poscibly other modes w;ich are common to both model and aircraft. The ability to deal
with a number cf modes will depend to some extent on the successful implementaticn of the model analysis
methods referrsd to in Section 3.

In addition tests will be carried out on a geometr-cally similar model with a ,.ing made cf steel
rather than light alloy. It is hoped that these will indicate whether the snaller response and
aerodynnmic damping component a sociated with the heavier model can still lerd to flight predictions
of acceptable accuracy.

Plans are also in hand for the generalisation of the appxoa.ýh to cover situations in which the mode
shapes on the model and the fu'l-scale aircraft are not ..ecessarily similar. One possibility which is
Lrently being explored is to use information about the extent rnd position of the separated flow
regions, to eliminate the mode-shape from the excitation function E and thus produce a mea.-ure of the
generalised unsteady pressure field over .hc wing.

It is felt that the initial results from the evcluation are sufficiently encouraging to tstify
continued dev'lopment of the method. In particular, the relative simplicity of the model construction
and analysis procedires make thi. approach p:rticula-ly sttractive for predicting buffeting
characteristics at an early stage of project development.
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QUASI-STEADY AND TRANSIENT DYNAMIC STALL CHARACTERISTICS
by

Lars E. Ericsson and J. Peter Reding
LOCKHEED MISSILES & SPACE COMPANY, INC.

Sunnyvale, California, 94088, U.S.A.

SUMMARY

Dynamic airfoil stall is characterized by two separate events: 1) There is a substantial overshoot of the static
stall angle and static lift maximum before bona fide separation occurs, 2) After separation has occurred, a "spilled"
leading edge vortex travels downstream over the chord causing large changes in the aerodynamic force distribution.
With some license the first event can be characterized as quasi-steady, whereas the second event is truly a transient
phenomenon. An analysis is presented which extends the earlier developed quasi-steady theory to include the transient
effect of the "spilled" leading edge vortex. The large effects of compressibility on the dynamic stall characteristics
are also accounted for in the analysis. The analytic results are in good agreement with available dynamic experimental
data.

LIST OF SYMBOLS

AR aspect ratio, AR = b 2/S dimensionless x-coordinate, • = x/c

b wing span P air density

c, c reference length: c = 2-D chord: c = S/b PN nondimensional nose radius, PN = rN/c

Ka dynamic overshoot coefficient, Eq. (1) wake lag, Eq. (1)

aak reduced frequency, 2k = • s stall-induced additional phase lag, Eq. (1)

L lift: coefficient CL = I./I(PaU2 )/21S w,w oscillation frequency, i = wc/Ua,

£ section lift: coefficient C Y (P. U')21 c Subscripts

M Mach number AC aerodynamic center

Mp pitching moment: coefficient Cm CG center of gravity, oscillation axis

= MI[(P. U2)/21Sc c convection

m section pitching moment: coefficient cm crit criticalpm

M /(Pw U2 /2) c2 DYN dynamic
p co

section normal force, coefficient cn e boundary layer edge conditions

= n/(P U2/2) c LE le'dIng edge

p static pressure: coefficient C MAX muximump

= (p - P) /(P, U2/2) N nose

Re Reynolds number based on chord length s stall

rN nose radius SLE shock-augmented leading-edge separation

S reference area STE shock-augmented trailing-edge separation

t time sp separation point

U velocity vs vortex shedding

v velocity ratio, v = Ue/Up w wake

X axial distance from apex of delta wing 1, 2 numbering subscript

x length coordinate along the chord undisturbed flow

y airfoil surface height Differential Symbols

St angle of attack ctact; a20
at 2

SA 
increment

17 dimensionless y-coordinate, 17 = y/c ct = a

0 angle-of-attack perturbation

65 ~ •m•w wm=
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1. INTRODUCTION

In a zecont review of the state of the art in predicting the aerodynamic loading on an airfoil during dynamic
stall McCroskey (Ref. 1) points out two main deficiencies; we can predict neither the large effects of the "spilled"
leading edge vortex nor the equally large effects of compressibility on the dynamic stall characteristics. The
"1"spi'led" vortex effect has been documented by MeCroskey ct al (Refs. 2 and 3) and by Hiam and Garelick (Ref. 4).
The 'arge effect of compressibility on the damping in stall has been demonstrated by experiments performed by Liiva
et al (Ref. 5) and by Moore et al (Ref. 6). lis the present paper, analytic methods developed earlier (Refs. 7 and 8)
are extended to include the "spilled" vortex effect and the effect cf compressibility thereon.

2. DISCUSSION

Dynamic airfoil stall is characterized by two separate events: 1) There is a substantial overshoot of static
stall angle and static lift maximum before bona fide separation occurs, 2) After separation has occurred, a "spilled"
leading edge vortex travels downstream over the chord causing large changes in the aerodynamic load distributie-.
The first event can be characterized as quasi-steady, whereas the second event is truly a transient phenomeno ,. In
earlier work (Refs. 7 and 8), only the quasi-steady phase of dynamic stall was considered. It was shown tha, ne-
glecting the transient phase was permissible when considering the airfoil damping in pitch, provided that the reduced
frequency of the pitch oscillation was small. The soundness of this analytic approach has been verified by later
results obtained ia numerical and experimental investigations (Ref. 9). However, McCroskey et al (Refs. I and 2)
recently have demonstrated that the occasions when the transient effect can be neglected arc probably rare and of
little practical consequence to the helicopter designer.

3. ANALYSIS

Comparing the larg6-amvAitude oscillatory data of McCroskey et al (Ref. 2), shown in Fig. 1, with the a-ramp
data of Ham et al (Ref. 4), shown in Fig. 2, one finds great similarities in tho "upstroke" characteristics. It appeara
that the first half cycle of the post-stall osc.illat!on in Fig. 2 is captured by the large-amplitude oscillation in Fig. 1.
It is discussed in Ref. 10 how the ramp data by 1tam et al (Ref. 4) are similar to those obtained by Lambcurne (Ref.
i1) at high subsonic speed where shock-induced flow separation is the prevailing stall type. In beth .;ases the sepa-
ration point is describing a pseudo-harmonic •scillation around a quasi-steady mean position in the low speed stall
case the separation point overshoots all the wi y to the leading edge in the first half cycic before a leading edge vortex
is "spilled". In subsequent oscillatory cycles the separation point does not reach aa far forward and the "spilled"
vortices become more diminutive (Ref. 3). Fig. 1 shows that it can be very important to include the transient "spilled"
vortex effect.

3. 1 Quasi-Steady Effects

McCroskey et al (Ref. 2) measured the plAse angle (wt) at which three dynamic events take place, viz., Begin
Moment Stall, cn MAX and -cyn Mp iv (Fig. 3). The first event should coincide with the phase angle (&t)vs at
which the leading edge vortex .s (ti:st) "spilled" downstream. The analysis method of Refs. 8 and 9 can be applied to
give this phase angle ( Et),.s. iq. (9) of Ref. 9 gives:

8 + Ka A0Ucos (wt)s = aO + 60sin(Pt--4)s)

= lw :o i5 < 0. -6

d 0.245 F > 0. !6

Cs= wspW

K =2 (1 + 2CG
a CG

For the special case ao as, Eq. (1) gives

K Z - sin (0+ 0)
(wt) = tan Cos (a +0) (2)

The test data in Figs. 1 and 3 are for a = 150. According to the available static data (Ref. 12) the stall angle
for NACA-0012 is Ns = 15.50 for an effectiv8 Reynolds number of 3.5 million. The test data in Figs. I and 3 are for
Re = 2. 5 x 106, and Eq. (2) should be valid within the expected data accuracy.

McCroskey et al (Ref. 2) showed that the dynamic stall for the data shown in Fig. 3 is for a turbulent boundary
layer. Thus, sp = 0. 75 according to our quasi-steady analysis (Refs. 8 and 9). For 4 CG = 0. 25, Eqs (1) and (2)
give the (bit)vs values shown by the solid line in Fig. 3. The agreement with the corresponding measured event,
Begin Moment Stall, is very satisfactory.

3. 2 Transient Effects

According to measurements (Refs. 13 and 14), the "spilled" leading edge vortex travels down the chord with a
velocity Uv = 0.55 UC0 . The phase lag, (At)vTE', corresponding to the time needed for the vortex to travel from the
leading edge to the trailing edge is simply

(AMt) vTE U/U)' = 1.8m (3)
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Adding this lag to (wt)vs gives the phase angle for vortex passage over tie trailing edge, which is shown by
the dash-dotted line in Fig. 3. It agrees very well with the measured phase lag for the occurrence of -cm MAX.
The moment should, of course, peak just before the vortex leaves the airfoil; and cn MAX should occur somewhat
earlier (Ref. 15). The test data in Fig. 3 indicate that the phase lag that should be added to (wt)vs to predict the
occurrence of cn MAX is approximately 70 percent of ('dwt)vTE. This estimate is shown by the dashed line in
Fig. 3.

With the phase characteristics of the "spilled" vortex phenomenon known, it remains to determine the magnitude
of the vortex-induced load before the full effects on dynamic stall characteristics can be predicted. The leading edge
vortex of the delta wing is very similar to the "spilled" vortex on the airfoil. Both cause a nonlii.ear lift increase
(Fig. 4). The shed vortex causes the dynamic overshoot of the infinite Reynolds number lift ceiling discussed earlier,
and the leading edge vortex on th ý delta wing causes an excess lift relative to conventional "attached flow" theories
(Ref. 16). The effect of both vortices on the section pressure distribution is illustrated in Fig. 5. For the pitching
airfoil, the res-lts by l1am et al. (Ref. 4) show the usual attached flow pressure distribution to persist well beyond
static ci, . This is due to the "spilled" vortex and its suction effect. The leeside pressuie oistribution on the
delta. VIrQLs6w•Nvs a similar sucton peak under the leading edge vortex (Ref. 17). Furthermore, both effects are
issociated with a flow field time lag (Fig. 6). Thus, the transient "spilled" leading edge vortex is the two-dimensional
time-dependent equivalent to the three-dimensional steady-state leading edge vortex -hedding off a highly swept leading
edge.

For a delta. wing with apex half angle OLE and center chord c Polhamus' leading edge suction analogy (Ref.
16) gives the following vortex-induced normalTiorce: o

Nv = q0 coc Isin cf (4)

where c (co/2) tan 0 LF (5)

The angle of attack normal to the leading edge is

I ta n-' (6)

The corresponding dynamic pressure qI as a fraction of free stream dynamic pressure, q , is

q /q . = sin c2 + cos 2a sin2 0 LE (7)

Combining Eqs. (4) through (7) gives the following average strip load:

Cn. = Nv/q 1 c- = r sin2  (8)

Eq. (8) should give an estimate of the normal force associated with the "spilled" leading edge vortex if otl is
substituted by the vortex shedding angle civs.

ts = ±s + K a AOicos (Wt)vs (9)

Static data show the lift Aciv lost with the "spilled" leading edge vortex (See inset in Fig. 7). Fig. 7 shows
that with AC~ v = cal cos As , Eq. (9) gives a rather good prediction of the measured vortex lift loss (Refs. 12

and 18).

Application of Eqs. (8) and (9) to the data in Fig. 1 gives a substantial unlerprediction of the experimentally
observed "spilled" vortex effects. The reason for the underprediction could be the following. The static data (Ref.
12) show a pre-stall loss of lift (Fig. 8). It is caused by trailing edge separation, which does not have time to develop
in the case of dynamic stall, due to the additional convective*tihne lag (Ref. 9). Thus, Ac*v rather than Ac, v should
be used (see inset in Fig. 9). The variation of the ratio Acis/Actv with Reynolds number, obtained from Fig. 8 for
NACA-0012, is shgwn in Fig. 9. The infinite Reynolds numler asymptote applicable to the dynamic stall case (Refs.
8 and 9) gives Act,/Ac, = 1.5. Thus, for the NACA-0012 airfoil at least, the value given by Eq. (8) should be
increased by 50 percent.

2Acnv 1. 5 7- sin 2, (10)

Combining Eq. (9) with the analysif. in Ref. 7 gives (IA)DNand cMXDNithfolwnfrm

n )DYN = (CaMAX Q. S. + Aenv

(nMA) Q.s.e " n esavs Ac ie

VF
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" (cMAX)DYN =(CmMAx Q.S.)+ Ac n(v

(12)

cn uc ( AC -G) - Ac

Acn and ACmr are the effects of pitch rate induced camber and apparent mass terms. It was shown in
Refs. 8 aMfd 9 that AeCn usually can be neglected, whereas Acems can be significant.

For the case usually considered, 4 AC = 4 CG = 0.25, Eq. (12) simplifies to

(CmMAX) DYN - Acms + Acnv (13)

where -Acms is a function of (cO/U.)vs =-A9:cos (wt)vs and (c 2 0"/U. 2)vs = -A0@ 2 sin (wt)vs (see Ref. 7).

Fig. 10 is Fig. 19 of Ref. 1 in which the old Lockheed prediction has been substituted with the present one that
includes the effect of Lhe "spilled" vortex. The figure shows good agreement between experimental results and present
prediction.

3.3 Rampwise a - ChAnge

In the case of rampwise a- change, Eq. (1) is substituted by the following equation (Refs. 8 and 9)

cvs = s + Actw + Acs + Aasp

Acew = ýw c&/Uý, (14)

Acs = Ka c&/U.

Act sp = %P (C&/U,4

and the equation corresponding to Eq. (3) is#

AavTE = 1.8 ca/U.o (15)

For the turbulent type leading edge stall occurring on most airfoils (Refs. 1 and 2), the following parameter
values apply (Ref. 9)

=w 1.5

Ka =2 (1 + 2 CG) (16)

p =0.75

The experimental results obtained by Ham et al (Ref. 4) are replotted in iig. 11 together with the angle of attack
variation with time. The angular rate can be approximated by two constant values, a slow rate of c&l/U, = 0.012
below Ci = 50 and a much higher rate, c& /U -= 0.043, for C'2 >5 0 . At ca = 50 the flow is attached, and the
total time lag before the new rate is influenc4ig the lift is simply the Karman - Sears lag (Ref. 19). That is,
Act = 1 5 ct/U. = 3.70. Adding this time lag effect to Ct1 = 50 gives the angle of attack, ae = 8.70, at
whig the higher anguilar rate starts affecting the aerodynamic characteristics. Due to pitch-rate-induced camber
and apparent mass effects, the attached flow lift curve will lag the static lift by only half the Karman - Sears wake
lag (Ref. 9). Thus, the lag is Actwj/2 = 0.50 for a<1 2 and aw2/2 = 1.90 for a >a 2 . To this attached flow
lift is added the "spilled" vortex effect as described earlier. The resulting predicted lift is shown by the solid line
in Fig. 11. It appears that aside from an a - zero shift of 2. 5 (in the apparent static reference data) the attached
flow lift characteristics are in good agreement with experimental results. Applying this ca - zero shift gives the

# Note that dynamic c max occurs after 70 percent of the phase lag ACdvTE as was discussed earlier.
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prediction shown in Fig. 12. T'ie agreement between present prediction and experimental results (Rcf. 4) is rather
good. In regard to the difference3, the following can be said.

Three-dimensional flow phenomena eun distort the "two-dimensional" measurements made in one chord-wise
strip using fast response pressure transducers, as in the present case (Ref. 20). The o -zero shift could have been
caused by such interference Fffects, although it, as well as the del ration between static and dynamic substall moment
characteristics, could also have been introduced electronicalhy during the data recording and processing. Moss and
Murdin (Ref. 21), who performed almost the same experiment f.s Hlam and Garelick (Ref. 4) conclude that their anom-
alous dynamic results were in large part due to the three-dimensional flow effects illustrated in Fig. 13. McCroskec
et al (Ref. 2) observed in their test "large three-dimensional interactions between the model and the tunnel-wall
boyndary layers", but found the effects to be decreasing with increasing k until they were effectively filtered out
and "could hardly bb detected for k a 0.15." Thus, the results in Fig. 1 and the high frequency results
(Ci -a 0. 3) in Figs. 3 and 10 are free from 3-D flow interaction effects. However, the lower frequency results in
Figs. 3 and 10 as well as the ct -ramp data in Figs. 2, 11, and 12 presumably all would have been influenced by the
airfoil - wall flow interaction. Of course, it may accidentally happen that the end plate vortex in a two-dimensional
test supplies venting of the separated flow region similar to that of the tip vortex on a rotating helicopter blade (Fig.
14). Twaltes (Ref. 22) has discussed how the wall-boundary-layer separation caused by a cylindrical protuberance
rolls up into a horseshoe vortex (see left part of Fig. 14). Gregory et al (Ref. 23) show how at stall the end plate
boundary-layer separates to form a similar wing-end plate vortex (see right half of Eq. 14), which is of the same
direction as the tip vortex for a loaded wing tip (see '.)ottom part of Fig. 14).

4. COMPRESSIBILITY EFFECTS

The large effect of subsonic Mach number on dynamic stall observed by LDlva et al (Ref. 5) in their experiments
is shown in Fig. 15. Goetz (Ref. 24) measured similar large M-effects on the stall flutter boundary of a straight wing
(Fig. 16). It was shown n Ref. 25 how this flutter boundary could be predicted analytically. The analytic methods of
Ref. 25 will be applied here to predict the Mach number trend of the data in Fig. 15.

4. 1 Effect of Compressibility on c A

Using the simple analysis by Ville (Ref. 26) one can aetermine the compressibility effect as follows. Near th',
leading edge, all NACA airfoil shapes are well approximated by a parabola, with the nose radius as the characteristic
length

172 = 2 PN4  (17)

The velocity determined by potential flow theory is as follows for moderate ce (Refs. 26 and 27)

Ue-/Uw = 19 0.5 + [1 + (PN/~2)0.51 aj/(g + PN/2)0.5 (18)

8/ =(P/2)4 ý3.5 - + (PN/2)0. 5lae /2( P "2 )1(19
8A = 1(PN NI(9

From Eqs. (18) and (19) one obtains

11 0. 512 ,2 / (p )o 5
U U)MXýI II+(P N/2 ) NL ,(/2) f-(20)

For a typical nose radius (e.g., pN = 1%), the tunnel Mach number at c = 100 would have to be M.5 0. 1

in order to correspond to the low angle-of-attack assumption for incompressibility; i.e., M _ 0.4. Thus, for all
practical purposes there is no such thing as incompressible airfoil stall. Unfortunately, the~e is no information
available about the test Mach number for most of the available static stall data. The range usually given is 150 mph
-s U(o 300 mph, which corresponds to 0.2 -5 M-< 0.4. This Mach number range can cause quite a change in CLmax,
as is shown in Ref. 25.

The effect of surface slope or thickness is scaled by the Prandtl-Glaucrt Analogy (Ref. 28)

=- 07 (1- M2 )0 . 5  (21)

84 0

This applies for a sharp leading-edge airfoil at low 0, when maximum velocity is determined by airfoil thick-
ness. However, on a "round-nosed" airfoil at stall, the maximum velocity occurs at the nose, and surface curvature
rather than slope determines the peak velocity. Following the usual procedure of neglecting the effect of n' compared
to 17" when determining the curvature, the peak velocity near stall is scaled by 17". Equations (17) and (21) give

2 1.
171I O - I/N MD- (22)

That is,

1 -M)/(- M2)11 (23)2e (lMAý/CMX•]R
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At higher Mach numbers, the M-dependence given by Eq. (23) Is obviously not valid. When the leading edge
stall is shock induced, the effect of Mach number on c, becomes much less. Tests indicate that the M-dependence
is the same for rounded leading edge airfoils as for dofldB circular arc airfoils (Ref. 30). This insensit.vity to geom-
etry has also been demonstrated for other airfoils. Thus, the maximum lift is determined by the airfoil thickness and
one would expect that the sharp-leading-edgeithickness-donminated case, Eq. (21), is the appropriate scaline model for
MSLE < MOO < MSTE. That Is

- M2 - M (2)0.5

The critical Mach number MSLE is that giving shock-augmented leading-edge separation. For Mach numbers
above MSTE, the shock is n', ving back towards the trailing edge, and the separation is of the shock-augmented trailing
edge-type. It is obviously important to determine MSLE !or the particular airfoil of interest. Pearcy (Ref. 31)
shows that incipient separation occurs when the shock strength is p2

1/p1  1. 4, and that full, shock-augmented, leading-
edge separation occurs when the local Mach number approaches M. = 1. 4 (slightly lower M for thinner airfoils
than 12 percent). The crxesponding M, is determined as follows: Determine Uemax (•o)/U~' where 0o is the
angle-of-attack, giving "flat-top" velocity distribution over the airfoil (Ref. 27). Determine Uemax (0)/Uemax (N)
and Uemax (0)/Uemax Ni) from Eq. (20). Then

UeMAX (as) UeAX (0) UeMAX (0 MAX (0

UUAX () UeMAX () U

For M = 1.4, the Mach number ratio corresponding to Eq. (25) is simply
e

For the airfoil used in the stall flutter *est (Ref. 24), NACA 64-012, the value is MSLE = 0.35.

In summary, the compressibility effects on the maximum lift are given by Eq. (23) when M. < MSLE, and by
Eq. (24) when MOO - MSLE.

4.2 Dynamic Stall and Reattachment Angles of Attack

For the Mach number range MO -- 0. 6, the lift curve slope variation with. Mach number is predicted by the
Prandtl-Glauert compressibility factor. (See Fig. 17 and Ref. 28.)

(.o)/1(c) -N1 2)I0.ý (27)

Fig. 17 shows that there is a dramatic decrease in ca for higher Mach numbers, e. g., at Mc > 0. 7 for
NACA 0012-63 (Ref. 32). It is likely that this critical Mach number is simply M. = MSTE, as previously discussed.
The finite aspect ratio (AR) lift curve slope is simply:

CLa = cea(1 + c'y/ 7tAR). (28)

With the linear relationship: c~max = claa, one obtains the following definition of the stall angle of attack

(Os2/l) =[ý(, _ M2 / 1 _- 2) 2

M,, MMSLE

(a<2 a.1), = ( sM) - 0'- / (2 - M"2 (29)

MSLE< MO< MSTE MOO< MSTE

The stall flutter boundary in Fig. 16 was obtained with continually decreasing angle-of --attack to simulate the
space shuttle transition maneuver (Ref. 33). Thus, the a - boundaries are as follows (Ref. 25). The high a - boundary
is the highest a for which flow reattachment can be estubLiRhed on the "upstroke" and the low a- boundary is the
lowest a at which separated flow can be reestablished on the "downatroke" of the pitching airfoil section. Due to the
large reduced frequencies (Ref. 25) the high and low a - limits for stall flutter are given b) the static stallaigles for
"infinite" and "zero" Reynolds number. The stall flutter boundaries determined in this manner for the NACA 64-0012
airfoil tested by Goetz (Ref. 24) agree rather well with experimental results (Fig. 18). At M, = 0. 7, the cta-slope
changes drastically for a 12-percent thick airfoil (Fig. 17), thus indicating that MSTE = 0. 7; i.e., the shock starts
moving aft over the airfoil for MD > 0. 7. The Ot = constant line for Mt, > MSTE agrees with the combined effect of
c ý-loss and c, -increase for increasing Mach number. At some Mach number between M. = 0.8 and M. = 0.9,

e shock has mo,0 aft of the elastic axis, or nearly so (the flutter model had 5 percent structural damping), and
flutter is not observed. In other words, this high-Mach-number/low frequency cutoff of the flutter boundary is a pure
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Mach number effect, lndependent of reduced frequency but somewhat dependeout upon elastic axis locadon and
structural damping.

The results in Fig. 15 are all for nearly the same frequency and oscillation amplitude, and the effective (lift-
generating) overshoot Aas of the static stall angle as will be the same. Furthermore, due to the rather hlsh fre-
quency, Aas will be small, 1.78' ! Aa 5 2 050. (see Eq (8)). That is, the variation of a,,, (and consequently

of Acnv) with Mach number is mainly generated by the variation with M, of static stall angle as, similarly to what
was the case for the stall flutter bothdary discussed earlier. Figure 19 shows that the predicted vortex effect on
the pitching moment, - Acmv = Acn , Is in fair agreement with exneriment. (The Inset In Fig. 19 shows how
- Acmv vas determ_.ned from the expl- mental results.)

F igure 1 illustrates that the spilled vortex has a much larger effect on the area enclosed by the lift loop than on
that enclosed by the cm(a) - loop. This implies that although the vortex effect on the pitch damping is small, the
, flect on wing bending can be large If structural coupling is supplied by mass unbalance (Refs. 34 and 35) or by leading
ed•e, deformation (Ref. 36), as was discussed in Ref. 10. As the first half cycle (at least) of the transient will be
caught each time the effective angle of attack exceeds a , the transient starts having a strong influence on the
damping in bending (especially) and in pitch long before I'he structural frequencies approach the resonance value pre-
scribed by the oscillating transient (see Fig. 2). In the case of the buffet problcm discussed in Ref. 10, the 'first
half cycle" could possibly explain the extremely high apparent damping ratios measured by Jones (Ref. 37).

5. CONCLUSIONS

A previously developed quasi-steady theory for dynamic stall has been extended to include •he transient effects of
the "spilled" leading edge vortex. The more important results are:

o Adding the moving separatior point effect to the quasi-steady separation value correctly predicts the "spilling"
of the leading edge vortex.

o The travel of the "spilled" leading edge vortex over the chord occurs at 55 percent of free stream speed.
Peak pitching moment values occur shortly before the "spilled" vortex leaves the trailing edge, and peak
normal force occurs 30 percent earlier.

o Using Polhamus' leading edge suction analogy, a simple means is provided for prediction of the vortex
Induced loads.

The present analytic method correctly predicts the large vortex effect measured in high amplitude oscillations
in pitch, includirg the large effects of subsonic Mach number. Furthermore, with the developed analytic means the
very nonlinear behaviour ozserved by Ham et al of tbo airfoil aerodynamics during a rampwise ciange of angle of
attack can be predicted (within the expected data accuracy of the experiment). This indicates that the present analytic
method could oe applied to predict the nonlinear, nonharmonic unsteady characteristics of a helicopter blade passing
through the stall region.

Undoubtedly much theoretical and experimental work is still needed before the dynamic stall phenomenon will be
fully understood. It appears, however, that the presented engineering method, which uses static experimental data
as an Input, could after some further development provide a much needed design tool in the helicopter and compressor
industr!es.

REFERENCES

1. McCroskey, W. J., "Recent Developments in Dynamic Stall," Symposium on Unsteady Aerodynamics, University
of Arizona, Tucson, Arizona, M.rch 18-20, 1975.

2. McCroskey, W. J. , Carr, L. W. , and McAllister, K. XV.. "Dynamic Stall Experiments on Oscillating Airfoils,"
AIAA Journal, Vol. 14, No. 1, Jan. 1976, pp. 57-63.

3. Martin, J. NM., Empey, R. W., McCroskey, W. J., and Caradonna, F. X., "An Experimental Analysis of
Dynamic Stall on an Oscillating Airfoil," Journal of the American Hellcopter Society, Vol. 19, No. 1, Jan. 1974,
pp. 26-32.

4. Ham, N. D., and Garelick, M. S. , "Dynamic Stall Considerations in Helicopter Rotors," American Hlelicopter
Society Journal, Vol. 13, April 1968, pp. 44-55.

5. Lilva, -J., Davenport, F. J., Gray, L., and Walton, I. C., "lAvo-Dimensional 'rests of Airfoiis Oscillating Near
Stall", TR 68-13A & B, April 1968, U. S. Army Aviation Material Labs., Fort Eustis, Va.

6. Moor, A. W., Lambourne, N. C., and Woodgate, L., "Comparison Between Dynamic Stability Boundaries for
NFL 9615 and NACA 0012 Airfoils Pitching about the Quarter-Chord", C. P. No. 1279, Aug. 1971, Aer.I Res.
Council, London, Geat Britain.

7. Ericsson, L. I.. and Reding, J. P., "Unsteady Airfoil Stall, Review and Extension," Journal of Aircraft, Vol.
8, No. 8, AuguAt 1971, pp. 609-616.

8. Ericsson, L. E. , and Reding, J. P., "Analytic Prediction of Dynamic Stall Characteristics," AIAA Paper No.
72-682, June 1972.

9. Ericsson, L. E., and Reding, J. P., "Dynamic btall Analysis in Light of Recent Numerical and Experimental
Results," Journal of Aircraft, Vol. 13, No. 4, April 1976, pp 248-255. See Also AIAA Paper No. 75-76.

"10. Ericsson, L. E., "Dynamic Effects of Shock-Induced Flow Separation," Journal of Aircraft, Vol. 12, No. 2,
Feb. 1975. pp. 86-92.

11. Lambourne, N. C., "Some Instabilities krising from the Interation Between Shock Waves and Boundary Layers,
C. P. No. 473, Feb. 1968

12. Jacobs, E. N. and Sherman, A., "Airfoil Section Characteristics as Affected by Variations in the Reynolds
Number," Tech. Report 586, 1937, NACA.

13. Philippe, J. J., "LaDecrochage Instationnaire d'un Profil," TP No. 936, 1938, ONERA.



24-8

14. Werle, I1. et Arnmand, C. , "Mesuros et Visualisations Instat~onnaires sur les Rotors,' T. P. No. 777, 1969
ONERA.

15. Ericsson, L. E. and Reding, J. P. , "Dynamic Stall of Helicopter Blades," Journal of the American Helicopter
Society, Vol. 17, No. 1, Jan. 1972, pp. 10-19.

16. Pollhrmus, E. C. , "Predictions of Vortex-Lift Characteristics by Leading Edge Suction AnalogC," Journal of
Aircraft, Vol. 8, No. 4, April 1971.

17. llummel, D., "Zur Umstr6mung SharfkantIger Schlanken Deltaflugel bei grossen Anstellwinkoln", Z. Flugv.*9s.,
Vol. 15, No. 10, 1967, pp. 376-385.

18. Critzos, C. C. , lleyson, It. I1. , and Boswinkle, R. W. Jr. , "Aerodynamic Characteristics of NACA-0012
Airfoil Sectiot. at Angles of Attack from 0' to 180o, " TN 3361, 1955, NACA.

19. von Karman, Th and Sears, W. R. , "Airfoil Theory for Non-Uniform Motion, " J. Aer. Sci., Vol. 5, No. 10,
August 1938, pp. 379-390.

20. Ericsson, L. E. and Reding, J. P., "Dynamic Stall Simulation Problems," J. Aircraft, Vol. 8, No. 7, July
1971, pp. 579-583.

21. Moss, G. F. and Murdin, P. M., "Two-Dimensional Low-Speed Tunnel Tests 3n the NACA 0012 Section Including
Measurements Made D'urmg Pitch Oscillation at the Stall," CP No. 1145, 1971, Aeronautical Research Council,
Great Britain.

22. Twaites, B., "Incompressible Aerodynamics," Fluid Motio:A Memoirs, Oxford at the Clarendon Press, 1960, pp.
211, 223.

23. Gregory, N. , Quincey, V. G. , O'Reilly, C. L,. and Hall, D. J., "Progress Report 'n Observations of Three-
Dimensional Flow Patterns Obtained During Stall Development on Airfoils, and the Problem of Measuring Two-
Dimensional Characteristics," CP No. 1146, 1971 (Also NPL Aero Report 1309, 1969), Aeronautical Research
Council, Great Britain.

24. Goetz, R. C., "Exploratory Study of Buffet and Stall Flutter of Space Shuttle Vehicle Wing' cncepts," NASA
LWP-872, 22 May 19'W0.

25. Ericsson, L. E. and Reding, J. P., "Stall Flutter Analysis," J. Aircraft, Vol. 10, No. 1, January 1973, pp.
5-13.

26. Abbot, I. H., Von Deonhoft, A. E., and Stivers, L. S., "Summary of Airfoil Data, " TR 824, 1945, NACA.

27. Ville, G., "Influence des Decallements au Bord d'Attaque sur les CharacteristiqueE Aerodynamiques des
Voilures," Association Francaise des Ingenleurs et Techniciens des l'Aeronautique et de l'Espace, Colloque
d'Aerodynamique Appliqu4e, 4th, Lille, France, 8-10 Nov. 1967.

22. G!auert, H., "The Effect of Compressibiltty on the Lift of Airfoils," Proc. Royal Soc., Series A, CXVIII (1927),
pp. 113-119.

29. Harper, P. W. and Flanlgan, R. E., "The Effect of Rate of Change of Angle of Attack on the Maximum Lift of a
Small Model," TN 2061, 1949, NACA.

30. Daley, B. N. and Lord, D. R., "Aerodyba,.alc Characteristics of Several 6-Percent-Thick Airfoils at Angles of
Attack from 0 to 200 at High Subsonic Speeds," TN 3424, 1955, NACA.

31. Pearcey, H. H., "Some Effects of Shock-Induced Separation of Turbulent Boundary-Layers in Transonic Flow Past
Airfoils," Paper 9, Proceedings of Symposium on Boundary Layer Effects in Aerodynamics, Y'atlonal Physics
Laboratory, Great Britain, 31 Mar. - 1 Apr. 1955.

32. Abbot, I. H. and von Doenhoff, A. E. Theory of Wing Sections, McGraw Hili Book Co,, New York (1949).

33. Stengel, R. F., "Optimal Transition From Entry to Cruising Flight," AIAA Paper No. 70-1018, Aug. 1970.

34. Erickson, L. L. Gainbucci, B. J., and Wilcox, P. R., "Effects of Space Shuttle Configurations on Wing Buffet
and Flutter, Part U, Thick IHigh-Aspect Ratio Wing." NASA Space Shuttle Technology Conference, Vol. IIH:
Dyrrimics and Aeroelasticity, TM X-2274, 1971, pp. 201-229, NASA.

35. Erickson, L. L., "Transonic Single-Mode Flutter and Buffet of a Low Aspect Ratio Wing Having a Subsonic
Airfoil Shape," TN D-7346, Jan. 1974, NASA.

36. Moss, G. F., "Su...a Notes on the Aerodynamic Problems Associated with the Phenomenon of Buffeting," T-ch.
Memo. Aero 1293, Feb. 1971, Royal Aeronautical Establishment, London.

37. Jones, J. G., "The Dynamic Analysis of Buffeting and Related Phenomena," Paper 23, AGARD-CP-120, 1972.



24-9

NA. 01 / ,at - I<•" la I
1 ~ ~ . 11, 10'Il~

0V.A F HAW' A•<| tlf(l .172C~~~1 I- !00C 011110(015

-- / --

6TA .Cci o, Ot o.•

AIII 1,L (H I.I

I10-

,iI LAj••... ...'01111-011

I TAl -NI 01101. LIX 125 5 p

Fig. 1 .igc-amplitude oscillation data (Ref. 4).

Fig. 4 Nonlinear vortex-induced lift.

Io ,

2 -

"0 1 *1 -" ,

Fig. Data for a-ramp overshoot of static stall -+ ~ ~~~~~(nef. 4). ..... .. •'•...... "

6Fig. 5 Vortex-induced suction :oads.

+•• - - .. O •,l 1 ,,..0,,CO ls.ll 1

--. -- • --,at O m

0

0

SECTKI A- r

-\-

Fig. 3Peitdand mesrddynamic salphase IMII"1*.1 '2000

angles. (RIO.A 11- 1 Al

Fig. 6 Space-time equivalent vortex effects.



24-:0

0, - C 
42 2 4 2

o 

• M0* 

IwO 

II 

44 I 

R<)

02 

m+2 , h~ ,+!! I II l

1

11111111

Fig, 7 Lift loss due to "spilled" leading edge vortex. 
"Ilr nNA

F 10 P mf

/ normal force and pitching moment coefficients
br an oscillating NACA 0012 airfoil.

Fig. 8 Section lift of NACA 0012 (Ref. 12). /X "

31 Al1

-- + -- -• 041 t2r 004• ) • . -- + +-In

Fig. 11 Nonl ioear Yi-ramp characteristic3.

I 9

Fig. 9 llnear overshoot of stall.



24-11

A< A A

A K\ ' L

A

AA

*j• -- °--•

a Fig. 14 Endplate vortex.

Fig. 12 Comparison of experimental a-ramp results D- [YNAMIC U I'OSIrIVI- DAMPING

with refined predictions. --- STATIC = NEGATIVE DAMPING

S- U. 20 M. 0.40 M. - 0. 60
, 14. q '3.l ' 0 1a .5 5.4 0 9.2' -'.?
k 0.25 k 0.24 k1 0.25

H- e •0. 35 x 106 (REF 4) ,''_-

- Re - .68 x 10 6 (REF 21) :1 '

100,-.3

10 " 10 15 20 0 .5 10 11320 0 5 10 15 204
INCIDENCE, 0

Cf / Fig. 15 Effect of Mach number on dynamic stall on

an oscillating NACA 0012 airfoil.

,i0° 20'

F 1.6 -f STALL oLUTTE

S~M.
0. 4

( a-- ,.14. 6"

X Fig. 16 Effect of Mach number on the a-boundary
for stall flutter of a NACA 64-012 airfoil
in air.

"16.6"

Fig. 13 Wall interference effects on '2-D" stall.



24-12

C 0 2 . 1 1. 0

-I -£:_ - POL,sr PHMr vnOirN

'I,

NA('A 2|10O X \01 6

i it

. 0 1

/ /[. .,l1

- •N3
.\A(\ 2117 0012 6:s

R A I' 01 Fig. 19 Mach number influenice on the "spilled"
vortex effect.

0 0.2 0.1 0.01 0.8 1.0

Fig. 17 Effect of Mach numi"'r on lift-curve slope.

"\"I12M FXI'ERItIENTAI.

1J FLUTTER DAl A (IIEF. 24)Is i - 01 0 NO FI.TTER
---,- 0O LOW D)AMPING

1 , * FII iER
4 BiMNDING NSTA}i3LiTY

m CMcAX 1.4 EXPERIMENTAL STArIC
MILDATA\ (REF. 12)

L!' 0

*0 0it

. 0

00

.4-1.5 I Oy6 
1w 0

0 5 10 15 20 °

Fig. 18 Predicted and measured boundaric for
stall flutter.



25-1

THEORY OF WING SPAN LOADING INSTABILITIES NEAR STALL

by

E. S. Levinsky

General Dynamics, Convair Division, San Diego, CA., USA

SUMMARY

A nonlinear, lifting line procedure with unsteady wake effects has been developed for predicting wing-body aerodyna.ic
characteristics up to and beyond stall. The procedure may prove useful for simulating and alleviating such adverse
wing stalling characteristics as wing rock, wing drop, loss of roll control or roll control reversal.

A discrete vortex lattice representation is used for the time dependent wake, whereas the wing load distribution is
assumed cornentrated along the 25% chord line. Each chordwise section is assumed to act aerodynamically (itcluding
stall) like a 2D airfoil in steady flow at an effective angle of attack, which may be time dependent. Other assumptions
are incompressible flow, moderate sweep, large aspect ratio and conditions for stall progression across the span.

Comparisons are made with existing theory and test data. Effects of planform geometry and of airfoil section charac-
teristics on stall are presented. For airfoils with a large post-stall negative lift curve slope, tie solutions some-
times exhibit lift hysteresis and "zero-beta" rolling and yawing moments. These results are due to the existence
of multiple solutions of the lifting line equations (first shown by R. S. Schalrer, 1939). Increasing aspect ratio and
decreasing negative lift curve slope amerliorates the severity of these adverse stalling characteristics.

1. INTRODUCTION

As is well known, there are a large number of aerodynamic effects which may limit aircraft maneuverability. These

include shock induced buffet, wing rock and wing drop (probably due to asyminetrica' sepa, .tion with a subsequent
rolling-yawing motion), nose slice, pitch-up, loss of lateral stability, loss of roll control and roll control reversal,

and large drag increases. It is generally believed that some type of flow separation is responsible for each of these
phenomena. The present paper deals with the development of a modified lifting line approach for estimating the
aerodynamIc characteristics of wing-body configurations undergoing transient pitching motion with flow separation
and may prove useful for the prediction, simulation and possible inhibition of those adverse stalling phenomena
included within the framework of the theory. A more detailed exposition of the method, along with extensive calcu-

lations, is presented in Ref. 1.

The present formulptton is for wings of moderate to high aspect ratio to which lifting line theory may be applied. In
this regard there has appeared some Interesting analytical work (2-4), based on Prandtl lifting line theory, which
indicates that multiple solutions of the lifting line equations are possible under certain conditions. The multiple
solutionr are predicted only if the two-dimensional lift curves have either discontinuities or regions of h.!gh negative
slope, Leyond stall, an Ulustrated In Figure 1. One interesting feature of tie rtJtiple solutions Is that they can
yield span lhtad distributions which are either symmetrical or a3ymmetrical about the wing centerlIne even at zero
sideslip angle. According to Sears (2), the asymmetrical solutions suggested to von Karman that large rolling
moments could be produced near the stall without postulating any initial rolling velocity or other lateral asymmetris.
Sears states that the usual "textbook" explanation for the large rolling moments near stall, which is based on an
initial rolling velocity which stalls one panel and destalis the other, falls to account for the violence of the rolling
moments experienced in a wind tunnel with a model held filed to the sting. The establishment of any one particular

load distribution (either symmetrical or asymmetrical) probably depeaids on the relative stability of the correspoiAling
cirulation distributiorn t small disturbances.

An attempt is made herein to apply nonlinear liftLng line theory to the modeling and predictiop of aerodýrnaic effects

during stall penetration at high angles of attack. Previous discussions of stall aerodynamics have noted the occurrence
of asymmetrical flow separation at zero yaw angle as a possible forcing mechanism for wing rock and other types

of pre and post-stall motions (e.g. References 5-8). It is postulated herein that the time dependent zero beta yawing
and rolling momcnte predicted by the nonl'near lifting line theory are contributory to the limit cycle type of motions
apt to occur during stall. This, of course, will require careful experimental verification.

The nonlinear lifting line formulation utilized hereLi is a finite element, unsteady wake, incompressible flow theory

and may bG applitd at either zero or non zero yaw angle (yaw is handled by skewing the wing panels). Both symmetrical
and asymmetrical load d'strlbutions may be obtained, even at zero yaw angle. Three dimensional unsteady aero-
dynamic effects are included by allowing shed vortices in the wake to vary in strength with distance and time. The
strengths of the shed vortices are related to those of the coriesponding bound elements at an earlier time, based on
the convective time delay at free stream velocity between the bound vortex and the particular wake station. Although
the theory is unsteady from the point of view of wake induced effects, it is assumed that the two-dimensional airfoil
chordwise loadings and sectional characteristics in stall are steady state. Thus, the assumption Is implicit that
unsteady two dimensional phenomena such as associated with the dynamic stall of helicopter blades are. of a sho, tar
time scale than the ,Insteady wake effects, (see also section 2.2).
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Lifing line theory assumes that each chordwise section acts like a two-dimensional airfoil at an effective angle of
attack equal to the local geometric angle of attack less the Induced angle of attack. In order for this assumption to
remain valid, (i.e. for the chordwise load distribution to remain two-dimensional) the aspect ratio) must be sufficiently
large to limit spanwise flow effects, and vortex effects associated with high leading edge sweep angles must not be
dominant in the stall. The method also requires the selection of (or switching between) the varLous multiple span load
solutions which may exist at a given angle of attack. Some of these solutions may be tndLicative of unstalled load
distributions, some of partly stalled distributions and some of nearly fully stalled distributions. The criterion used
for selecting among the various mathematically possible solutions is empirical, and It Is recognized that this aspect
of the formulation requires further analysis. Because of this empiricism, and as a reault of the assumptions noted
previously, the need for wind tunnel tests involving dynamic meaeurements of aerodynamic forces, moments and
span load distribution can not be over-emphasized.

,Anothei application of non linear lifting line theory to departure and spin entry aerodynan'ics, but presumably based

on somewhat different assumptions, has been presented by Kroeger and Feistel(9 ). Included in Ref. 9 are also
corroborating wind tunnel test data.

The mathematical basis for the present theory is reviewed in Section II. The method of solution is presented in
Section IM. Numerical results Involving comparisons with existing test data and with linear theory, and ) imited para-
metric studies, are found in Section IV. More extensive parametric calculations are given In Ref. 1.

2. THEORY AND ASSUMPTIONS

The present section presents the mathematical basis and assumptions for the nonlinear lifting line theory with a time
dependent wake as utilized herein. The theory may be used to obtain the time dependent span load distribution and
corresponding time dependent force and moment coefficients for wings and wing-bodies experiencing a predetermined

schedule of pitching motion and/or of lateral control deflections.

2.1 VORTEX SYSTEU

The vortex system used in the analysis is pictured in Figures 2 and 3 and is assumed plrnar except for the vertical
displacement of the image vortices in the fuselage. The exposed wing, is depicted in Figure 2 as segmented into N
equal-span elements of width h in the spanwise y direction. Each element is a parallelogram in shape and consists

of a bound vortex segment along the 1/4 chord line, two streamwise trailing segments and a closing shed vortex
element at a downstream distance Ax = V. At, where Va, is the free stream velocity and At is the time step.
In the time dependent solution the strength Fj 1 (t) of this vortex element respresents the cLrculation carried by the
wing at the j 'th spanwise element (j = 1,2 ... N) at the current time t. The downstream trailing vortex elements
arc of identical shape, but are of varying strength as

rj,k (t) = j(_ 1 (t - At) (1)

where k is an index describing the vortex element number in the wake (see Figure 3). If the maximum number of
dowmntream parallelogram elements to be included !s M- 1, then

1 <k<M

where k = 1 corresponds to the wing element at the current time t, and k = M refers to the final wake element, which
is assumed unclosed. if M = 1, the solution reduces to that for a steady state wake.

The method of representing the fuselage (assumed an Infinite circular cylinder) by trailing image vortices as depicted
in Figures 3 has found extensive use in the literature , e.g. Ref. 10, and will not be discussed further.

2.2 LIFTING LT.NE EQUATIONS

The lifting line assumption states that each spanwise station I of a wing acts hke a two-dtmensioral airfoil at an
effectiv-3 angle of attack a EFF (t) equal to the local geometric aitch angle of attack opi (t) (includes effects of wing
incidence, twist, control deflic;ion, and body cross flow) less the downwash angle of attack %OI (t) induced by the

trailing vortex systems, viz.

CEFF (t) = (t) - aD (t) (2)

Thus, for an airfoil with two-dimensional, steady state, lift, pitching moment, and profile drag curves of functional
form

CL (ap), CM= CM (Q P`IandC -C CDp (a p) (3)

The present lifting line theory assumes that

CL (t) -CL 1L aEFFL (t) , CMt(t) =CM, [VEFFI C D CD0! (i. = EFFt (tj (4)
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Equations (2) and (4) Indicate that the unsteady effects to be included in the theory enter only through the time

dependence of a EFF , viz. through changes with time in a p, and/or .DI. As noted In the Introduction, the basic

section characteristics as defined functionally by Equations (3) are assumed independent of time. This requires

that various linear and nonlinear two-dimensional unsteady flow effects, such as dynamic stall (e.g. Reference 11),

be of an appreciably shorter time scale than the wake and geometric effects included herein. This assumption
S•a Is equivalent to assuming that the chordwise pressure distribution, which affects the nature of flow separttion on the

airfoil, rapidly approaches the steady state distribution for the current angle of attack, and is consistent with the

sig.-le lifting line represeittation of the wing. Combining unsteady two-dimensional effects with the nonlinear lifting

line theory, or going to multiple lifting lines, was assumed beyond the scope of the preseiA effort.

The control point for evaluating aEFF, is taken at an axial distanmcexop from the lhading edge. I- the usual Prandtl
lifting line formulation xop. = c,/4. IHence, there would be no induced velocity contribution from the wing bound

vortex segments. In order to generalize the formulation for arbitrarn xo,) , the d&wnwash angle arD has been
djefined as fhe difference between the total three-dimensional downwash azg t e ,Di at the control poli and an equiv-
alent two-Limensional down%.ash angle Cv2DI from an Infinite span bound vortex along the c/4 line and equal in strength

to (t I). Thus

0!i (t) = 0!3D Mt - a2lt M5M
D I 3D I 2D

In terms of dowawash velocity components Aw induced by the parallelogram lattice elements of unit ciroulattn

strength

w It) j =N, k=M

3D Mt) = = Aw I k (t) (6)I V. L-, k--1 j,k

where for each j,k lattice element and at each control point 1, Aw1..,k consists of contributions from forward and

aft b•und or shed elements, the two trailing elements and the body Image elements, all of unit strength. Mathemati-
cal expressions for the Awi, k are readdy found from the law of Dict and Savart.

The equivalent two-dimensional downwash angle is simply

w M r tM )(t)
22D i1 V. 2 'T (Xp - xc/4)i cos (Ai h - )

where AI is the quarter chord sweep angle (assumed negative for the left wing panel, 1 ý 5 • N/2, and positive

for the right wing pawl, N/2 + 1 - i •! N), and ý Is the side slip angle. The usual sign -onvention taking the down-
wash as positive has been employed In the above expressions.

The pitch angle of attack is composed of the elements

aPt (t) = a (t) + 1T + AR (t)L+A (t)(8

where a (t) is the angle of attack of the root section, 0T Is the built In geometric twist, Aaoj (t) Is the effective

roll asymmetry angle of attack due to deflection of ailerons and AaBf (t) Is the additional ang4e of attack due to the
body upwash (see Ref. 1).

The unknowns are the current time values of the circulation on the wing 1 , 1 (t), and may be found by first inserting

Equations (5), (6), (7) and (8) into Equation (2) giving

1 jN, k-- M
X aEFF M + 'T. +AeL (t) + A (t) - AW r Aw ,

I~~V 13 r '~()' w £t (9)+ j=l,k=l

Expressing CL (t) In Equation (4) in terms of the bound circulation gives

2 F (t)
V. cI I I (t)] (10)

ye L EFFL

Fquvt;cn (10) implies that the Kutta-Jouko.,ski law LI (t) p V r (t) holds in the unsteady as well as In the stealy
state case. This assumption is discussed further in Section 2.5.

Equatiuns (9) and (10) constitute the set of lifting line equations to be solved for aEFFi (t) and 71 , 1 (It). The 'j,k Mt),
k > 1, are known from solutions at previous times through Equation (1).
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2.3 SIMPLIFICATIONS FOR A LINEAR LIFT CURVE

In general, Equations (10) and (11) must be solved by an iterative method, because the lift curve is nonlinear.
It is precisely this non Inetr'ty which lead to the occurrence of multiple span loadings, lift hysteresis, and zero
bets rolling and yawing nmoments. Hlowever, It is beneficial to examine several simplifications which occur when

10,1 the lift curve is linear, mn order to compare the theory with existing methods and to better unnderstand the na'ture
of the nonlinear effects.

2.3.1 Linear Lift Curve

hi the case of a linear lift curve Equation (10) becomes

2i•. (t) (11)S1 a a (t)

V~e1 i EFFi

where al is the section lift curve slope. Combining Equation (11) with Equation ( 9 ) then gives a single aet of linear
equations which may be solved directly for FI, 1 (t). The result is

i ,, +5 2 Mt =Aw. k-
V. ij ( V. a c. - V., j, 1 V F)] (,t) (12)

2 ak SMI

where the repeated indices indicate a summation, and 6.. is the Kronecker delta symbol.

Equation (12) represents v' linear set of algebraic equations which may be solved directly for each step in time. If the

problem is initiated from a steady state condition, then M = 1 for t = 0 and the summation over k vanishes. In matrix
notation Equation (12) now becomes

L J I F1 (0) a p (0) 3 (13)

whure elements of the A 5WJ square matrix are given by tne term in square brackets in Equation (12), whereas
( 1 (0) ) and ( c (0) 3 are column matrices made up oi the elements I' 1 (0) and ap, (0) respectively.

Inverting Equation (13) gives

Fl(0) 3 [AWl-f I¢ a(0) (14)

At subsequent time steps the k summation plays a role in the solution. Thus, according to Equation 11), with
t =/At, k = 2 now corresponds to the solution I 1 (0). llence, we require Ml z"2 in order to account for unsteady
wake effects.

2.3.2 Equivalence with Weissiajgcr Theory

2.3.2.1 SteadyState
The present lifting line formulation reduces to the Weissinger L-method (Ref. 1,2) for a linear lift curve in the
steady state case, provided the control point Xcp Is placed at distance equa: to 50% of the local chord f rom the
lifting line. This may be shown by considering a single horseshoe vortex element (k = 1 only), with a bound
segment and two trailing segments. Using the steady state form of Equations t5) and (7) with

(xcp - xc/ 4 ) I cos (At - ) (1/2) cI, Equation (2) becomes
F

F = a - a + (15)EFF. pi 3D I 7 Vei

For thin airfotl aerodynamics, a. = 2 17, therefore by the steady state form of Equation (11)

F

-7V. c

and substitution in Equation (15) yields

a3 D a (I )

which is the flow tangency boundary condition at the 75% chord control point used in the Weissinger approach.

2.3.2.2 Unsteady Theory (Two-Dimensi•oa•l)
It should be noted that the theory also reduces to an unsteady form of the Weissinger theory, both for two-dimensional
and three-dimensional flows. Thus, for a two- dimensional unsteady flow, Equation (2) becomes

a M=a I+ F1 t(t)
EFF p (t) - V L 'Wk k (t) + 27V (XcpfXc/4)
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where Awk is the downwash at xcp due only to forward and aft spanwise segroents of the k'thi element and the double

index implies a summation.

Using the linearilzed form of the unsteady Kutta-Joukowki law, Equation (11), assuming the lift curve slope a - 2 7T,
00-• and taking xp - xc/4 - c/2 then gives

1(tW),W (17)
V.- Wk k p k = 1.2...

Equation (17 states that the instantaneous downwash angle at the 75% chord pos iton from all bound and shed spanwisc
vortcx segments is equal to the instantaneous ang'e of attack, or e.,ivwlentlythat the unsteady theory reduces to
satisfyintg a flow tangency condition in the two-dimensionad case when th• control station is taken "A the 75% chord
position.

The equivalence of the present unsteady wake liftir_ line formulation with the classical solution of Wagner (Ref 13)

for a two dimension airfoil in unsteady flow is readily shown. Thus, Figuie 4 compares the calculated value of the

change in lift coefficent ACi,(t) due to a step change in ail)e of attack AO'l, ,s calculated from the above method, with

the Wagner function. Lift coefficient was calculated from the bound circulation strength F1 it) through the unsteady

Kutta-Joukowski law, Equation (11).

The step size used in the coi.mquation for the shedding of discrete vortices was one thor" length. The close Corres-

pondence between the discrete vortex formulation and the continuous vortex sheJ theory of Wagner shows that vetr
little accuracy is lost In the present discretc vortex model. It is also clear that unateady wake effects, due to the

variation of shed as well as of trailing vorticity, are accounted for in the formulation. Effects of wake vorticity on

Ahordwise load distribution are not included, as was mentioned previously. Incor-poration of these effects would

require addition bound vortex elements and additional control point locations on the wing.

2.3.2.3 Unsteady Theory (Three-Dimensional

The anstedty finite element representation may also be readily shown to lead to a flow tangenic condition at the 75%

chord position in the three dimensional case.

The demonstration is similar to that for the steady state case, expW, that dhu unsteady form of the Kaitta-Joukowski

law is used and the summation is cai ried out over k= 1,2, .. . M rows of vorkx elements in the wake. The result is

( Xw F (t)=a (t) (1M)
3D. t V .k j.k P

provided the control point is located a distance ct/2 behind the hlfting line, and provided tbh steady state,thiin airfoil

theory, lift curve slope is used.

2.4 GENERALIZED FORM OF TRE KUTTA-JOUKOWSKI LAW FOR UN3TEADY FLOW

A generalized form of the two-dimensional Kutta-Joukowski, law, viz.

L (t) --PV F (t) (19)

haj been used throughout the formulation in Sections 2.2 and 2.3 and is the basis for Equations (10) and (11) In
the present section we derive Equation (19) from the condition that the negative rate of change of total momentum
associated with the spanwise vortex segments gives the magnitude of the lift. For a two-dimensional vortex system

composed of discrete elements AFk (t) spaced along the x axis at distances xk from the leading edge, as shown
in Figure 5, the unsteady two-dimensional lift becomes

d
L (t) P - A x (20)

where the subscript i has dropped for simplicity of notation (see also Eq. (1) of i0 "erence (14)).

The conditions that the shed vortex elements, k Ž 2, are convected downstream at velocity V., and that the totalM-I
vortieity ' Af (t) remain zero for all time are AFk (t At) 1 \-k (t) ard -1 F1 +At) - M1 (t) .j,

kk k-i iL 2 (t~)

respectively. The instantaneous bound vortex strength is A1 it) M - M1 t).

Referring to Figure Sb, taking time steps with n ý I (one chord length between elements), placing the bound vortex
t-- at the 25% chord position, the total momentum p A 'k (t) xk at time t = (M - 1) c/V, is

•? M-1

P AfP [ (M-I) c/V)] xk = -e i F1 (kc/V9 (21)
vk

• " W'•Ob'B l• 'M•CI"F¢•*'!•h•''• "b'l••' '.'Fr•c'••'•"fl•,• '•'. "v••^••,_ k-- I,,
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Taking t = (M -2) c/V. and subtracting the result from Equation (21) gives

Pt -k r l)c/VX ] -x r (,•:4)/v ]k -c- l (x-1)c/vf,

iDlviding by At c/V we obtain

pAfAkr (M-1)cA ]Ixk.J

At v r 1 L (.m-1) cAW

and comparing with Eq. (2) in difference form gives

L • (M-1) c/VA J -- P V I11 [ (M-1) cA•., 3 (22)

The same result may be obtained for arbitrary step sizes n, and in the limit n -, 0 Equation (22) reduces to the
generalized Kutta Joukowski law, as stated by Equation (19).

3. METHOD OF SOLUTION AND ITERATION PROCEDURE

The set of nonlinear Iifting I ine expressions as given by Equations (9) and (10) constitute a system of 2N algebraic
equations in the 2N unknowns Fi(t) and (YEFF (t), i = 1, 2 .. N, which must be solved for each step in time. The
equations are nonlinear, because the function1 relation between 7 i(t) and aEFF (t), expressing thi two-dimensional

lift curve at station i, is generally nonlinear in the stall region and beyond. Hence an iteration procedure is required
for their solution.

The nonlinear lifting line equations wero programmed for solution on the CDC Cyber 70 computer. The method of

solution will be reviewed below, because several of the assumptions in the Iteration procedure require further

clarification.

3. 1 ITERATION PROCEDURE

The iteration proceduc assunmis the aireraft wing and fuselage geometry, sideslip angle, etc. are given, and that

the schedule of pitch angle up (t) and lateral control deflection A aR (t) have been specified. Two iteration loops will
be described, one for t = 0 and the second for t> 0.

3.1.1 Initial Solution
The method is started by determining the steady state solution for t = 0. The root solving procedure consists of a

simple iteration loop on the i)•wlued angle of attack alD. (0). A guess is first made for the spanwise variation of

induced angle of attack 0D.(l) (0) This, together with the known a)% (0), establishes OEFFi(,1 (0) through Equation
(2). The wing bound vortex strengths 7, 1(1) (0) are then found by tWle look-up from the input aerodynamic lift

curves expressed by Equation (10). For t = 0 we may take M = 1, or equivalently take 7 i, k(O) = Fi, 1 (0), hence no
wake vortices need be considered The induced angles are then recalculated, based on the downwash velocity

components Awi and A w2D., and on the initial iterate for the vortex strepgths ri, M(1) (0), and compared with
the assumed valdKs of Ql)i( (0). The difference may be deskinated AD%(1 ) (0). The values to be used in the next

iteratiov are
a(2) ()=XD(1) ()+C' a(1) ()(3

aD (0 I 0 D. ,)()

I i L

where C is a weighting factor. The value of C affects the stability and convergence of the iteration procedure.

Increasing C speeds up convergence (reduces the number of required Iterations), but may destabilize the iteration
procedure. In general, the maximum values for C depends on wing aspect ratio, the number N of spanwise elements,

and on lift curve slope. Some further discussion of effects of C on stability are contained in Referaece 1.

With (2) (0) given by Equation (23) tue procedure is repeated, viz.

(2) (0) - a E (2) (0)r (2 ) acD (0), etc.(•D. EFFi (0i, J ()- CD

i I
until either Co2ivergence is obtained, or until a maximum number of iterations has occurred. Convergence Is assumed

when Ao%0m)1  (0) - 0.1 * for all i.

3.1.2 Solution at Subsequent Time Steps
The iteration procedure at succeeding tim3 steps t> 0 is similar to that at t = 0 with tho following exceptions:

(1) The vortex strengths rF,k (t) in the wake are no longer identical to those or the wing (k = 1), but are
found by indexing from the previous time step according to Equation (1).

(ii) A special logic is used to specify the initial guess a (1) (t).
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The later requirement was fotud necessary, especially near stal', bt.-cause of the possibility of multiple solutions,

and because the iteration procedure apparently tt rids to disallow roots on the steep negative slope regions of the

section lift curves (see also Ref. 9 in this regardl). Therefore, the wing elements appear in the solutions as -Ithcr

unstalled or fully stalled (region where the post stall lift curve is near zero). A dominant form for the solution In the

stall region appears to be a spanwise alternating pattern of unstalled and fully stalled elements. The significance

of this saw-tooth type of solution was not entirely clear. For example, if for a high density 3f spanwise elements

the stall pattern could be shown to becomc indcpendent of the number N of vortex elements is N - - , then such

a pattern over a given spanwise portion of the wing might well represent partial stall or heavy buffeting in that

region. However, since the comnpuxter program was limited to 10 elements per wing panel (Nmax - 20), this type of

saw-tooth stall pattern did not appear to be physically realistic. It was found that the saw-tooth stall pattern could

be avoided in most cases by choosing the Initial guess for XD, (t) according to the following special logic.

a) Mhen no wing sections are stalled at the prior time step (i.e. all converged values of alFFI (t - Lt) are

less than 01,•x, corresponding to the section angle of attack for maximum CL), then the C•D1\) (t) are taken

equal to the convergcd values from the previous time step o)b (t - At). This will produce solutions with
all Spanwise elements unstalled, if such solutions exist.

(b) When the iteration procedure at the end of the previous time step, or during the current iteration, gives a

solution with one or more stalled sections on a wing xunel (e.g. CtEFF. (t-At) exceeds ouax), then the

iteration procedure is started (or restarted) with the assumption that the induced angles are zero on that

particular wing panel. This procedure tends to force solutions with as emany stalled elements on that

panel as the lifting line equations will allow.

The special logic represented by a) forces the spanwise wing elcm.,its to remain unstalled until such time that one

or more elements must be stalled to satisfy the governing equation . Partially stalled solutions with either saw-

tooth stall patterns or uniform stall patterns, are avoided during this time, even though they may satisfy the lifting

line equations. The special logic given by b) assumes that once any spanwise element has stalled, it tends to

induce all adjacent elements of the same panel to stall within the limits of the lifting line equations. Shielding of stall

progression from one sidc of the airplane to the other is assumed provided by the presence of the fuselage (at least

for low and mid-wing configurations). Unstalled solutions, or solutions with saw-tooth stall patte:ns, are avoided

during this time even though they may be mathematically acceptable.

It should be noted that the above logic will tend to maximize the extent of any stall hysteresis loop (and the Cp
range for the occurrence of zero beta rolling and yawing moments) for a wing undergoing a pitching motion through

the stall. Clearly, the physical validiý.y of the assumptions implicit in the iteration procedure have yet to b.
established. In fact dynamic test data by Gregory, et al (Ref. 15), which has recently come to the attention of
the author, indicates that multiple "stall cells" of limited spanwise extent sometimes occur over straight wings

undergoing pitchinig i.ioion through the stall region. The connection, if any, between these stall ceils and the
saw-tooth stall pattern is not clear. An alternative type of mathematical formulation, wherein the selection

between the various multiple solutions is based on their physical stability, rather than on a special logic for

the initial iterate, would clearly be desirable.

3.2 COMPUTATION OF FORCE AND MOMENT COEFFICIEN'IS

Once the converged vortex strength distrioution has been determined at a particular time step, total force and

moment coefficients for the wing body combination may be found by integrating the section force and monmcnt

coefficients over the N wing elements. The integration is carried out in Ref. 1 and includes contributions from the

bound image elements in the fusc agv in order to account for fLselage lift. 'Tesc fuselage terr,-s ace, however,

omitted from the computation of drqg, side force, and rolling moment coefficient, since the fus.lage is bclieved to

made only a negligibly small contri dtion to these coefficients.

Expressions for the overall lift coefficient CL and rolling moment coefficient Ck, as used in the following section,

are

C = C_ Cos/ Ui (23)SCL ZcosaD 1•YlLi-'i

N heSC• = Co D.(4

I •L..j\ Sb / L. cosD (24'

Here YI.i and YIR.1 refer to the spanwise locations of the fuselage image vortices of the left and right hand trailing

vortices of the i'th wing element, S Is the reference area and b is the span.
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4. SAMPLE CALCULATIONS

A series of compuxtations were made with the nonlinear lifting line computel'program d(cl,criibcd in ,--ctton., 2 and 3 to

compare with test data, with previous theories and to assess effects of wing plhu'forni geometry and section lift curve

shape on stalling characteristics.

4.1 COXMPARISON WITH AVAILABLE TlIEORY

Several computations were made to evaluate the accuracy and generality of the procedure. A comparison ot the
accuracy of the finite element representation with the essentially exact potential theory results of Wagner (Reference
13) has bcen given previously in Figure 4 for the case of a two-dimensional airfoil with a linear lift curve subject to
a step change in angle of attack. Because of the simplifications introduccd by two-d(inenstonal flow, rusult.s by the

p)resent method in Figure 4 were hand comlputed instead of being run on the digital computer. "The similarity of the
present finite clement method with the exact results is apparent in Figure 4. Both methods give an initial I [ft
increment equal to !/2 of the steady state value.

The present mcthodx is compared with calculations by W. P Jones (Ref. 16) and l)joýodthart!o and Wtdnall (Ref. 171
in Figure 6, for the response to a step change in angle of attack for a rectangular wing of aspect ratio 6 The lift
curve was again linear, and as can be seen from the figure good correlation with the more exact theories was found.
Both the present and more exact methods show an initial lift increment greater than 1/2 of the teady state value
when the aspect ratio is finite.

The present method was also used to determine the development of lift following a step change in angle of attack for
rectanguar wings of various aspect ratios, again with linear lift curves. The results are plotted in Figure 7 and
compare well with similar variations obtained by Jones (Ref. 16) for wings of elliptic planform. Once again we
note that the starting circulatory lift increment exceeds one-half the steady state value for the finite aspect ratio
cases, with the excess increasing for the lower aspect ratios. The compltations in Figures 6 and 7 are with
M = 20 and N = 14.

4.2 COMPARISON WIT11 TEST DATA

The wing planform of the T-2C Navy trainer aircraft ccr-;cd as the basic geometry for the remaining computations
(with various modifications and adjustments). Lift aixl rolling moment data from PAe rence 18 and from recent
unpublished test results (1976) C')tained at 'J ,.SA (ARL) ano supplied by Mr. A. Pirantn of the Navy (NADC) will be
compared with the T-2C compLt2aions using a steady state wake (M= 1), since the testiag wa- done with the model
held fixed at a given angle of attack (pitch a,nd pause).

The basic T-2C configuration has a wing of aspect ratio A = 5.07, taper ratio 7 0 495, a quarter chord sweep
angle A - 2.27*, a wing root incidence angle i = 1.70 with 2.5' of washout at the tips, and a dihledral angle Y' = 3*.
The airfoil is a NACA 64 1 A212 section with an a = 0.8 (mod) canmber line (flaps and ailerons rigged 3 degrees up),
and is constant across the span. The wing was mounted at mid-lieight to a fuselage whose shape was approximated
in the computations by a circular cylinder of a radius RD = 0. 119 (b/2). The wing paneling is shown in Figure 8 in
the case of N = 14. Noalinear aerodynamic section data used for the T-2C anl paranmtric comlputacions are plotted
in Figures 9 und 10, rei,)ectively. Curves labeled #1, #2 and #3 in Figure 9 are for a NACA 64 1 A212 section at
Reynolds number 3 x 106, 6 x 106 and > 6 X 106. Curves labeled #11, #12 and #13 in Figure 9 were adjusted for the
-3* traiiing edge rigging of the T-2C model, and are to be used Wn comparing with the T-2C wind tunnel data .
Curves labeled #4 and #5 in Figure 10 are for a NACA 64-209 section at Reynolds numbers 3 x 106 m1,1 6 X106,
respectively, and were used in the parametric calculations together with curves #6 - #8 to cynmine effects of the
steepness of the negative lift curve slope -b in the post stall region. The airfoil section characteristics in Figures 9
and 10 were extrapolated from published NACA data (e.g. Ref 19).

A comparison between the calculated and measured lift values for the T-2C at zero and ten degrees yaw angle is
shown in Figure 11. The tests were conducted tail on, and corrections were made for the estimated tail jift
contribution as shown in Figure llb. The test data are static measurements and average oit zany fluctuating values
of CL. The model was not pitched in a manner to produce .,ft hysteresic in Re". 18. However, the 1976 test
results were taken with a p increasing and then decreasing with time, and exhibit lift hysteresis for ap> 12°
(Figur Ila). The calculations appear to indicate a hysteresis loop which extends over a somewhat broaderr a p band
(11°i Vp g 181) than the data. This Is in acco-dance vith the special computational logic employed in the method,
which as discussed previously may lead to the maxim am allowable hysteresis.

On the other hand, the test data from Ref. 18 do show a sudden rolling moment asymmetry at zero yaw angle for
C$ > 12° (Figure 12). This may be an indication of the stall (or partial stall) of one wing panel, aid occurs at

the lower limit of the zone of lift hyserosis shown in Figure 11. The T-2C zero beta rolling moment data have
b•'cn plotted in Figure 12. Also shown are computations riade with the current method, wherein a roll asymmetry
is introduced for a very short period and then removed, in order to perturb the asymmetrical loadings. As seen
from Figure 12, the resulting rolling moment coefficients (with the roll asymmetry removed) correlate well with
the test data.
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4.3 PARAMETRIC STUDIES

Parametric calculations were made with the current method, to determine effects of wing planform (aspect ratio,
taper ratio, sweep back angle, and twist) and of airfoil section characteristics (steepness of negative lift slope beyond
stall) on the occurrence of lift nysteresLs and zero-beta rolling moment. The purpose of the calculationm was to obtain
trends a,•i guidelines which might lead to the design of safer aircraft whi-h are less subject to at'verse departure and
spin entry characteristics during high performance maneuvers. More e2•nslve parametric variations may be found
in Reference 1.

4.3.] Effect of Negatlvc Lift Curve Slope alnd Aspect Ratio
Effects ef the abruptness of the negatve lift curve slope beyond stall and of aspect ratio for zero yaw angle are shown
in Figures 03 and 14. Each plot represents a pitch hysteresis computation tin ml , thl 3tall with the angle of attack

first incrrasing (denoted by circles) and then decreasing (denoted by tilangles). Where no triangles aplear, the pointsq
tre coineilcnt with the Increasing %p points., This notation has been used throughout the present section. Figure 13 is
for Al = 8, and shows that the extent of lift hysterC1'ls gradually decreases as the steepness of the negative lift curve
slope diminishes. Figure 14 shows that increasing aspect ratio reduces the zone of hysteresis for a given negative
lift curve slope. A similar set of pitch sweeps were made for a yaw angle ý = 10°. Lift hysteresis chamccerlstici,
similar to those for 5 = 00 were obtained. The corresponding variation of roiling moment coefficient versus angle
of attack has been plotted in Figure 15 for the Al = 8 case. A hysteresis loop for rolling moment coefficient, which
behaves with respect to lift curve slope (and aspect ratio) in a manner very similar to lift coefficient, Is Indicated.

4.3.2 Effects of Taper Ratio and Twist
Effects of taper ratio T and twist (T on lift hysteresis were obtained for the At 8 case with section lift curves #4,6
and 7. Figure 16 shows effects of varying T from 0.2 to 1.0 onlift hysteresis for curve #6. The calcula tions for the
Intermediate value T = 0.495 exhibit a slightly greater tendency for lift hysteresis (for all negative lift curve slop-,
than do tithe: of the other two T cases. This may be true, because the T = 0.495 taper ratio provides a more unliorm
-spanwlse distribution of section CL, and hence causes the Initial stall to be delayed to higher values of overall lift
coefficient when the pitch rate ts positive.

Figure 17 shows results for a wing with, -3* linear wash out at &e tips (0 T -30), an untwisted wing (c4r = 0),
and a wing with positive linear twist (0 <•'_r < + 30). As is apparent from Figure 17 hvist has only a minor
Influence on the extent of lift hysteresis. It Is recognized that the effects of twist, taper ratio, aspect ratio,
and sweep back on stall hysteresis are interrelated. The particular combination of wing geometric parameters
which provides the most uniform spanwise distribution of section CL may also exhibit increased stall hysteresis.
Because of the correspondence between the occurrence of stall hysteresis and zero beta rolling and yawing
momepts (see Section 4.3.3), It Is expected that similar conclusions may be made with regard to the effects of
wing planform parameters on the zero-beta moments.

4.3.3 Zero Beta Rolling (and Yawbln) Moments
Computations were made to Illugtrate the occurrence of zero-beta rolling and yawing moments during the pitch
sequence. Sample results are shown In Figures 18 and 19 for the Al = 8 case The pitching motion was 'nit;ated
at p= 10 with the wing symmetrical. The pitching motion was halted at ap = 12.40, and an aiymnmetry
AR= : 1" was applict to ea-h wing panel and then subsequently removed, to simulate an aileron perturbation.
The pitching motion was then resumed, either positive or negative, with the wing again symmotrLcal. Figure 18
shows the lift variation during this process for various lift curves. The corresponding rolling moment variations
are shown in Figure 19. The theory predicts the occurrence of zero-beta rolling and yawing moments (not Aotted)
over nearly the same 0p zone as that for which lift hysteresis occurs. Redueing the abruptnoss of the otall (steep-
ness of the negative lift curve slope) Is seen to ameliorate the effect. Rekucing the aspect ratio froin 8 to 5 increased
I' eUp zone over which the zero-beta lateral moments occurred (see Ref. 1).

4.3.4 Effects of Number of Elements
The parametric calculations presented so far were made with 14 zortex elements acrogs the span (N=14) and with
only four rows of vortex elemecnts in the wake (M-4), the fourth being horseshoe In shape, to conserve :omputer
time. Although effects of va-ying N between 10 and 20, and of M between 1 and 40 were obtained in specific cases
(see Ref. 1), further studies are still required to establish the optimum values of N and M for wings of arbitrary
planform. In addition, effects of N (and possibly of M) on the nature of the .,aw-tooth stalling pattern mentioned
in Section 3.1.2 should be considered.

4.4 H1YSTERESIS CORRELATION

An attempt was made to correlate the compotations of lift hysteresis. One such correlation is shown Figure
20. Here the product ACLII • AXlI has been plotted versus 57. 3b/' Al, where ACLII is the maximur CL difference
In the hysteresis zone, and AUH Is the width of the zone. The product LCLtI • A.C11 is a mepsure of _he area of the
Slif' hysteres.s loop. The value b Is the maximum negative lift curve slope (per d grce), and the ratio 57.3 b/1T Al
represents the ratio of this slope to the slope dCL/dC:D for a wing with constant downwash angle ob
across th- span. Thus, the correlation includes 2D and 3D parameters.

g..
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It is readily seen from Figure 1 that multiple solutions (symmetric case) will not occur umless b/(dCL/d aD) • 1,
coATespoading to 57.3 b/ri Al z 1 in the constant downwash angle case. Thus, the parameter 57.3 b/IT At :,ppears
reasonable for predicting the occurrence of multiple asymmetric as well as of symmetric solutiona.

The correlations predict the occurrence of lift hysteresis whenever 57.3 b/1T 7t- 0. 18, although the area of the

hysteresis loop is seen to be dependent on other planform characteristics. Thus, the method predicts the
occurrence of lift hysteresis for wings with negative lift curve slopes only approximately 1/5 as abrupt as thought
necessary based on the idealized constant downwash angle criterion. This may be due to increased local downwaah
angle over regions of the wing with stalled or partially stalled flow.

5. CONCLUSIONS AND RECOMMENDATIONS

A nonlinear lifting line theory, with an unsteady wake, has beon developed and applled to the prediction of
forces and moments on aircraft undergoing a pitching motion through the stall region. The procedure Is an outgrowth
of the steady state, nonlinear lifting line approaches in Ref. 2-4, which predicted the occurrence of multiple solutions
to the lifting line equations under certain conditions. The present theory predicts lift hysteresis and rolling and yawing
moments, even at zero yaw angle, for wings with a negative lift curve slope of sufficient steepness subsequent to stall.
It is anticipated that the theory and computations may serve as a guide m npredicting the susceptibility of various air-
craft of moderate to high aspect ratio and low sweep to adverse stall awl departure characteristics.

Specific conclusions relating to the comlpltations and assumptions are summarized below.

(i) The method has been programmed for solution on the CDC Cyber 70 computer. Computer solutions are
simple to execute and reasonably economical.

(i) The method compares well with steady state T-2C test data (aspect ratio 5.07), both for lift and rolling
moment. No lift hysteresis appeared in the data but both test data and theory showed the occurrence
of zero-beta rolling and yawing moments.

(i11) The theory predicts lift hysteresis and zero beta rolling and yawing moments when the parameter
57.3 b/fr AM> 0.18 (-b is the maximum negative lift curve slope of the two-dimensional airfoil sections
compriaing the wing). The severity of these effects is found to increase with increasing b and with
decreasing aspect ratio. Other planform parameters, such as sweepback angle, twist and taper ratio
have a lesser Influence on these adverse stalling characteristics.

(iv) The converged solutions obtained au angles of attack for which multiple roots e:xist are non unique and
depend upon the starting solutions used in the iteration procedure.

(v) The iteration procedure employed a special logic, which used either the converged solution from the
previous time stop as the initial iterate (unstalled) case, or set the initial iterato for downwash angle
equal to zero over a wing panel (stalled case). This empiricism eliminates solutions with saw-tooth
stalling patterns, delays stall during pitch-up, and postpones destall during pitch down, thereby maximizing
the hysteresis zone. Consideration should be given to alternative methods, possibly based on stability
theory, for selecting among the various possible solutions.

(vl) The formulation does not include geometric effects of sweep and dihedral angle on the effective section
angle of attack. These effects should be included to produce satisfactory correlation with test data,
particularly for the sideslip case.

(vii) Test data, which include dynamic effects relating to unsteady wing forces, moments, load distributions
and stal: patterns, are required to substantiate the method and provide a data base for building an
improved formulation.

(viii) An unsteady, nonlinear lifting surface theory, with two or more spanwise lifting lines, may be required
for low aspect raio fighter applications. The expanded theory might also include unsteady effects on
chordwise load distribution and section stall.

6. REFERENCES

1. PiszkIn, S. T. and Levlnsky, E. S., "Nonlinear Lifting Line Theory for Predicting Stalling Instabilities on Wings
of Moderate Aspect Ratio," General Dynamics Convair Report, CASD-NSC-76-001, June 1976.

2. Sears, W.R., "Some Recent Developments In Airfoil Theory," Journ. Aerospace Sciences, Vol. 23, No. 5,
May 1956, pp 490-4 9.

S. Schairer, R. S., 'U"Miymmetrtcal Lift Distributions on a Stalled Monoplane Wing," California Institute of
Technology, Thesis, 1939.



25-11

4. Scars, W.R., "A New Trealment of Lifting Line Theory with Applications to Rigid and Elastic Wings,"

Qaat. Appl. MN'ath., Vol. VI, No. 3, Oct. 1948, pp. 239-255.

5. Cord, T.J., "Itysteresis Induced Wing Rock," Air Force Flight Dynamics Lab. Rept., AFFDL-TM-75-76-FGC,

June 1975.

6. Anderson, C.A., "Stall/Post-Stall Characteristics of the F-111 Aircraft," AGARD Proceedings #102,

Fluid Dynamics of Aireraft &allH!M 1972, pp. 18-1 to 18-9.

7. Jones, J. G., "The Dynamic Analytis of Buffeting and Related Phenomena," AGARD Proceedings *102, Fluid

Dymunics of Aircraft Stalling, 1972. pp. 23-1 to 23-30.

8. Shaw, D. E., "Pro-Stall Behavior of Combat Aircraft," AGARD Lecture Series #74, Aircraft Stalling and

Duffeting, 1975, pp. 6-1 to 6-18.

9. Kroeger, R. A., and Feistel, T.W., "Reduction of Stall-SpLn Entry Tendencies Through Wing Aerodynamic
Design," SAE Preprint 760481, April 1976.

10. Zlotnirk M. and Robinson, S.W., Jr., "A Simplified Mathematical Model for Calculating Aerodynamic Loading

and Downwash for Midwing Wing-Fuuaelage Combinations with Wings of Arbitrary Planform, " NACA RM L52J27a,

16 Jnnuary 1953.

11. Ham, N. D. and Johnson, W., "On the Mechanism of Dynamic Stall," Journal of the American Helicopter &Sciety,
Vol. 17, No. 4, Oct. 1972.

12. Weissinger, J., "The Lift Distributions of Swept-Back Wings," TM 1120 National Advisory Committee for
Aeronautics. March 1947.

13. Wagner, H., "Dynamischer Auftrelb von Tragfugeln, " ZeitschrIft fur Angew. Math. v. Mech., Bd. 5, 1926,
7 11. 17-35.

14. Von Karman, T. H., and Sears. W.R., "Airfoil Theory for Non-Uniform, Motion," Journ. of Aeronautical
Sciences, Vol. 5, No. 10, Aug., 1938.

15. Gregory, N., Quincey, V. G.. O'Reilly, C.L., and Hall, D.J., Piogress Report on Observations of Three-

Dimensional Flow Patterns Obtained During Stall Development on Airfoils, and on the Problem of Measuring
Two Dimensional Characteristics, Nat. Physics. Lab. Acro Report 1309, A.R.C. 31,702, Jan. 1970.

16. Jones, W. P., "Aerodynamic Forces on Wlngs in Non-Uniform Motion," British, A.R. C., R&M 2117, 1945.

17. Djojodihardjo, R.H., and Wldnall, S.E., "A Numerical Method for the Calculation of Nonlinear Unsteady
Lifting Potential Flow Problems, " ALAA Journal, Vol. 7, No. 10, Oct. 1969, pp. 2001-2009.

18. Schuetz, A.J., and Bailey, D. B., "Low Speed Wind Tunnel Investigation of a 0.09 Scale, Navy Model T-2C
.Subsonic Jet Trainer Aircraft from -8 to +83 Degrees Angle of Attack," Naval Air Dev. Center Report

1FADC 73259-30, Dec. '73.

19. Abbott, I.1H. and Von Doenhoff, A.E., TheoryofWlnM Sections, Dover Publications, N.Y., N.Y., 1959.

ACKNOV.WLEDGEMENT AND DEDICATION

This research was sponsored by the U.S. Navy, Naval Air and Development Center under Contract N62269-75-C-0356.
Thanks are due to the NADC Scientific Officer, Mr. A. Piranian, and to Professor L. Schmidt, U.S. Navy

Postgraduate School, who was acting as Navy Technology Administrator for Aerodynamics, for their many helpful

suggestions and directions.

The research was begun by Mr. Stanley T. Pish in, who passed away suddenly and without warning shortly after

completing the formulation and computer check-out phases of the work. Mr. Piszkin also performed the majority

of the computer calculations and was able to demonbtrate the occurrence of %ero beta rolling and yawing moments.

The present author was priviledge to have worked closely with Mr. Pierkin during the formulative stages of the

program, and hopes that he has been able to convey the ideas and reoults of Mr. PLszkLn in a clear and precise

manner.

-Mr. Piszkln, as an acrodynamicist and as a private pilot with expertunce in acrobatics, not only dealt with tile

theory of stalling intabilitles from a theoretical standpoint, but also from a very practical flight safety point of view.

It was his hope that these efforts would someday lead to a better anderstandlng of the nature and cause of the adverse

departure and spin entry characteristics of high per in Improvednflight sndety.

It Is to Oils goal and to Mr. Piszkilns memory that the present report has been dedicated.



MULTIPLE SOLUTIONS (340) WING SHOWN SKEWED
USALDTO REPRESENT YAW -f.. VORTEX SPAN STATIONI

I TRAILING VORTEX

STAL ~/LI1 LATTI,'E INDEX

S LP3C/4 k-i

LEO(SOLUTIONC
ANGLEC OFG ALEC)

0 (DOWNAS)
FF -- l AOX PRIM AAR U kM 1

ANGLEv IMAG WINGK

F igr I Nolna XoDnetoi eto itC urv VORTEX k=5

SPAN ~ ~ ~ 1 CATINON ~l' N

ElEMENTONWWIN

& i5.SRENTH S (2 SHWN T 1/4 C LOCAIND VORICE

Fq,~ 5 LOATO

1-imurc 2. Wing Planform Geometry and Vortex Element Placement WAGNER FUNCTION

DISTANC TRAVELD NY WAE BEHIND

TRAILING EDGE IN CHURD LENGTHS

Figure 4. Comparison of Discrete Vortex Wake Modtel with Wagner
Function (Contsnuoti% Vortex Wake) for Two-Diincnsion-
al Flow.

1 (II0 r,(li 1,2 1() 1,2(t) 1'3(t) 1-3(t) 1-0)1 P4 (i)

A FORMULATION IN TERMS OF rk

4- X

A111 II2t r,0 A7

k1 2 3 45

8. FOML4O INTRS XSAk k-k

FIgr 5, 3w-i~ninIRpesnain fUsed ae



25-13

"" RECTANGULAR WING1 0 (D Re - 3x 106 NACA 641 A212
ASPECT RATIOS 6
SECTION LIFT CURVE S`LOPE s- 1 (D, Re x 16

16 - (D Re>6xt06

0 STEADY CASE
STATE I

JONES, REFERENCE 16 2 1.--

-00

< -a ---

- "0. -M CTHU0

L;, 44.12• 'i T.2C 0

0.4- DATASETS 11, 12, & 13 NOTED BY St FOR PRESTALL
REEEC" \ýE _R RJJDIIgJ To~3•i 0 4 3ý..%DJOJODIIIA~rJO & WIIAi L, d & SAME AS 1.2 & 3 FOrt CORRESPONDING POSTSTALL'
REFERENCE / as. THESE REPRESENT DATA FOR-3VT E. DEFLECTION

0 2011 3 4 5 0 4 8 12 16 20 2,4 28

OISTANCE TRAVELED, A x/c ANGLE OF ATTACK, ap (DEG)

F gure 6. Effect of a Step Change in Angle of Attack Figure 9 .ectin Lf" Characteristics of NACA 64 A2
un Lift, AR=6 and 1I-2' Airfoils.

"10 -6r ,• •WAGNER

-- FbHCTION)

0. 4

Z OA0. CASE 4 REPRESE1rSR 3 01JA46-0
CASE S REPREEP Re6xI0.NACA 61-209
CASES 6-8 REPRESENt LESS ARPUPT STALLS

SOLID LINES BY CURRENT METHOD 0

RECTANGULAR WING 0 4 8 .2 4 ? 2 4 ;

N - 14, M - 20,n - 1 ANGLE OF ATTACK.pi, Intil
1 SECTION LIFT CURVE SLOPE a- 27rSE C iONIT I C I Figure 10. Nonhnear Airfoil Srctioil Lift Charactefistics Utwd for

0 2 6 10Parametric CaCU~iaticn.
DISTANCE TRAVELED, A x/E

Figure 7, Effect of Aspect Rat~o on Lift Following a Step 1.5 ------

Change in Angle of Attack. PRESENT ?JETHOUJ WITH SECTION I
DATA NO. 11 Or- FGIURE 9

NFULL-SCALE 1.0 - ----- ,a•1ECBEAS1," 6

Tt 1 3 4 " . ..... '

"2.. 1 TEST DATA
0.75 c 'l-NEt •- . 0 18973 iREF 18)

,-7 1,476,NCREAS046

V 1q7fi,u1DECRE4SINGI

SA. ZEROYAW ANGLE
J j i1 9~I73 TEST DATA ',E 1ii)

I3 3 PRESENT METHODWI rHsCTION ,

Sa uiNCRZASING ------

1k 20 aOECREASING,,
Figure 8. Planform Geometry and Paneling Used for T-2C O..//

Computations (N 14). 05,, SUBTRACTED FROM TEST DATA
• /' AS TAIL CONrRIBUIION TO LIFTI

AL 5 O10 IS 20
ANGLE OF ATTACK (6"eev)

B. ±:1: YAW ANGLE

Figure II. Comparison of Present Method with T--2C Wind Tunnel
Data for Lift.

9YN



..5-14

-i z. . --

- 0 -

. 2

TEST DATA FROM REF 18

ENO HERE ,START ,iERE Re , 4 x 106 BASED ON c
' 0 .GR;T OFF, AGRIT ON

a: 0 ,SHOWN BY LINE WITH ARROWS

PERSENT METHOD N - 20, M - I, SECTION DATA
0 FROM CURVE NO IIOFrIGURE9

2

.. 4 -

0 4 8 12 is 20
ANGLE OF ATTACK, t p (DEC)

Figure 12. Compinson of Present Metiod %A ith T-2C Wind 'I unnel Data for Rolling Momcnt at Zcro Yaw Angle.

1.3,AR .8.0 Tr 0.495,A-27 13

1.21- Iw 0', OT r" 0, 0', 1.2 20 LIFTCURVENO 6
2D LIFT CURVE NO.4! / R0 0.119b/2 FROM FIGURE 10

1.1 -FROM FIGURE 10 . PITCH RATE 8 OEGISEC 1.1
StDESI.IP- 0, R -0 1 T-0.495,A-2.270  /i.01-- H/ M 4 C 01  00a T-00

, R -0I119 b/2 IT
0-PTHRATE 8 DEPG/SECI ' j. 3SIDESLIP- 0,AaR.O,s / o•N, '-/

08- N- 14, ?A O4

0,7 .: _ ... J NEG LIFT CURVE SLOPE
A. NEGATVE LIFT CURVE SLOPE '0.97 PER BEG 0.73- 0.125 PER DEG1.3 [ - L -

.2- A. ASPECT RATI 0507
20LIFTCURVENO.6,/ 

A T1.11 FROM FIGURE 10 ~ .

L3! .- 20 LIFT CURVE NO. 6

/ ~ I~[.-FnOM FIGURE 10

07 1.6
8. E AF-,VE LIFT CURVE ýLQPE 0.1.25 PER DEG CL /

d__- i0, 0

120 L!FTCURVE NO.1 / 07
i. FROM FIGURE.G/ 00 - I

.R ASPECT RATIO 8.0

'LI ~~~~13 - _ _ _ _ _ _

C1  - - , RO IUE1 . NEGA RVE LIFT CURVE SLOPE - .0;5 OEG 1. .20 LIFT CURVE NO. 6______________________

2L 2LIFT CURVE NO. 9'
. FROM L i- UR_ 10 1.0

"9 /I I t..~~
9.7 L-. 4~~j_________

0 4 a 12 ib 20 24 0 .4 8 2 16 2
(10DEG I p (OEG)

P. NEIIATIVE LIFT CURVE ;LuFE -0;40 (1tCsREF C. ASPECT RATIO 12.1)
FieLire 13, t1iffet' of Nlrgatiy' ,lIrIt .'ui ;p on IP

llystcr-ss, Aspect Ratio tI .i. Figurr 14. rEi'ct of Aspecl Ratio on Lif, livstresis.



25-15

0120 LIFT CURVE NO 4 1.2 AR - .,045 A -2.27

FROM FIGURE 10 ', '2' ~0= .1 .
AR - 80.r.-0 495. A- 2 27' PITCH RAI E- ±8 OEGS/SEC

.- 0 01- 'W -0
0 ,ar`ý0"Y-O

0 Roo0.I19b/2 10_SLIOESLIPO0, 'daR'"
0

PITCH RATE 8 OEG/SEC C1  N-14, M-4
-002 SIOESLIP 10 DEG C

-003 
08- 

7
r, I I I 'A NEGATIVE LIFT CURVE SLOPE -0.97 PER DEGREE

0 01
20 LIFT CURVE NO 6 -Z jA POSITIVE LINEAR aT - 0*- +3'

C 1 .

-0.01 -

-002, 1 1 CL
8 NEGATIVE LIFT CURVE SLOPE 0.125 PER DEGREE

001 08
I2D LIFT CURVE NO 7 III
FROM FIGURE 10 To 04co0 ZERO TWIST a-r 0

C1  12

-0.01 [-.

C. NEGATIVE LIFT CURVE SLOPE *0.075 PER DEGREE

0.01.0
120 Li T CURVE NO. 8 L

C1  o- .-.-- 0.8/- -

-0.01 1

0 4 8 12 16 20 0 48 12 16 20
a (ES) ap,(DEG)

0. NEGATIVE LIFT CURVE SLOPE '004 PER BEG C. NEGATIVE LINEAR TWIST jT 0' -30

Figure 15. '--ffet of Negati% c Lift Curve Slope on Rolling Moment Figure 17. Effect of Twist on Lift Hysterests, Aspect Ratio 8.0
Hysteres.is at 100 Sideslip Angle, Aspect Ratio 8.0. 2D) Lif't Curve Number 6 from Figure 10.

AR -8 0,T - 0.495,A- 227' AaR - C' (OPEN SYMBOGLS)

1.1 1 
1
W O~aT -0.'- - 0 RB -0 119 b/2 N'14,M4

AR ~8.0.A= 2.270,~~ =0 IPITCH RATE = ±8 BEGISEC SLDSMOSWT

1.0 aT- 0,Y-O`.RB0.119b/2 SIDESLIPO -R 0'0ONhWN

PITCH RATE -___8_______________________C.__
CIEG/SECESIP. 0 20 LIFT CURVE N~O. 4PA LAtz 12

C N N14, M -4 -FROM FIGURE 10 ,

0.7
A TAPER RATIO 0.20 0.8

V 1aA. NEGATIVE LIFT CURVE SLOPE 0.97 PER BEG

I2 L2LT CURVE NO. 6
C 1 10 t1.0FRO" FIGURE 10

Os - -
- -- oe ~ NEGATIVE LIFT CURVESLOPE .0.125 PER DCGj

028- 4f20 LIFT CURIVE NO. 7 :®4
FROM FIGUREl10

8 . TAPERI RATIO OA95 -10 1,OW
11CL

1A- /208 LTCURVEGATI. LIFT CURVE SLOPE 0.075 PER D~tG

CL 03- FRMFIGURE 10

0.8-C 1.0

I L1

0 4 8 12 16 20 -A #/0) NEG ,ATIV E LI FT CU RV E ̂ 3LOPE *0.014 PE R 0 EG
a DEGI 6 8 10 12 14 16 18

C. TAPER RATIO 1.0 a. (DES)

F igure 16. Effect ofT.aper Ratio os L.ift iI y&ereSts. Aspect Ratio Figure 18. Effect of Roll Perturbation at ap= 12.4 Degics
8.0. Lift Curve Number 5 from Figur-, 10. on Lift Hysteresis Aspect Ratio 8 0.



25-16

AR. - .0.100495, A 2.Z27' SOI 10SYMBOLS WITH

PITCH RATE - 18 DEG/SEC PA.'E LS AT I~ 1240
A a R -O (OPEN SYMBOLS)
N -1.4, M - 4

0 ~-

20 LI FT CURVE NO 4

00' FROM FIGURE 10

A. NEGATIVE LIFT CURVE SLOPE =C 91 PER DEGREF

Ck-0 02 - 20 LI FT CU RIVEý 7 ND 6 
IJ

B. NEGATIVE LIFT CURVE SLOPF CLI.l/PER DlEGREE

0

2 I1CURVE NO.17
FROM FIGURE 10

.0.021 1 1
C NEGATIVE LIFT CURVE SLOPE - (1075 PER DEGREE

5.02 1
70UF r CURVE NO B
FROM FIGURE 10

6 8 10 12 14 16
ap(degrees)

0 NEGATIVE LIFT CURVE SLOPE - 0.040 PER DEGREE

Figure 19. Effect of Roll Perturbation atc P = 12.'4 Degrees on Zero Leta Rolling,
Mom-.nt, Aspect Ratio 8.0. p-

2.0 CODE

SYMBOL ART A aT
A 5.07 I0.495 2.21' 0*' Lo &o 0.495 2.'7* 0*'at 110 j1.00 2.27' 0o

1.5 - l 1r 0 0.20 Z.27* 00 1Io0 &C 0.495 2.27* V- +3*
10 &0 &.495 2.27* 0'--? -~--JAGH h-
6 8.0 0.495 20- 0*3.

z0 1_20 .9 2.27- 0'

1. MAXIMUM VA LUE FOR ............ NEOEO
ZERO HYSTERESIS BY

MAIU
CURRENT COMPUTATIONS0

0.5 '-,--MAXIMUM VALUE FOR

57.3 Wit AR

Figure 20. Lift Ilysteresis Correlation.



26-I

DYNAMIC LOADING ON AN AIRFOIL DUE TO A GROWING SEPkRATED REGION
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SUMMARY

Experiments exa.aining the unsteady growth of a separated region on an airfoil in incompressible
flow are employed to verify aspects of a semi-empirical modAl which attempts to predict the loading and
unsteady flow effects associated with the region. Measurements of surface pressures downstream of an
osciliating fence-type spoiler confirm the existence of the two essential features of the model, namely,
(1) a lag in the growth of the s,,paration zone due to the unsteady nature of the flowfield, and (2)
modification of the approximate "roof-top" pressure distribution associated with a separating and
reattaching shear layer which occurs on a surface in steady flow. Also examined briefly are the effects
of Reynolds number variation and the observation of secondary flow phenomena. Limitations of the model,
including its inability to predict detailed spatial and temporal distributions of pressure behavior,
are discussed along with recommendations for improvements. One recoesnnnded improvement to the model is
the inclusion of the flow field mean vorticity distriburion.

SYMBOLS

a shear leyer parameter 1o' Al non-dimensional mean length and amplitude
b flap/spoiler mechanical coupling parameter p surface static pressure
c airfoil chord t time

CHC! hinge-moment coefficient due to spoiler- U velocity
induced loading x non-dimensional chordwise distance

C pressure c.oefficient, non-dimensionalized measured aft 'rom mid-chord based on half
by frEe-stream dynamic pressure chord length

Cpb pressure difference coefficient associated xt non-dimensional pressure transducer loca-
with a roof-top distribution tion

CtPb untr.eady perturbation to Cpb flap deflection angle

E ratio of separated regior length to AP center and amplitude of flap oscillation
shear-layer thickness

spoiler height instantaneous phase angle, 0 wt/2T7
hs, n acttual and non-dimensional spoiler height, which relates to spoiler height through

h a hs/(c/2)
h0 , Ah non-dimensional mean spoller height and the formula h(fre hq -ch cos 2os l t (t)

amplitude w angular frequency of oscillation
ho. non-dimensional mean spoiler height for Subscripts

-ero flap deflection in the coupled a pressure elbow value on spoiler upstroke
conftguration b pressure elbow value on spoiler downstroke

k reduced fr.queaic parameter, k - - c convective velocity value

IsI actu.l and non-dimensional length c o constant, average valuer value near the reattachment pointseparated region, £ R Is free-stream value

1. INTRODUCTION

During mneuvers at high angles of attack, dynamic stall or other similar flow phenomena related to
a growing unsteady separated region may result in aerodynamic loading which differs significantly from
that in steady flow. This often causes depazture from controlled flight or in the very least alters
the predicted behavior of the flight vehicle.

The problem of dynamic stall has been recognized for some time, 1 with various asoects having been

investigated tither experimentally, 2 analytically, or numerically. 4 An excellent survey of past
progress in the genr-al area of separated flow may be found in reference 5. The extension of some of
the ideas tor steady flow to the problem of unsteady flow has only recently been attempted6 but these
efforts are still in their infancy.

A useful approach to achieving an understanding of the flow physics in such problens is to conceiv.e
of a flow situation in which the r- Ion parameters (for example, separated regiov geometry) can be
some-hat "controlled" but which exhl ±ts the main features common to all such flo's, For that reason,
a separated region produced downstream of an oscillating fence-type spoiler located at the midchord of
a symmetric airfoil was examined. in addition to providing the characteristics discussed above, this
flow field is thought to be somewhat of a subsonic analog of shock induced separation which, in the
unsteady case, involves approximately normal shocks that traverse the surface of an airfoil and result
in a growing separation zone.
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Previous wor:. by the firet author with a similar configuration led to an experiment which was
pe:formed at the Cranfleld Institure of fechnology (C.I.T.), England. It involved an oscillating
spoiler and flap combination with which limit cycle behavior was observed when the spoiler and flap
were mcchanitalLy coupled. 8  The resultant flow model espoused in a subsequent report 9 and in a recent
paperIl contains two essential features consistent with observed characteristics. The first, involving
a lag In the growth of the separation zone, is attributed solely to the unsteady natdre of the flow
field. The second involved a modification to the approximate "roof-top" type pressure di'tribution
(Figure 1) whi .h is associated with a shear layer that separates and reattaches on a surface in steady
flow.

The current effort seeks to further examine these two features in a more direct fashion and their
effect on the surface loading in the region irmmediately adjacent to the separation "bubble." rhe
experiments described belLw were conducted to provide a more complete description of the details of
the flow field behavior for comparison with elements of the model of reference 10.

2. MODEL OF THE SEPARATED REGION

The following is a summary of important aspects of the analytical mode!l used to predict unsteady
loading due to spoiler-induced separation. The model is based, in part, on earlier experimental
results which have been reported in detail in reference 8, and in summary in refe-ence 11. Detailed
steps in its development may be found in references 9 and 10. The model considers snall pertu-bations
to a separated region of the so-called "long bubble" type, due to a spoiler oscillation of th,ý form

h-ho - Ah cos Wt where «---h 1.h - h ho
0

2.1 The Lag in Bubble Growth

The basic premise upon which the model is founded is that the separated region in unsteady flow at
any instant retains the characteristic geometric shape of a "bubble" found in steady flow. Of course,
the quantitative aspects of the region (size, induced loading, etc.) are not assumed apriori.

Mass flow into the separated region is related to spoiler motion by the assumption that the outer
shear-layer (i.e., portion of the shear-layer external to the steady-flow dividing streamline) reacts
in a quasi-steady manner to transfer fluid into the bubble. A significant additional assumption, which
was used by Trilling1 2 , is that mass flux pert,'rbations are propagated I n a reversed flow direction at
a characteristic convective speed, Uc. A relationship for instantaneous nondimensionJl length of the
separated region was then shown to be:

A(t) esi -W cos (Wt-0)

where the rhasa angle, 0, could be related tc the mean length, Z o, and Uc.9,10 A more general expres-
sion, which is applicabli! to the larger amplitude cases of interest here involves a phase angle which
depends on instantaneous length. The equation for the length then becomes-

£sCt)

<t) = 1o " A- cos W[t - --su-3
c

or

t(t) - Lo - .4cos £27TO(t) 1: (t)] (1)Uc

Mean bubble length and amplitude may also be related to mean spoiler height and amplitude. A linear
relation is given by the approximation of reference 10, Lo . Eho and Ae = EAh. Equation (1) shows
that the bubble lags its quasi-steady length by a time varying phase angle which depeads cn leduced

frequency and the velocity ratio U-. In the present model, thir velocity ratio is assumed constant.
Uc

It may be thought of as relating a char&cteristic bubble length (defined, say, as the distance between
the reattachment point and the spoiler) and the average time it takes for an element of fluid to travel
this distance within the bubble interior.

2.2 Unsteady Pressure Distribution

The characteristic shape of the surface pressure distribution adjacent to a separated shear-layer
which reattaches onto a solid surface may be approximated by the "roof-top" distribution shown below in
Figure 1. In this figure (and in the model), a pressure difference coefficient is employed as the
ordinate. Its distribution, which iuflects the difference between separated and attached flow values
of pressure, also represents the di'ference in chordwise loading on the aft portion of the airfoil.
The region of pressure rise between the roof-top value and that near reattachment may involve an "over-
shoot" lin pressure downstream of reattachment which is associated with the effects of turbulent mixing
and reattachment.

In steady flow,the roof-top value of pressure coeff'cient, Cpb, may be thought of as a base pressure.

It does not change significantly with spoiler height for moderate to large val es of height. 5 As
spoiler height increases, the separated region length increases in the downstream direction. A long
region may involve recompression on the surface with a point of confluence (not properly called
reattachment) in the wake. This type of bubble has been discussed previously. 8 ,9 The present model is
valid for reattachment on the surface only.
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Under the assumption of quasi-steady behavior
Sf the outer shear layer and following the develop-

ment of Norbury and Crabtree, 1 3 a relationship
(-) Typical Actual Distribution between 3poiler motion and an assumed perturbation

Cp to the roof-top pressure can be written as:

Cp Roof-Top Approximation5101 Cpb

C k pb a k aklh sin filt

where
S•_ hso

0X a 4E 0
- r O ro

Fig. 1 Actual and Apl-coximate Surface
Pressure Distributions in Steady for an average rcof-top pressure coefficient of
Flow Cpbo a - 0.4 (see references 5 and 10).

With an approximate value for th, catio of mean spoiler height to shear-layer thickness at reattach-
ment taken from reference 8 and the empirically derived value of E a 23, we have the final result:

"I pb -30k Ali sin Wt (2)

That is, pressure perturbations are directly related to the spoiler rate of motion. Note that the
value of E was evaluated fron. results of the present experiment where, for long bubbles, E - dZ/dh in
steady flow.

2.3 Use of the Model to Predict Loading

Earlier experiments 8 , 9 involved the spoiler mechanically coupled to a plain flap-type control
surface so that spoiler heiglt and flap angle, A, were related by the coupling equation:

h(t) = ho, + b (t)

The complete system equation of motion included mechanical and aerodynamic hinge-moment terms in addi-
tion to the added effect of an incremental hinge-moment coefficient, ACH(t), which is due solely -.
spoiler induced unsteady loads. The incremental quant'ty, ACH, was shown in reference 9 to depend on
separated region length and roof-top pressure in the following functional form:

K AC H(t) = f, (Cph(t)) t £(t)I (3)

-A where

.-- • 120 k2 f C + Cpb

o~~xk/ Pb• .-
I, 0 and f2 was expressed as a polynomial in .Z

0.12--, ,"\ - 4o Stability of the coupled, autonomous spoiler
and flap system was studied upon its release from

/ \ 'a flap angle which corresponds to an equilibrium

condition in steady flow. Results are reported in
0.10- detail in references 9 and 10. It was shown that

-]a range of values of mean spoiler height, ho1 , and
(4" -coupling parameter, b, resulted in self-excitation.

-- Stable limit cycle behavior was predicted and
observed.

The model was shown to be useful in predicting
2 ho not only frequency, but amplitude and center of

00--2' oscillation of the limit-cycle with good accuracy.
0.06.. "Figure 2 contains a typical map of theoretical

predictions for these parameters. 9 , 1 0

0.04' -"

0.2 0.4 0.6 0.0

2b

S~Fig. 2 2redicted Limit-Cycle Behavior
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h = 0.03 - 0.03 cos 217O(t)
k 0.20
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3. DESCRIPTION OF THE EXPERIMENTAL EFFORT

A NACA 0012 airfoil model having a ten inch (25.4 cm) chord with an oscillating fence-type spoiler
protruding from one surface at midchord was constructed and mourted in the 2 foot by 3 foot subsonic
wind tunnel at the U.S. Air Force Academy. The model spanned the tunnel across the shorter dimer,3ion.
It was instrumented with precision miniature pressure transducers located at nine chordwise locations
along the centerline. Six of these were located on the same surface as the spoiler and downstream of
it (at 52, 60, 70, 80, 87.5, and 93.5 per cent chord). One was located on the airfoil lower (opposite
to spoiler) surface at 92 per cent chord. The remainder were located on the upper surface ahead of the
spoiler (at 25 and 45 per cent chord). Data from these two transducers is not presented here. All
transducers were installed so that their natural frequency of operation (upper limic), including duct-
work, was never lower than 400 Hz

The oscillator apparatus was conctructed so that spoiler motion was sinusoidal. Both mean height
and amplitude could be adjusted prior to the comnmencemeant of a run. Oscillation frequencies could be
varied between zero and 20 IHz to within 0.01 Hz resolution. This corresponds to a reduced frequency
range extending from 0.0 5 k < 1.0 depending on the flow velocity.

All measurements were made with the airfoil angle-of-attack at zero degrees. The velocity was
varied from 50 feet per second to 135 feet per second providing a Reynolds number variation of
207,000 < Re 1 560,000 where Reynolds number is based on airfoil chord length.

Transducer data were recorded on FM tape using a 7-channel Philips Recorder/Reproducer with a 10 kHz
bandwidth. Reduction and analysis was accomplished using a Hewlett-Packard 5452B Fourier Analyzer/
Computer System.

Time varying mean pressures were obtained over a cycle of spoiler oscillation by using an ensemble
averaging technique, Synchronizing the pressure signal data with a spoiler position "trigger," data
were inputted, digitized and stored in the analyzer. Subsequent block addition (point-by-point) and
normalization of the correlated data provided the desired result, A sample of the original input data
adjacent to the "average" is displayed in Figure 3 for tua transducer signals.

Mean square values of the pressure coefficient fluctuations were obtained with an ensemble averaging
scheme similar to that used for mean flow data. Noting that, in unsteady flow,

where

and ý is a time-varying mean quantity, the square of the pressure was computed and averaged along with
the square of the mean pressure. The desired mean square value was obtained after block subtraction.
'his data is also displayed in Figure 3.

Spectral information was also obtained using standard Hewlett-Packard FFT software.

4. EXPERIMENTAL RESULTS

4.1 General

Experimental verification of the es ,ntial features of the analytical model described abcve was
attained through examination of available mean surface pressure data. A typical variation of this
quantity with spoiler height for surkace locations downstream of the spoiler and for steady flow is
displayed in Figure 4. Attached flow values (spoiler fully retracted, h = 0) of pressure coefficient
were computed using the NACA method. These data were obtained at a Reynolds number oF 414,000
(U• - 100 ft/sec) as was most of the experlmental data which follows.

It is observed that a region of markedly lower
pressure appears downstream of the spoiler as its
height is increased. This low pressure region then
grows in the downstream direction as the spoiler

S6 height continues to increase. No significant
-0.6 pressure changes are observed in the vicinity of

0% pthe trailing edge for spoiler heights less than
C 0.2 inches (h • 0.04).

-o.4 The above results can be displayed in a
slightly different manner when cross-plotted
against the variable "8," a quantity directly
related to spoiler height. Figures 5a, 6a and 7a
depict this variation for cases where the mean

"•'-92% spoiler height and amplitude are the same and equal
(1ýraurfte) to 0.15 inches, 0.10 inches and 0.25 inches,

-- ---- •--+ respectively. (That is, ho = Ah = 0.03, 0.02 and
0.;6 0.08 0.10 0.05, respectively.) These cases all correspond

h to situations where the spoiler is flush with the
wing surface at its minLmum height and may be
taken as limiting cases of "'quasi-steady" motion;
i.e., the reduced frequency (k) may be regarded asFig. 4 Steady Flow Pressure Variations4 ted Lowat PressureVariationsilerapproaching zero. The symmetry of these waveforms

at Locations Aft of the Spoiler with respect to the spoiler position characteristic

is quite evident.
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h 0.03 - 0.03 cos 2770(t)

S 52%.

.0.4.0.4.

.0.2 1.c 
.0.2.

-0.2

0 ~~92%€•
-,-.-) .i - -- -0 - -

S"a" "b"

(a) k 0.00 (b) k = 0.10

.0.8 .0.8

-0.-0.

.0.4-0.1.

-0. 2 -0.2

(c) k = 0.20 (d) k 0.30

Fig. 5 Pressure Coefficient Ti.me Histories
for h - 0.03 - 0.03 cos 21T@

Figures 5b-d, corresponding to the first mean height and amplitude case above, show pressure
coefficients for the situation where the spoiler was oscillated sinusoidally at reduced frequencies of
0.1, 0.2, and 0.3, respectively. Similar results for other spoiler characteristics appear in Figures
6b and 7b but only for values of k - 0.2. The deviations and relative asymmetries of these unsteady
flow data from their steady flow counterparts are evident upon inspection. In particular, the effect
of frequency is evident in Figures 5b-d where it can be seen that suction values are increased over the
quasi-steady values on the spoiler upstroke (i.e., for 0 < 9 < .5) and decreased on the downstroke
(for .5 < 0 < 1.0).
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h 0.02 - 0.02 cos 2170(t)

.0.2

p .~0.

................ 0 ---- - - - -

0.2 CA 0.6 0. 0. 1 0

(a) k =0.00 (b) k 0.20

Fig. 6 Pressure Coefficient Time Histories
for h =0.02 -0.02 cos 2178

h -0.05 -0.05 cos 2 IT (t)

-1.0

C

pp

0.4 0.61.0

(a) k - 0.00 (b) k =0.20

Fig. 7 Pressure Coefficient Time Histories
for h =0.05 -0.05 cos 2178
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h = 0.03 - 0.03 cos 2ITO(t)

-0.4p .0-

(a) k 0.00
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0 0 0.4 o.5 0.7 o 8 0 10 N,

(b) k = 0.10 9

Cp

.0A2

(c) k = 0.20

a Cycle for h = 0.03 - 0.03 cos 21T6

S...... =•1~C .0.1•mm~m ~mm
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h - 0.0' - 0.05 cos 2V7 ((t)

C I
p

01 0 0) OC 0S 0.6 01 10

(a) k =0.00 o-~

pC-

p .0.

0.0 0.1 . 0 .00

(b) k = 0.20

Fig. 9 Chordwise Pressure Distributions Duiring
a Cycle for h - 0.05 - 0.05 cos 27TO

Chordwise pressure coefficient distributions of the region downstream of the spoiler were constructed
from the above data by emplo~ing the variable 8 as a reference quantity. (See Figures 8 and 9.) These
distributions are depicted at ten equally spaced instants during a cycle of spoil 9r motion. The
completed curves were generated with the aid of earlier experimental observations since data from only
seven transducers (including one on the lower surface) were employed in the present case. It is
reasonable and convenient to show lower surface pressures as recovering nearly linearly from the single
measured value (at 92 per cent chord) to the zero spoiler height value at midchord. The shaded areas
represent regions of upward loading on the surface, while the cross-hctched segments depict dowiuloading.

Careful observation of the above data confirms the existence of the two effects inherent in the
unsteady flow codel: (1) The lag in growth of the l1w pressure~ region i!s evident on both tLhe spoiler
upstroke and downstrokz for all spoiler mian height and amplitude characteristics. The effects of
frequency will be discussed below. (2) The predicted increase in suction values within the low pressure
region on the upstroke (and corresponding decrease on the downstroke) are observed to be both frequ~ency
and ae~litude dependent.

4.2 Characteristic Growth Lag

A quantitative investigation of the lag effect is hest accomplished by selecting a significant
* "event" on the time-pressure graphs which corresponds to a change in surface loading due to separation.

Areadily identifiable "signature" is available in the bend or "ellow1  
-ashoni iue5 A n

given transducer location, event "a" corresponding to the elbow on the upstroke can be further identi-*
fied with the variable @a- On the spoiler downstrok~e, the elbow "b" is simila~rly associated with the
parameter, Ob* For the case of k - 0.0, and a surface location of 70 per cent chord, thede values are
6 - 0.230 and Ob - 0.770, as shown. The same identification technique is employed in the unsteady
flow case.

Figure 10 shows the elbow locations as discussed above corresponding to Figures 5 and 8. in these
cases, the lag is apparent. Although this information is not depicted with spoiler height directly, a
cross-plot of this nature would reveal a non-linear behavior near the origin. hils change in character
may relate to the existence of a so-called "short separation bubble" discussed il reference 8. Once
the "bubble" length has increased so that h/A «< 1, the relationship between pressure elb;ow location
and spoiler height is approximately linear. The distance between the spoiler and a given transducer

(given by xt .5ý) can be combined with the difference between the tunsteady flow value of 6 and the

corresponding steady flow value for events a and b (i.e., 0.' -0. and b 8)adrltdt h sue
convective lag velocities, Ua an Ub

U 2IT(0' -e 9 a nd (6

U x k Ubnxd

a t !F x t k
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h 0.03 0.03 cos 170 (t) Results for the five unsteady cases considered
nbove are plotted versus chordwice location down-

d0.0 stream of the spoiler in Figure 11. T'he horizontal

0.10 axis also corresponds directly to a Re-,noiHs u'unber
4. 0o.20 based on tihe 1cngth of the low pressure region as

4 A 0.3o measured from the spoIler to the preassre elbow.
5F 1.0 DThis length has been shown in reference 8 to lie

downstream of the accual reattachmeut point in oath
s ead nd usec lw

Iii J. The signiflcsnce of the elbow as an indicator

of reattachwent (at l2ast on the spoiler upstroke)

is illustrated in Figure 3. The mean square value
0 ti / of the pressuire fluctuations is observed to

increase dramatically a: the pressure decrease
Sjbegins, signifying the possage of thu outer rhear

layer over the transducer in qjestion. Peak .mean

0.4-- square iluctuatiow3 occur at about 74 per zent of
o- - the 'distance from spoiler location to the upstroke

elbow. This result is nearly identical with
earlier experiments where steady flow reattachment

0.2- was observed to occur at about 77 per cetit of the
distance from the spoiler to the elbow. Based on

flow vlsualization measurenwnts of reattachmenz
point locat!on in th, earlier experiments.

8 
it is

_ also reas-,nable to assume that reattachment occurs

0 0.2 0.4 0.6 0.8 1.0 within the low pressure region between the presnure
elbow and r-As peak.

Of greater significance is the severely
Fig. 10 Pressure Elbow Location During a modified and, in many cases, totally absent peak

Cycle of Spoiler Motior in the rmns flucetuat)!nn on the :,uoiler downstroke,

This Interesting phenomenon et,. the variatien o0
these peaks with other mean fl.v parameters are

due to be Investigated in fu:ther experirenta.

The existence of t0- grwtn iag has been
modelad through a postulated characteristic

20 velocity, UC. Figure ,I depicts the vaiiation in
this velocity with chordwise location. The solid
symbols, which refer to data obtaintei on the
upoiler upstroke, reveal an average '.alua of Ua/U

h 0.243 for lhw pressure regions having a length
M greater than ten per cent of the wing chord. For

G 0o.0 ,the very short characteristic lecgt:hs near the
0.3 spoiler, the determined characteristic velocity is

& .0 5 o0 2.:0 much lower. This difference can proba'Aly be
T .0 attributed to the varying influence of basic

.o.• .es om.o as physical mechanisr7s in the formation of the long
and short separation "bubbles." It should be
noted that measurerents of the upstroke lag inp earlier experiments 8 

indicated & value of Ua/OAl
0.322. Significant differences in geometric aspect
ratio and associated three-dimensional effects may

A well account for this variation.

"Data obtained on the spoiler downstroke indi--4 _at an avotagc characterist!l. velocity for long

_.L- a bubbles of Ub/U - 0.150, a value about one-half

0 as great as that obtained for the upstroke. Lower
values; of this quantity for the very short struc-sj ;& - " _ture were also again computed, Possible explana-

*t•tions for this discrepancy are discussed below.

0_ 0. 46~d 0.6 0ý6 I.$.

Fig. 11 Convective Velocity Ratios on
Spoiler Upstroke and Downmstioke

4.3 Unsteady Pressure Overshoot

The second important foature of the loading model itivolves perturbations to the average ("roof-top')
press-ire Ln the low pressure Tegion. 'rite experimental determination of this characteristic necessitates
a cotrparlson of uasteady flow distributLions with the corresponding distributions in the quasi-steady
flow case.
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The pressure field data of Figures 8 and 9 reveal that the "roof-top" concept is, at best. an
approximation to the actual distribution in the unsteady situation. Significant suction peaks are
observed to exist on the spoiler upstroke. Therefore, a comparison of the data with the model required
thaL the actual measured distributions be replaced with an equivalent average value for the pressure
coe•ficient.

An additional facto- in the criteria for
experimental data comparison involved the compen-
sation for the time lag discu.xsed above. Since
oubbles of the same lengths were required for

-40 • M rdirect comparison (the length of the region is
accounted for in the model), they did not coincide
with identical values of spoiler height. For
example, the equivalent "roof-top" pressure at
e - 0.40 (Figure 8c) was compared to rhe pressure

Cpb at • 0.285 in the quasi-steady case (Figure 8a).

o •Comparison between the five unsteady cases and
0. ..4 .0 their quasi-steady counterparts yield results which

fall inside the shaded region of Figure 12. The
model postulates that these results should fall on

20 a single sinusoidal curve when compensation has
, been made for reduced frequency and amplitude (note

the vertical scale). No significant departures
from this scaling law were observed for the
amplitudes and frequencies investigated. The
amplitude of the "theoretical" curve shown in
Figure 12 was found by substitution of empirical
values of the shear layer parameters into equation

Fig. 12 Predicted and Measured Values (2).
of Pressure Perturbation

4.4 Other Observations

Though limited in scope, measurements depicting Reynolds number variation reveal this to be a
significant parameter over the range of investigation. Both the bubble geometry and the magni'Ude of
the unsteady pressure variations were found to be dependent on Reynolds number, at least for the lowest
value observed (Re = 207,000).

The earlier experiments reported in reference 8 were all accomplished at a relatively htgh range of
Reynolds number, 0.9 x I0o< Re < 2 X i0, and no significant Reynolds number variation was observed.
Althomgh the mid-range data (Re = 414,000) and highest value data (Re = 560,000) seem to be in good
agree.ment, the data obtained at the low end of the Reynolds number range indicate a marked deviation.
The significance of these effects and their relation to the physiaeW mechanisms which drive bubble
growth wili be the subject of future experiments.

A final coament concerns the possible presence of a secondary flow phenomenon which is observed in
the data of Figures 5b-d, 6b and 7b. The transient "ripple" in the pressure histories at 52 and 60
per cent chord has been related to a reduced frequency of about 7.15 k for all cases examined. This
effect, which has been determined to be independent of trLn.d'.ter anod ducting properties, represents a
real flow phenomenon possibly relating to values of the vortif t'y of the "shed structure" at the spoiler
tip. it, too, will be a subject of further investigation.

5. CONCLUSIONS AND RECOVyfENDATIONS

The experimental results discussed above confirm the existence of both a lag in separated region
length and an overshoot in steady flo0 pressure thereby confirming the model's essential features.
Despite itrs necessary restriction to small perturhations, the model can be extended to cases involving
large variations in separated region geometry as examined in this paper. This discussion would not,
however, be complete without a more thorough examination of the model's limitations and possible areas
of improvement,

It should be recalled that the model is inherentl! linear--a result achieved at the expense of a
significant number of 'limiting" assumptions. The application and determination of the "shear layer
parametcers" is, at best, an empirical p.*ocedure thus limiting the flexibility and broad generalization
of the model to other configurations and flow regimes. At the same time, it must. In all fairness, be
anted that the application of these concepts was successful when applied to the coupled spoiler/flap
zystem in the prediction of system stability and limit cycle motion.i

The mast questionable aspect involved in the extension of the model beyond its assumevd limits. i.e.,
stull perturbations in region geometry, is the accuracy of the flow field description itself. jvhile
the concept of a growing and shrinking bubble-like structure is consistent with the assumed limitations,
there is little evidence tr support this picture in the large perturbation situation. Indeed, if the
7ms pressure measurements have been correctly interpreted, tha shear laye: at reattachment makcs contact
with and moves downstream on the airfo'-l surface on the upoiler upstroke (growing bubble) but exhibits
no converje behavior on the downstroke, The assumption of a shrinking bubble on the downstroka is,
therefore, not properly warranted. The fact that the inferred characteristic convective velocities on
the upstroke and downstroke differ by a significant amount is further confitmation of the observation.



26.-12

Althouoh the flow desription may ont be dccurate or, the downsftroke, tbei ritasured pressure histories,
co~nfirm- (both qualitarively wctd o~~nlsiey 0h a s o ihtema o pressure elbotw
which miay be expressed it- the form

whI ere "C Z, U, UTI, for the izpoiler upgtroke and donstroke, repecutively. The length, Z, 'isut be
divorcted fromt the "bubble length" concept, at 'cast. on, the downstroke, if the abrove flow field descrip-
Li-3n is e-.ylOyed,

The ob ious overaircplification o! a "roof- top" -shaped distribution is evident from. an txamination
of experimental pressure paas-and dictributions, Vh- Pon-lintear anti non-s;inusoidal behavior associated
-. 'ith the equivalent va'ucs of C bis shown in rigure 12 but t--e pritaary difference betwecn analysis anti

experimentL occurs in the phaise. The pro'bable reason for this discrepancy relates to Lite quasi-stteady
argumnents whtch led to thu rel~ationr Afor Gpb. (equation 2).

It must then be conceded that th, model provides o:nly an "averagn" description insofar as the spatial
variables are, concerned. Improvement on 6ýW approach mfust be cost-eirad on methodn Atich are more capable
of asse:s,J.ng the local deraills of the, flow ceharacterist~ic-.. A technpique which entails a -mre represent.-
tive doerription of the flow field Is appealing. Inatead of tneielly examining the mase transier c1-.arac.ter-
istclcs, a mrer- significant parameter related lirectly to the flow dynamics such as vorticity (Including
proiluetion, tranafer and diffusicn) should be incorporatedi. An &pprcach vhich involves the shrer layer
characteris tics as a consequence rerher thant an assumiption may prove a more effective vehicle in
extending the loading predictipnzo to a wider variety of configurations and, flow regimes.

A midal which employs the above concepts is currently being formrulated, It does not restric-. itself
ro the "bubble" description but is =ere flexible in Its treatment of the flow field ge,-m-ocry. Future
experiments directed at verification of the nature and extent of the vorticitv feLed are already in the
construction phase.

it should be mentinett: that the 0iree-dimensional beba-,,or which iv observed to exist in this
seemingly two-dimensional problem reust be further iiivesrtgated. Thes, effecca and Lhose of aspect
ratio and wing sweep must be ntore completely understood berfare any attempt to extend the model to
complex configurations can beetein.

As a final note, it should be emphasized that Valle nuvmerical solution to the equations of motion
tmay seen a more straightforward method to the Esolution of this problem, the primary advantage in
analytically modeling the flow field lies in the restulting capability to readily extract the nature and
extent of the dominant physical inechanisms. This is the pritmary objective of the current research
effort.
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PRESSIONS SUR UNE UARENE DE PRISE D'AIR A LEVRE MINCE
FONCTIONNAk'4T EN SUB3SONIQUE A DEBIT REDUIT

par Garard LARUELLE et Paul LEVART

Office Natioqal dr~tudps ef d6 Recherches Adrospatialec (ONERA)

92320 rHA TILLON - Frince

RESUME

Un montage d'essais er. soufflerie a 604 r~alis6 pour 6tudier I'6coulement autour du borcd
d'attaque aigu d'une prise d'air fonctionnant en subsonique & debit r~duit.

Une comparaison des r~partitions de pression sur la cardne, calcuIdes, sur une configu-
ration donn~e, pour le vol et pour le montage en toufflerie, montre que l'dcoulement local
est correctement simiiId dans le cas d'une r~duction de d~bit.

A debit r~duit, les forces agissant sur la prise d'air sont foniction du bulbe de d~colle-
ment qui se forme sur Ia paroi externe de la car~ne.

La m~thode utilis6e pour calculer l'6coulement potentiel a 6te adapt~e pour prendre en
compte ce bulbe, bplon Ics param~tres oui le caractdrisent.

Cette m~thode est actuellement limit~e aux 6coulements subsoniques, mais dcit Atre
d~velopp~e pour des cas transsoniques.

La determination des param~tres caract~risant le bulbe est recherch~e b partir des rL'gles
empiriques 6tablies exp~rimentalement ;le r~sultat ne peut donc 8tre dtendu sans v6rificatior.
b des cas assez dliogn~s des conditions de l'essai.

Les sondages effectu~s sur Ia paroi sup~rieure de Ia car~ne permettent par ailleurs de
caract~riser le profit et l'6paisseur de Ia couche limite qui d~pendent du sillage du bulbe,
lesquels sont 69alement d~termin~s par le calcul.

Eni in, des mesures instationnaires et un film strioscopique rdv~lent le caract~re insta-
tiornaire du d6collement de bord d'attaque.

PRESSURES OVER A SHARP-EDGED AIR INTAKE FUNCTIONiNG IN SUBSONIC FLOW
AT REDUCED FLOWRATE

ABSTRACT

A wind tunnel test set-up has been designed for studying \'ýa flow around the cowl
with s.ar leaing edge of an air intake functioning at subsoniic velocity and vvitl a reduced
1;ohr,)e.

A comparison of 'he pressure fields around the intake lip, calculated in an approximate
cc)nf igu ration for the free flight and for that particular set-up, shows that local flows are
correctly simulated in the case of moderately reduced flowrates.

The forces acting on the air intake casing are dependent upon a separation bubble that
forms on the external lip of the intake when the flowrate is sufficiently reduced.

The method used for calculating the potential flow has been aidapted to take account
of this bubble, through parameters characterizing it. This method is presently limited to
subsonic flows, but will be developed for transonic flows.

The determination of these bubble parameters is sought from empirical rule- based on
test results ;thence these rules should not be extended too far beyond the actual trtA
conditions.

J_ Moreover, probings; performed along the external surface of the cowl make it possible
to characterize the profile and thicki,.qss of the boundary layer, which is dependent on the
bubble wake, and which is predicted by the calculation method.

Lastly, fast response pressure measuremen~ts ane a film of schlieren pictures reveal tht
unsteady character of the leading edge separation.

~i f
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NOTA:G:~sPendant certairnes, phases subsorniques du vol,NOTATONS.avec d~bit d'air r~duit, les lignes de courant
abordent ia ear~ne avec une forte incidence :ii

SYMBOL1*3 en results ur. ddcollement de bord d'attaque, Sur

/1 section d'un tube de couranft la paroi externe de ia car~ne, qui modifie la
r6partition des pressions locales. En pflrticu~lier

Rc section crit-que l'effet de succion eat r~duit, cc qui, accroit
is train6e. Une m6thode de caicul des efforts

a., b: facteurs de contraction Sur ia car~ne, et de i'6coulesient. d'entrde nbtevu
dans ces conditions est propos~se ; e~ie est lbas~e

coefficient de frottersent Sur des lois a.-sez empirique-. 6tahlieos ý partir
de r~sultats expdrimentaux. A ,et effet, un

Ht liauteur montage dlessai qui permer de cr6er des ddcol-
lements de bord d'attaque tr~s proches de ceux

H1 param~tre de forme TH 91 qui apparaissent Sur les prises d'air a6t
r 4ealis& dans la soufl'erie S5 de Chalais-Meudon.

H1 par&'n~tre de forme H ~/z

K cofficert e orssio K P P.2 - PRESENTATION DU PROI3LEME.

Il nombre de Mach
Le d6bit d'air capt6 par le moieur sera carac-

MT vecteur uflitaire normal t~ris6 par 6 "coefficient do d6bit" qui
reprdsente le rapuort de Isa section du tube de

-)I pression courant capt6, a l'infini axnont (Ao) i± la section
/ ~~de l'entr6e d'ai'r (Al) (fgi.Le eonaino qwi.

9 pression dynainique Q:LVnouo inte'resse, dons cetto 6tude, oct colui des
2' faibles valours dcuý 6 , pour lequci le point

.t composante de ia vitesse sci'on OX, d'arx-6t e:3t situ6 cur la casx~ne interne.

Zr composante de is vitessc seion 04(

v module de is vitesse

longueur de d6coliement A4 ~ ~ .7 , 7 7
6 rapport des csa~eurs sp~cifique3 k

S 6paisseur de is coucho limite Fig. Dfnto ucefcetd 65t

6paisseur de dapiacement

6C isu Enqatt6d oveetF fluide parfait, le contournement d,- la 16vre
L 6pisser d quatit6do ouveentmince induit des vitesses infinimont grandes

(fig.2), avac cr6ation d'un effet de succion
S3 paisseur d'~nergie local trees prononc4.

S6 coefficients de ddbit

fonction de dissipation

9X fonctiunb de courunt

P masse volumique

(xy 1 yst~mea de coordonn6es ' ,

direction de 1'6coulement potentiel Fig. 2- Schfma thoorique

t force de frottement par unitg de surface

INDICES. Au-deiaL du bord d'attaque, s(. produit ino tras
rapide recompression exte~rne qui- ram~ne ia p.-es-

o infini amor.. (ou pier d'entr6e dans le Sion 4une valeiir voisine de ý.! une certaino
montage en souffierie) distance a l'avai du bord d'attaque.

plan de l'entrde dtair ------

di d~coliement -

e limite ext~rieure do la couche limite

f rracollenient J*

I - INTRODUCTION. -
Los prises d'air d'un avion dc transport super-
sonique sont optimisiaes pour ia croisi~re ;ellba FV. 3 -Schdmaeroe..
pr~sentent une car~ne a !4vre xinte qui permet
de minimeiser ia tra~n~e.
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En fluido -Eel, un tel ~sch~rna ne pout exister ; 3 - MONTAGE EXPERIMENTAL.
un bulbe de d~collement se fornc au bord dVat-

taque(fig.3), qui att6nue l'effet de succion et 3.1 - Description du montage-
modifie la r6partition des pressions cur la
car~ne. Le montage exp6rizscntal a kt6 ýalis6 pour la

Actuellement I& th~orie ne pout traiter ce cas scfei 5d hli-edn

de d6collement, qui, a notre connais~ance, n'a La carene utilis~e roproduit, a l'6chelle 1/7,
encore fait l'objet u do rochorchoc exp6ri- is forne r6elle dln car~ne -i'avicn suporso-
mentales partielles li e.4i _echerches ont nique, et les Laro., &~ ic veine on' 6'6 d~finies
surtout prKi6demment porte' sur des cas voisins de fagon qaie, sur cette carene, les r6 partitions
de bords d'attaque d'ailecs arrondis, oul !a couche de prossion soiont tr~s voisines do celles qui
limite laminsire so d6veloppe avant de d~coile-, existent en vol :les parois 6pousent Ja f'orme
pour former un bulbe court dons lequ.. 1 la tran-. de lignes de courant proches do ls car~no. Iond
sition se produit ; ellec ont donn6 ntissance 4 les conditions du vol subsonique.
des m~thodes de pr~vision semi-th6oriqL.'s des
caract~ristiques du bulbe, telles que c~tle qui La pr-ýssioyi g6n6ratyice est un poeir'ie4
est pset en .2 celle du vol (0,50 bar au lieu dlenvirxni 0,7

pr~cnt~e [ 2]bar), mais le nombr( de Reynolds demeure signi-
La m~thode propos6e, consiste 9 mnd6liser les fiýoatif, et le montage doit par con.-;ýquert
repartitions de pression wa niveau du bulbe de donner une reproduction assez fid~le des r_!col-
de'collenient obtenues exp~rimentalement, et ..!nnonts r~els de bozds d'attaqaze.
A introduire cette mod6lisation coans u.m programme
do calcul do fiuide parfait. La r~f~rence [3] Le montage est pr<-sent6 figures )t et 5.
pr6sente i'n travail comparable.

La hauteur 'il d'entr~e do la prise~ d'air du
Les lois exp6rimentales ont 6t6 obtenues sur uno otgeetd 4147m ; eldeaprsd'
forme do car~ne particuii~re ; elies no peuvent montage oct ai do 90, mm; cellion d La pargeudar
6tre g~n~ra~lis~os sang~ des essais roelle, I!1 atd 9 mevrn.L agu
montaires. copedo la veine est de 300 mm.

REGLAGE DU

SOUFFLERIE S5-Ch (Iargeur 30 cm) NOMBRE DE MACH

DBTPRISE D'AIR
PIEGE ASPIRATION (;OMMANDE DES DEBIT DU PIEGE

SONDES

Fig. 4 - Schdma du oi rotape.

Fig. 5 -Mon tage en veloe.
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La faible valcur du rapport de la hauteur d'entr6o r6partitions de nombres de Mach relev6es cur les
"I A 1a largeur de la veino vermet d'assurer une pri el a~ee ol oflre o

bonne bidirnensionn'.lit6 de l'6cou~lement, Ce qui a conditions correspondent a. la figure 6, M =0,5
6t6' v6rifi4 par de.i visualisations de e'6coulo- et coefficient de ddbit e"-- 0,6, sont tel~es qu'iJ.
mont pari~tal. La longueur des bulbos 6tudi6s, n tya pas fonration de hulbe ae d~collement
dont la dimension pout atteiradre ~45 smm , roste sur la paroi externe de la car~ne, ( la valeur
en partictulior constante sur toul1: la largeur de te I I' adaptation a 14 0,5 est d' environ d453)
a veine, hors des couches limites lat6raeise do La figure 7 (M = 0,5 eto /"= 0,314) met par
-soufflerie. contre en 6vidlice 3a formation d&un bulbe de

d~collemont sur ]a carane, avec ur, plateau le
,ai couche linite de ia raroi irhucdo !a prr'ccion suivi d'una recompression ;la longucur

veincec~ ý,;4 imineo6, par un pi~ge en "Pitot" plac6 du bulbe est d'environ 3 cm.
juste en amont do la partie ývolutive du profil.

La couche 1.-mite qui so forme- sur cotte partie As Prol oo

6vclutive ent elle-nmom contr8l6e par az~piration, Carian Frf lowiur

dans la r6gion d'entr6e de 'a prise d'air oil los 1, ?roil infirieur
forts gradients quo V'on obtiernt Ai diobit r~duit
provoqueraient un d~collemernt.--

Cette tspiration repr6sonte environ 2% du d~bit .-

do la price ; elle oat assur~e par 25 rangs d6- ...- *..

ca1-s- do, trous do 0,8 --n au pas du 2,5 mm. ______

L ,absence de d6collement. a 6-tt vdrifige par virsu- Souffle. P..roi mtnew~e Carina
lisqt~ion pari6tale. Un essai prdliminaire, avec 'riopr8r
une perm6abiliti mraondre, n'avait. pas permis ---- 'Paroi infirieree
d'6viter ce d6collement. ''~ Xc

L'uniformit6 de 1'6cou~lement enmnt, dans la veineFi.6-Rprton xrmealsM=0,,E ,.
d'er~tr6e, a 6t v~rifiee par un sondage en pros-Fg.6Rpatonsxrmeaes 5 '0. =0.
sions 3tatique et zotale.

Le montage ainsi d6fini pea-not des conoparaisons INACH
pz4cises des r6sultats eoxprimentaux aux r6sultats CarenatProfll atspiricur
do calcul :un 6coulement r~gulin-r est assure at Prold i nFirsor
sur les parois do la veine qui; serviroat doe.
fronti~res at, domaine do calcul en 6,oulceinnt

Divers r~glag-s sont possibles0 ~-

-d~bit au pi~go a ceuche limite
16Jbit d'eospiraticwn Souflwrot 'LPoroi infir..ure 'farine

-d~bit do la prisca d'air (coefficient do 7---r77-77-77-eo-, -,
d~bit :e '-H.;/ti) Paroi infiricurt

- rosbroý lo Mach Mot -2 oa 3t i

3.2 - Fquipement on mosures de pression. Fig 7 - Rdpartitions experimentales Mo =0,5. 8E'= 0,34.

75 prizes do pressior. parifta.Irs sont rdparties
cur la paroi sup~rieure de la soufflerie (1)i,
sur la paroi inf~rieuro- (34o), et sur la car~ne 3.4o - Ltudo oxp6rimentalo du bulbo do d6col-.
(25 cur id paroi extorre et 3 a ilir~t6rieur de oet
la prise) ; une price sizppl6montaire- sort a Ia
mosure du d6bit pi6g& contr~lC par un col 3.4.1 - Anialyse dos prossions pari~taies.
sonique.

La figure 8 fournit quolques exemples do r6par-
Toutes ces price.Ss ont plac~es dora 1e plsn titions do prossions obtonuos cur la paroi
m~dian de la vJeine. oxtorno do la carano pour diversos cor~fzgura-

Doux peipor aocoviblhs, l'un en amont de la
carane (10 Pa-ises) l1autre entre la atroi supý- La variation importarte du nivoau do prossion
riouro de la veino et la car~ne (24 oa-isea) sur la partie aval do la carano, 9. Mo fixg,
permottent do v~a-itioa l'uni-formit4 1' l6coule- lorsque 1e d~bit aspirg par la prize d'air varie,
mont et l'Stat does couches linites ~'d~velup- r6aulte 6videmment do !a limitation do la voino.
pant our los parois.

Uno visualisaticn par endvit gras, a pea-mis do
Uno conde mobile ;I dett.A branches pe;--.'ot d'oxplo- p~io nn-maoap~iainlspit
a-or l'6coulement p~n6trant dons la prise dta-ir do rocollomont. Cec poirts sont indiqu~s cur la
et do mesurer le d~bit, capt6. figure 8.

Sur la carhne, une sonde mobil'e dont la longueur Les r~paa-titions ibtenues avec d6collement
pout 6tre modifi6e, permet do relevor lea ( d ' <~ o,42) pr6sentent,entre 10 bond d'attaque
profile do prossions d'anrrt dans le buOIbe et do la ceerene (point do d~collement) et le point
dens la couche limite aval. do recolliomont one similitude d'6volution,

avec une zone quasi isobarl,suivie d'uno zone
Un capteur instationnaire a Wt insta.16 a 5 mm do recompression rapiao jucqu'au point do rocol-
du bond alattaquo, sur la paroi ctip~rieure do ,a lemont.
car~ne.

La r~f6rence [31 qui pr6sento one 6tude sur 10
3.3 - Fcoulement our la carane. recollenent turbulent incompressible indlique,

quo pour one couche limite initialo nulle au
Les figures 6 et 't prdsentont doux exemples do
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point de d6collement, i~e rappnrt (/I'-- ,/fw e st La figure 9 pr6sente une normalisation des pres-
voisin de 0,3. sions dens la zone d~coll6e sous la forme

L'application de cette relation au cas des i7
pr~sents essais (pour lesquels la pression de La zone quas-ýisbr - er!et nv n4%d

d~collement frd.est Is. pression de la zone quasi la zone d6coi1~e pour Isa carane consid6r~e.
isobare dens le bulbe) permet de calculer la
pression de recollement 1j'ý' et done de localiser 32-Aaye dscuhsdsiaie
le point de recolilment ý.ur lee courbes de 3.4.2_-_________descouches____________

pression relev6es exp~r2.mentalement. Des profils de vitesse a 1'int-rieur du bulbe

Kp. P-51d~duits de mesures de pression d'arr~t sent
pr6sent6s figures 10 et 11 pour deux r6glages

As, 06

* .,..- ' 03i.-4-

1 0 6-

dj // Point de1,
,, j ~recoIIment d'itvnin par:-

-1.5- .- ,, Itenduil g ras

*Pr ..PA 2.05 ~

Nig. 8 - Pressions relevdes sur la carene.
Fig. 10 - a) Profills de vwtem o0,,V=03

b) Epaisseurs caractifrsriques 0 =05 '=03
On con state, figure 8 un accord relativement bon
entre lee positions airsi d~termin~es et les
positions fournies par les essais de visualisa- M
tion par enduit visqueux, 116cart 6tant. d'environ
5 mm, sauf pour la cenfiguration M -0,63 et
5'= 0,35 oai ii atteint 15 mm. Dan2 ce dernier

cas apparaissent. des chocs instables, en0 tt
lamibda, se dgplgacnt dAfagon al~atoire et
l'ersploi, aussi bien de la relation pr~c~dente
que de Ia. technique de visualisation~n'est plus
justifi6.

M,,

0// 1 035 *'0) 'I 4 S

Fig. I1I- a) ProM's do vitesse
_______ ______________r b) Epaisseurs caract~ristlquesM 5 =058'=03

Fig. 9 - Norma sation des prassons paridtales.
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La partie inf6rieure des profils de vitesse, 3.5 -Instationnarit6 du ph~nornene.
dane la zone de courant de retour, n'est pas
d~finie : 1exploration en prescion d'arr~t n'a tine mesure de pression inst~~tionnaire a 606 ef-
6t6 effcctu6e que selon la direction de 11cue fectu6e sur la paroi sup6rieure de la car~ne,
aent externe. au voisinage du bord d'ettaque. La planche 14~

pr6cente le spectre de pression relev6 pour une
Sur ccc raeres planches cont pr6sent6es les configuration d'essai oil se prodtuit un d6col-
6volutions des grandours caract6ristiques : i ement important (/1. =0, 5 0, 3 1,~)
6paisseur de d6placement,As 6paicceur de quantit6
de mouvernent et 8 6pa~issetr de la couche dis- Le pic qui apparait a une fr6quence de 380 Hz
ýpative. environ correspond A la fr6quence propre du

wnoltage et non a in ph6nom~ne a6rodynamique,
La figure 12 pr6sente 1'&volution en fonction de cormme le montre 1'enregistrement de !a r6por'se
1'abscisse X cur in carene du parezn~tre de du capteur dent 1'orifice a 6t0 obtur6 ,qui
f'orme H- ' g/9:. au voisinage du recollement pour prdcente lui ausci ce pic de 380 Htz. De,; fluc-
quelques cas 6tudi6s en souf'flerie. Sur cette tuations sent d6tect6es entre 100 Hz et 300 Hiz.
=mce planche sent rappel6es les positi~nc des Au-delA et jusqu'a 20000 H1z (limite de la gaxrnae
pointc de recollement. On y constate que le recol de f'r~quences 6tudige) aucune fr6quence privi-
lement s'cfi'ectue pour un paramnatre de forme l6gi6e nWest raise en 6vidence.
voicin de 3.

H Le ph6nomane est donc puleatoire, mais aucune
fr~quence n'ect pr6pond6rante et la niveau recte

H 417 tras faible.

0 _4Z ' n film de visualisation strioscopique a grande
7 5 01 1 vitesce (1000 images/seconde) de ccc d6collements

PAZ a 6galement 6t6 r~aJlis6.

mW zMe= 0.5 E0,31

P. localeat 2?0mb6

Position du ~..
recollemenI

S 6 7 D's

Fig. 12 - Evolurion du paramitre de forme.

On constate, figure 13,que lec diversee courbec
d16volution de H se regroupent en amont du -______

point de recoflement, ci V'on porte H en forac- 0 20 00 BO
tion de .XIX4 i. ; e nr fac -t, pour 1' 6tab lis sement de 0 ,51assimil~es aux valeurs de X pour lesquelles H yCa~teur sourd
est 6gal a 35 (figure 12). A

H~ AA
8z 0 ~F(Hx4

7 Fig. 14 .- Spectres des fluctuations de Pression.

6 O4

3
~. 4.1.1 - Hypoth~ses et pose des 6quationc.

2 ~ On consid~re un fluide parfait, en 6coulercent
bidimensionnel plan compressibie et ieo6nerge-
tique, permanent., uniforme A 1'infini amont -t
sans discontinuitgs. L'6coulement est donc

X/Xricentropique et irrotationnel.

0 1ZOn introduit IPA foriction de courant (Pd6finie

Fiqý 13 -Evolution du paraintre do forme. par, fA V~)/c~ / / d l-

qui, compte tenu de P16quation de conservation



27-7

de l a 1e 0 t 0 , 4 r fi c a err ne V. n R . qu'e lle f arde cur toute la

V.~cr~e A' Ipiie ;grir (A aval, T s'6crira
sxrma atrdep et des d~r~v6es de a il1int~rieur de la prise

et f par 1'ex recs onFour la fronti~re 9 : + 00, ii. est n6cescaire
pr41 (C)dasacurer la conti hft6 de Ia fonction W(zy)

obtenue a partir de ll'pquation, d'Euler lorsque - vanie de -0 + 0

de r6ponu bien ai cette %tondition. ~'
Le problmre se ram~ne done au calcul de la
fonction 9)Pour simplifier le calcul nuxn~rique, on remplace,

pour 1=-~ , cette condition de Dirichiet
4.1.2 - Conditions aux limites. par 19 condition de N.umann 6quivalente //k

qui exorime 1'unifrortait6 de la vitesse a 1'infini.
Ecoulement en atrnosphare infriie. (fig.16).

Le clomaine de callcul (fig.15) est simplement Ecoulement en soufflerie.
limit6 a la partie inf~rieure, par in rampe
de compression. A l'infini, l'6coulement eat Le domine de calcu.l eat pr~sent6 cur la
uniforme, de vitesse ' sauf Pi VLaval, a figure 17. On fait l'hypoth~se que dans leas plqn
ilint6rieur de Ia prise d'air, suppos~e pro d'entr6e et de sortie, lea 6coulementsa cont
long&e ind~tiniment, oý is vitesse Vt, a'obtient unfliormea, ce qui permet d'y expnirner Les fonc-
facilement a partiýr du coeffIcient de dibit (5 tions Y~' sous forme lin6aire.
par Ia relation e: ti E (pis)

A ~On choisit comme r~f~rence Y=~' 0 cur Ia paroiPo-ur le calcul num~rique i 1I'aut pr~ciser lea inf~rieure de la 3ouffleriýe, Y' prend alors Ia
valeurs de la fonction cj ur lea Contours du valour ýv He s~/ ur Ia paroi supgrieure, et
domaine -,Ia r~f~rence ~'=0 6tant iampos~e cur Ia vaJleur Y.: . Y~J.~ sur Ia car~ne, H'
Ia raxape de compression, W 0c'~rit, A l'infini repr~sentant a hauteur du tube de courant p~6
amont, , ur la ligne de courant trant dans l'entr~e d'air. (fig.18)
limit~ant 'e tub de courant capt6 1P a la

Fig. 75 - Domaine de calccii fatmosphite illimitde)

E o H VTJ-f
-x1- +" 6

Y.~~~ P.DY.P V. (q-Hj.'g'

Fi.76- Conditions aux Ilmitet

A, ,--.- H__ ___

+Or
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\1 Fig 17 - Dovamne do~ ca/cul
(essais en sou ff/onej.

Fig. I8 - Cinditions aux limites

(ess8,5 en scufflerie).

Y.1H

413- ?4.tbode de r6soiution. inverse, la forme correspondante do lae fron-
ti~re de d~placement *±e la car~ne.

Le principo du calcuj. consiste a r6soudre
1'6quation A V=,.. par iterations succec3-ves,Ofl - Les valeuro correctes de Xt et .W sont f inale.-
consid~rent / og une don'nise dont la vale'ur est ment d~terminges par la prise en compte de
calcul~e, a chaque pas d'itgration, a partir des conditions de compatibilit6 au point de recol-
r6sultats de i'it6ration pr6c6dei.te. lomont.

Apr~s discr6tisation, 116quation A est r~solue par Ces trois points vent maintenant ýtre succes-
la m~thode de Gauss-Seidel, avoc introduction sivemaent pr6cis~s
d'un paraemtre de surreiexation assurent la
convergence. 4s.2.1 - Mod61~potion du bulbe de d~coJ.1oment.

Lors do la premi~re it6ration, on suppose Les courbes ci-dessous(f~g.191 dt~volution de la
etn est rassen6 a 1'6quation do Laplace A'=0 pression et du param~tre de forme /I dens ile

Yýtant alors d.6finie en chaque noeud dL. mail- bulbe ont 6t6 d6duits des figures 9 et 13.
lingo, an en d~luit los ddrivges 1)Y'p,~ et
en chacun de ces points.

L'6quation (B) tpormet alors d'obtenir la vitesse H
puis !'6quation (C) donne la masse voiu-d I/,

mique f~.Le deuxi~me mem'ore do i'6quation (A), 4
(Y/p) .- gal W" oa,&/P t ensuite caleu16 en A Pa
cheque noeud du mailiage, et on proc~de a une 3
seco'nde it6ration. rrr

En pratique, do 5 a 10 it6rations sont n6ces- 2.
saires.

On trouvera, en annexe, des d6tails compl~men-
taires sur is mise en oeuvre do cette m6thode. X/Xr

14.2 - Calcul de i'6couloment, on pr6sonce d'un0
buibe do dcizollement. 

x
La m~thode do caicul approch6 utilis~o slinspire
de cello qui ost pr~sentt~e [3] 0 0,4

- on utilise une mod6lisation du bulbe de d6coi- Fig. 19 - Moddhisation du bu/be dc deco/Iement.
lemont d~pendant do 2 param~troo :is longuour
du d~collement At et is pression de la zone
isobare $4j; Ai un couple de vaelurs ( X,&, #d ) 4,.2.2 - 116thode do calcuJ inverse.
correspond donc ug.. distribution dL prossion
connue sur ia cardne, dens le d~coiiement Supposons donc quo is distribution do pression p

oat donn6e our la paroi de la caraiia, dens 1e
-A partir do cetto distribution donn6e de pros- ceo d'un bulbe do d6colloment. Nous feron 0

sion our is car~no, on ce-icule par ure m~thode It hypoth~se quo l~e gradicr.t do pression ' 1 /,
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normal. a la paroi ost suffisamment faible, dons (a-
.La zone d~coll6e pour quo la distribution de t ~~ a
pression donn6e soit aussi celle qui existe Ais Ua

fronti~re du bulbe. ed1 , VZJ"P 41(ýL (S)

II ost possible, en utilisant ces donn6es, de 91 . dT
repr6senter le bulbe par une injection et une hi,,..? / it elW AN~ k.' (f )
aspiration do flui~do, ý travers la car~ne az gd .L7 .

Les 13jgnes do courant de 1 ocoulemont potentioi ou H ost le parazn~tre do f~orme et jl

fictif a l'int~rieur du bulbo 6tant pou inclin6os fonction de dissipation lajIS I

sur la car~ne, Cos c< ost voisin do 1. et -a =ý 2,, 1/dt,
La donn~e de'p'I'ournit donc o09, n promireroJ
approximation (fig.20). Au point do recollomont oý H est voisin do 3,

la r6f6renc-, [31 indique quo fvq.O,O1,H/,4f et

A10 0 .Par ailleurs en ce pc~int 10 frot-
temont est nul, 1e systame 6crit ci-dossus

MB conouit 4

(condition i

Cette relation d' ini't inversoment 1'~paisseur
do d~placement ,au recollement si V'on

.1 connait 1e gradient do viltosse locale.

A Ligne de courant de I'&oulement I~r associant los 6quations (b) et (d) on d~fi-
f-ctif dons le bulbe nit la pente locale do la frontiare do d~pla-

cement, au recollemont.

Fig. 20 - Schdmnatisatio,, du bulbe /6,ch

L'int~gration do l'6quation A 0~ 4.1) est
eff(ctu~e, en modif'iant los conditions aux Lxoxprionce nous fournit lo rapport AdLH z 116
limites, pour toni,- compte do cette donn~e do co qui conduit a 4Xj

sdlý) ur la car-ne AB, (et doe'.
au-Odela de B). Co calcul fournit une premi~reJST -0 e
approximation de la for-me du bulbo, AMB, sur
laqlxel).e on g6n6ral, la distribution de pression
est diff6rente do cello qui a 6tg donn6e. [24- (condition 2)

Des it6rations successivos pouvent alors' 6tre 24.2.24 - M6thode pratique do calcul.
faites, en remplaegont la cai-ane r~olle 10, par
la fronti~re AND d~termin~e a l':t~ration pr6cg- La distribution do pression sur la car~no, n~ces-
dente. Le calcul. aura converg6 et dcnn6 la saire pour le calcul. inverse, ost d~termin6o do
f'orme correcte du bulbe lorsque la distribution la faqon suivante
dc pression impos~e sera bien retrouv6e.

'a fgur 21pr~sntelesdives lgne de- on so donne un couple do valeurs (Xr, pd),ce qui
La iue2 rsnelsdvr insd d~j'init compl~tement l'6volution do la pros-
courant ootoi~ues au cours de 24 calculs it~rat~iIs. sion dons 1e bulbe (courbo 1, fig.22).

YcnC =0,2 - on raccorde cette courbe, a cello des pressions
calcul~es en probl~.ne direct, sons tenir compto

~< do la pr6sence du bulbe de d~collement (courb, 2);
comme on le v6rifiera par la suite la partie

a-lde cette courbe est en ef'fet tr~s voisine
/ do la distribi~tion exp~rimentale.

0.51K

j ~~~~~~Calcul N* 1 0 ____________

3 x
4 +

X cm

0 12

Fig. 21 - aor

24.2.3 -Conditions au point de recollement.

On dispose pour le calcul de la couche dissipa-
tive de trois 6quations diff~rentielles globales F~ig. 22 - Calcul inverse: conditions auxlfimitcs.
de continuit~t do qauntitS¶ do mouvement P~t

d'6nergie cin~tique
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Le calcul inverse donne la frontiare de d6pla.- Une l6g~re discontinuit& du nombre de Mach est re-

cement, et la distribution des vitesses aur lev6e sur la paroi inf6rieure de la veine au

colte frontiere, et en particulier, en z=A niveau du pi~ge a couche limite. (Z. 'y -1 /Z m)

,8: 0- y t 9 1/c/ z. maja cette perturbation reste tr~s locale et
La^ probleme est reaolu, zt la dlistribution de limit6e.
pression consid6r6e ci-dessus est bien laisH
distribution des prossions a' ex~rrant sur la Corona Profit suportour
car~ne si (2)9- V et dI/d~r.- vdrifjent lea s
conditions (1 t()au point de recollemont. - CJCVI Oul due PQIý0d Prfi inFriur

Or, procade de ia fagon suivant" pour diverses 0
valeurs de X"on recherche la valeur a donner -

a la pression fr-d pour quir l~a condition no 1 0
soit satisfaite; la solution recherchge eat cons-
titu6e par celui des couples (X/t,/ ýd2pr<-c6 dents '
qui v6rifie la condition no 2. Soufflere 'Poro infireure

On peut ensuite, connaissant lea caract6ristiques'Crn
de la couche limite au point do recollemont, 'Pa7-,7r7- -1-11111''

calculer son 6volu'ion ult6rieure sur !a car~ne 7,I7777,_Priifrtr c

at reprendre le ca'.cui g6n6ral sur la carane -to -1 0 to 20

modifi6e,pour tenir compta do 1'effet de d6pla-
conent de la couche lin'ite. Fig 24 - Evolution du noinbre de Mach (M0 = 0,5., 6' 0.3 1)

5 - COMPARAISONS CALCUL-EXPERIP2(CE. ? ,6 J C.5 ( z)

5.1 - Calcul sans prise en compta du bulbe do
dMcollement. Cotte f~igure pr6sente lea r6sultata exp~rimentaux

qui mettent en 6vidence uric survitesse largement

Troi copariisoa clculexpriece vnt tresupersonique- sur la car~ne. Ce cas n'est donc pas
proseti s ; ellrai s ilclustent lienc possbnt s jteusticiable, a priori, do la m6thode do cajlcul
psent~ le imites du programe utles6 dana bla~ utilisge ; cependant, le calcul a converg6 car,
etsin Z les biie ub drogam utoleis6en nast la en fluide parfait (at sans prise en compte du

verson a lebule ded~cllennt 'estpasbulbe do d~collement et de l'6paisseur do a6pla-
pria ar compte. cement des couches limitas), 1'6coulemernt reste

4I. = ,6 e S" 0,~ 6 Z3) subcritique. Ces r6sultats do calcul ont 6t6
y report6s sur la figure 25 qui met bion en 6vidence

Ce cas correspond a 1'adaptation do la carane 1'6cart avec lea valeurs exp~rimentales.
pourMt1 = 0,5. La ligne do courant aborde la
car~ne avec t'ne direction voisine do la pl'lte On p-ut meter quo le maillage ti-op l~che , utilis6
zasyonne du bord d'att-.que ; lea d6viations do pour la calcul en fluide parfait no parmet pas
part at d'autre du bord d'a-taque sont minimes. do mettre en 6vidence la survitesse do bord

d'attaquo. Pans ce cas particuliar, le calcul
Doria ce cas il n'y a pas de d6collemerut, et lea avac un maillage plus sý!rr6 slarr~te d~s l'ap-
r~sultats obtenus par le calcul sont tras proches parition d'une vitesse supersonique dana la
do~s relev~s acquis en soufflerje. r6egion du bord d'attaque.

Carina: /Profit supiriew41 I \ Corine, ,Profi supinour

-CalcA fluide porful 07 roh infirievr -Colcul Ifluidt poffaif ,,Prcfil infirieur

Swufloe~' ~, 1 iIrie ur- Caring ofee ilrer
Lporoi .uperiture , - 'arn

nor , gtre.r

-20 .10 0 sort7O7r7 nirer c

Fig. 23 -Evolution du nombre de Mach (M0 = 0,5, V= 0,6) -20 1 0 to 20

Fig 25 - Evolution du nombre de Mach (Mc, = 0,63, E' = 0,35)

Le debit capt6 par la prise d'air ect r6duit
par rapport au premier cas ; il y a contournement 5.2 - Calcul complet avec bulbe do d6collement
du bord d' ottaque at d6collement sur la partie
externe de la car~ne. Un example de comparaison calcul-exp6rience a !t6

affectu6 pour la configuratic.a ( H-. = 0,5
La calcul eat en ben accord avec leas r6sultats 4'=0,31).
exp6rimentaux, sauf naturellemant sur la paroi
supirieure de la carane, au nivaau du bord d' at- Pour le calcul, plusiaura valeurs du param~tre

taque ; la survitesse r6elle, induita par la X.Z ont Wt essayn6es, comprises antre 22 at 66 mm.
d~collement, n'est pas indiqu6a par le calcul, en Pour lea daux valeurs extr~mes, aucuna valour

fluide parfait, qui donna asulament un pie de de la pression de la zone quasi-isobare 11d na

survitassa tr~s localis6. Commý- on 1'a indiqu6 psi-mat do v6rifier la premiere condition.
pr6c6demmant, l1accord eat encore acceptable
entre calcul et exp6rience, sur la partie aval Pour /Vt. = 38, 44~ at 50 mm, la condition (2)

de la car~ne externe. ast v6rifi6a pour deux valeurs do
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l'ensemble des deux conditions ( d)et (L)Le caracte're instationnaire du d~collement de
nWest v6rifi6 que pour Xt,=1;4 mmc et une seule bord d'attaque a enfin 6t6 pr6cis6, dans un cas
valeur do Pd. particulier.

La figure 26 montre un assez bon accord entre
les r6partitions de vitesse obtenues exp~ri-
mentalement et -oar le calcul. kNNEXE

MACH Calcul en atmosph-re illimit~e

1.3 Pour 12s calcul en atmosphý-re illimit6e, on op~re
une contraction du domaine d'int(±gration infini
sur un domaine fini, par- exemple - l-< 14+8

et 0 ý -7 -4 1, en fai-sant les changements

/ Experience ~de variables 1 y Cf 4 '

Calcl aec blbePour conserver une bonne pr6cision de d~finition
Calul ve bubSdens Ia r~gion des l~vres de ia car~ne ( x- et

Calul luie prfat g voisins de zdrc), on recherchera des fonc-

/Clu fluids parfeait telles que

[on a 6videmmert7 00 et(Q;c' f ocj3

go- Pour travailler aum~riquement sur des grendeurs
XCMf'inies, on remplacera la fonction WP par la

Fig. 26 - Prise en compte du bulbe (M0 0,63, F-'= 0,35) fonaction X~ d~finie par W=m X # k,

La condition aux limites(VD'/dy

Dens la zone quasi-isobare, au voisinage du 6crite pr6c6demment entraine(~X/~y/ 0 ;la
bord d'attaque, le niveau de pression actcodtnaulite
retrour6 9 environ 3 % pr~s.acer uecntr

6 - ONCVSIN..du domaine contract6 1= est

L'6tude du contourne-nent d'un bord d'attaque Or / k / )~
aigu d'una car~ne a 6t6 abord~e et les r~sultats -d 7 Ii I /~ d /'
actulleent dsoibe ienn d. apparait sous la forme indktarmin~e 0, No

pr~set~s.Il faut donc veil'er a choicir un chengement de

Sur le plan exp~rimental, un montage d'essai en variabie r~{~ 1(e7qe~~Vet fn

courant plan a Wt mis au point dans !a soul'- pou'r I- e u e~/ýrsef

fleria S5 de Chalais-Meudon. Il permet de/
reproduire de fagon assaz r~aliste las Cela, a 6t6 obtenu, en prenent la fonction,ýý7-±
p~henomanes qui prennent naissencL, en subsonique, oii k est un facteur de contraction vc'isin Se'ý

sur una car~ne A lare mince , d'un avion super- l'unit6, qui permet de dilatar plus ou. moins la
sonique, lorsque le motaur ne demande qu'un r6gion de la car~ne.
d6bit r6duit.

Avac cette oncin nul pour 1

Las dispositions prises assurant una bidimen-. quel qua soit
sionnalit6 satis'faisunte de l'6coulement at un
bon contrele des couchas-limitas de la vaine Pour le changemant de variable Y- nous
d' essai. avons choici une fonction voisina x.:afI--fY

(oil a, est 6galemen, un facteur do contraction)
Un programme de calcul, en 6coulement suberi-
tique, a 6t6 adapt6 au cas 6tudi6 exp~rimanta- Dans le cas da la configuration essay~e en soul'-
lament ; la comparaison des r~sultats de calcul flerie, le programme de calcul permat aussi des

Caux valeurs exporimentales est tr~s satisfai- changements d'C-chelle Cans la r6gion du bord
santa lorsqu'il nly a pas de d~collement. d'attaque de Ia. car~ne de fagon a am~liorer Isa

La d~termination de lois semi-empiriques pour 
Ecouemat ala aro

caract~riser le daveloppement d'un bulba deacueetal ao

bard d'atteque aigu a 6t6 r~alis6e pour une

d~fiitin decarna axtiulire.Les noauda du isaillage utilis6 pour la calcul
L'introduction de ces lois dens um programme de num6riqua ne parmettent pas la description
calcul d'6coulezsant de fluide, parfait permat de exacte des paroie de la carne ou de !ia soul'-

restitucr le profil de vitasse sur la car~ne ; flerie . Las grandaurs 7A-, f.," . Vr sur leeIce qui fournit les pressions cur la bord d'at- parois doivent 6tre obtenues par extrapolation
tqea mains de, 5% pras. a partir des valaurs calcul~es aux trois noauds

taquevoisins du maillaga. Cadi explique qua, ci leas

L'6tude des limites d'application des lois vitesses calcul6es dens le champ ext6rieur

retenues at l'utilisatian des r~thodes de calculs daivant taujaurs 6tre subsoniquea, ii arrive qua
suerriiqesreteta entraprendre pour g~n6- des vitesses supersoniques soient trouv~es cur

ralisar l.es r~sultats obtenius. la, carane, par example.
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ROUND TABLE DISCUSSION

Mr Bore. Good afternoon ladie, and gentlemen. We reassemble for the final session of the symposimi First. I will
remark that keen:.-eyed members of the audiene might have noticed that this table is n )t very round so you will dis, L,-rrm
then, that the :dea of a round table di-cussmon is ,not to sit at a geometrically described table, but in fact to involve the
me'mbers of the audience That is the A hole idea. We are no1t up here as a brains trust. we are here only to try to direct
you., thoughts and your contributions from the audiente to the ain of the symposium The whole idea of this
symposium was to help a'rcraft designers to get a bit further advanced in their methods of load predictions So we have
on this occasion had a very much engineeruing- and aircraft-oriented program Let us be reminded then. that all the way
through our dis.ussions, what we have to do is to underline the conclusions that have been presented by the authors and
to formulate in our minds in what dnection any further work should go.

As far as the procedure i,, conerned,. I have four of the fhe session chairmen here. The session chairmen will be
asked to present some br:ef thoughts about what they saw of their sessions. They will do this in turn As soon as one
session chairman has presented his thoughts. %ke will then immediately go to the audience and ask for their contribu'tions
What we are hoping for here I, that the authors and the people who haven't spoken yet will be the main contributors to

this discupssolo!.

First, I will call on Mr Coursimault. who was chairman of the first session, to say what he thought that session
brought out

Mr Caursimault: Thank you, Mr Chairman. From the first session, I would like to make two brief comments about two
points I noticed, Obviously, one of the main problems which arose from this meeting was about our lack of under-
standing, our lack of capability to compute separated flows. From one of the papers. namely the paper about aero-
dynamics of wings with spoilers, I noticed that, although the flo-' around the profile in the two-dimensional case cannot
be computed because we do not have any theory about separated lows, we can use empirical measu-ements of tne two-
dimensional case in a three-dimensional theory, pio.-ded that the characterl3tics of the airfoils with angle of attack, for
instance. are still linear. We can successfully use linear theory to predict the behavior of the profile r-1 the three-
dimensional case. That is one of the points which arose from this paper. A second point I would like to bring up is abou*
two other papers; one about the load prediction on the slat. of the F28 airliner, and the paper about the sectional loads
technique. These two papers dealt with trying to avoid the "ise of very complk., pressure models. They tried to avoid
also the expenses and difficulties connected with high Reynolds numbers. The paper about the sectional loads technique
seems to ine very promising and successful in avoiding the use of very complex pressure models with a great number of
pressure measurements, but it seems to me that this kind of technique must be used with great care. That was pointed
out by the aulthcrs, particularly the effects of the gap-, between the different parts of the models, the effects of possible
internal flows. I think that t!,is kind of technique must be used % ith great care in order to lead to correct results.
Probably with some cross-checks between this kind of technique 4.nd more conventional teclinques, it is possible to
achieve good results. 'i he paper about prediction of loads on slats on the F,'8 airliner seems to me a very good example
of how we can avoid the use of expensi',e models to make tests at high Reynolds numbers. The use of the two-
dimensional model made possible tests at relatively high Reynolds numbers, and of course, higher than what could be
done on the three-dimensional model. It proved to be successful in that case, but probablý in other cases, the three-
dimensional effects would be very important if, for instance, the sweep angle of the aircraft had been higher. This
technique is probably limited in that respect. Also, I noticed the importance of the transonic conditions to predict the
loads on the leading edge. The authors show that when the shock sweeps the slot between the leading edge and the main
part of the profile, this significantly affects the loads and the slats. That is an important point to mention.

Mr Parkinson: I would like to thank Mr Coursimault for his remarks about our work on spoilers. I would like also to
point out that even for the two-dimensional case, we can predict the loading within one unknown parameter, the base
pressure coefficient, provided that it is a low speed problem and that the flow is completely separated, that the flow
doesn't reattach, as in the example Mr Lang was talking about this morning.

Mr Staudacher: I should like to make some comments cn the paper presented by Ewald and Franz. Part of this work
is done in a working group which is instituted by the Gerinan Ministry of Defense and is called wings with controlled
separation. I am a member of this party, and to your first comment, there are different types of models used, especially
concerning the strake development. There is a force model, only taking 6 component force data; there is a partial load

or sectional load model (VFW); and there are pressure distribution models. I can confirm for VFW that the method
works. Perhaps another comment is that there was a question of Dr Humumel concerning Figure 15. Figure 15 is correct
in the paper and is correct here. It was an error because the load is only taken in this case on the body, not on the wing,
too, which was not clearly defined by Mr Ewald. It is true with the strake on that the load on the body behind the
strake is lower.
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MrCoursimault: I vould like to ,uake additional .oinment aboiot thlis technique. If you want to tet configurations at ex-
tremely high angle of attack, heavily loaded models, the difficulties of this technique arc still gr-.ater You have extreme
differences in pressure between different parts of the fuselage. In this ease you have to be extrcmely iarelul to fill the gaps.

Mr Staudacher: rhose tests were done tip to angle of attack of 30°. 1 think the loads are high enough to say thiat one

can do it ii this way.

Mr Coursimault: Do you think that eventually, if the gaps are not correctly filled, you don't measure the loads exactly9

Could you imagine that you have an influence of the air leakage on the external flow, the influence of internal flow on
external flows? For example, a change of conditions in which separation occurs.

Mr Staudacher: You are speaking of leakage?

Mr Coursimault: Yes, leakage ... If the gaps btween the different parts of the modl are not correctly filled, you could
have sonic kind of blowing of the external flow by the internal parasitic flow.

Mr Benepe: I would like to comment on that same paper, the sectional load technique. It could be a very valuable diag-
nostic tool, not just for air loads, but for discerning what kind of flow field you actually have I would like to see the
work extended, as was mentioned, to the case of significant combinations of angles of attack and sideslip. That is where
real problems occur. One can predict what the pressure distribution due to the vortex flow is. One can predict the lift.
but cannot predict what occurs in sideslip. The sectional loads model may have a lot of benefits in that respect

Dr Schmidt: I would like to make a comment on this technique also I think we should be a little bit careful. Actually,
from experiments we would like to get an insight in the phyqict. I would say it is very hard to get physics from total
forces. So to really understand problems, I think we need pressure distributions and pressure measurements. All those
techniques can only be for basic first test. on different confimurations, to get an idea about the range of configurations
which seem to be good or net. Finally, nothing can really give the physics except the pressure measurements.

Dr Hemsch: In that light I would like to add another set of measuremients. Very recently, we conducted sonic tests at
NASA Langley, in connection with spin entry, for thc. Office of Naval Research. We were considering a configuration
with a main wing on a fuselage with and without strakes. We obtained flow field information as well as loads. We found
some startling things as a result of taking flow field data over the main wing with Ihe strake and without the strake. The
strake organized the flow, created large axial velocities that were just not there at all when the main wing was stalled, and
so on. Therefore, I agree with the previous speakers. I like the sectional load technique for initial insight as to where
difficulties are, because it is fast, and one doesn't have enormous amounts of data to sort out. Then one can go to pres-
sure distribution measurements. I also think that the flow field data are exceptional in that respect. The near field with
vortices present is very complex. In fact the speaker who was dealing with the close-coupled canard zonfiburations
demonstrated that, without flow field information, he would not have been able to come up with an analytical model.
So please get flow field data, too.

Mr Staudacher: I would like to make a comment on what Dr Schmiat has said. I think the question is not partial load
(or sectional loads) or pressure distributions, but sectional loads and pressure distributions.

Mr Bore: We will now move on to the second session which was really concerned with two separate topics. We will
discuss these separately. The first of these topics was concerned with external stores, on which there were really about
two and one-half papers. One was the account by Rudnicki and Waggoner of their semi-empirical correlation technique
for predicting external stores, an account of a massive program of testing and correlation, which has to be an important
way of approaching the topic because in many ways, maximum loads on things as complicated as stores, are not very
amenable to theoretical calculation, for the reason that there are boundary layer separations and extremely complicated
shapes and a lot of excrescences often in the store region. But, for all that, the paper by Ahmed on the prediction of
external store and tip-tank loads showed a very brave attempt at computing these things by theoretical methods. So far,
naturally, such a technique won't be adaptable to all the complexities of store load predictions, but nevertheless, going
hand-in-hand with experimental measurements, it has to be regarded as an important contribution to methods of under-
standing how these loads vary. I'PH turn it over to the audience now for further discussion on store loads.

Dr Hemsch: I would like to mention a computer program that was developed by Nielsen Engineering for the Air Force
Flight Dynamics Laboratory for prediction of store loads at subsonic speeds below the critical speed. An analytical
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program was developed in conjunction with a niatsive test program, and we found after applying the program to a number
ol configurations, that we can do very well for a variety of stores, and we have no probirk,,s with changing the configura-
tion. changing Mach numbers, or changing the parent aircraft I would like to add also that we are in the middle of
,-ontinuing the program iato the supersonic speed range in coijunction again with an experimental program i doih't have
the references here, and I can't give them to the audience, but if anybody wants to contact me, I can give then, the
references.

Mr Bore. It is also appropriate to nme.- ion tlh:t there is, as many of us know, an AGARD working group compiling a
report on aerodynamic effects of external stores, in whiLch the Nielsen method and the Rudnicki method, and now I have
no doubt, the Ahmed method as well, will all be discussed This report is due to go to the printers by next March and
should be available to those people ,vho have the right security classifications. It will be an AGARD Ad visory Report

Mr Bobbitt. The theoretical work related to the prediction of store loads started in the early 1950's. During the next
decade, several methods were formulated for the prediction of store loads at subsonic speeds. The work has continued
over the years though probably at a reduced pace These methods, similar to the second paper shown today, do have a
capability of giving fair-to-good predictions of tile forces and moments, as well as the loads on a variety of store confi-
gurations. I think that if one is going to do an empirical job, such as represented by the first paper yesterday, that would
be the place to start. The incorporation of empirical factors into one of the theoretical techniques is what's required to
conic up with a good overall engineering design method.

Mr Slooff: We did some work on store interference about three or four years ago which followed a line somewhere in
between the completely empirical approach and the fully theoretical approach as presented by Dr Ahmed. We split up in
a rather formal way, the total forces on the store into forces on the store in isolation and interference for,'es The force-
on the store alone were obtained from wind tunnel tests and thus included viscous effects The interference forces were
determined by means of a niethod very similar to the one used by Dr Ahmed. We calculated the average induced flow
angularity at the position of the store and also the forces on the store due to the non-uniformity of the flow field
Combining those forces we got good results as far as, e.g., store trajectory predictions, were concerned. I think it is really
a must for any store load prediction method to have the viscous effects on the store loads in, and I do not very well
understand the extremely good correlation that Dr Ahmed obtained by using potential flow theory only, but maybe he
can comment on that.

Dr Ahmed: My comments to the remarks of Mr Slooff are that the ARA results which I have shown depict forces and
moments of the store assembly. No details were available about pressure distribution measurements on these models,
and I do not think this has been done at ARA in England

If one looks at the theoretical and experimental pressure distributions which we have obtained at DFVLR/Germany
(Figures 4 and 5), the discrepancy due to viscous effects is noticeable in th, corners, at the store aft end, and at all critical
places where the body curvature changes raoidly.

I do not think it is a chance that our theoretical results for ARA model agree well with experiment The ARA store
is a sle-der body of revolution so that the viscous effects remain fairly small. It is not that the viscous effects are absent,
but their effect on total forces remains for most configurations and attached flow, small. The results may not be as good
if store configurations with a number of excrescences, winglets and fins are considered.

In the printed version of my paper a nomparison of theoretical and ARA experimental res,,lts for moments acting
on store assembly components is piesented (Fig. 15). The effects of viscosity come out clearly in this illustration, their
magnitude depending upon whether the component is a smooth body such as the store or provided with sharp leading
edge such as the fins. The agreement, especially in the case of the fins is not so good, because by the slightest incidence
one can expect flow separation at the fin leading edge.

Mr Bore: What this may mean is that perhaps the near future should see a good deal more comparison and interlacing
of theoretical and empirical methods, so that both methods might be reinforced.

We will move on now to the second group of topics in the second session. These were concerned with vortex inter-
actions, largely, although Mr Kloos gave us a comparison of various aerodynamic loads compared with flight test results,
which is useful information. The three remaining napers were quite closely related; all concerned with the effects of
vortices from canards, from leading edge extensions or strake,, and the very brave work on calculating the vortex jet wing
interaction by viscous numerical analysis. One thing that came out in the earlier discussion, was that the canard vortex
that was talked about by Mr Hale, burst early, and this appeared to be a different phenomenon from what I understood
to be the case on the Viggen. It occurred to me that maybe the vortex from the canard helps to organize the vortex
on the main wing, whether or not it is burst. Let's hear from the audience on that.
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Dr Scruggs: I think in regard to the (Iuc,,ti% I, u ,t bursting, it Iwast lear at the time of that paper, althought we couldn't
continue discussion, that one haN to .onsidcr what one's defraition of bursting is It may simply be a confusIon in terms
here Many of us regard bursting as the sitation when the axi,1 flow component of velo,.ity in the vortex in fact goes to
zero or reverses at any 1 oint In thi vortex What is obscrved by Mr Hai,, with his bubble machine, If you wil, is a vory
sudden and large increas in apparent diameter of this vortiajl flobw fiLId. I am not sure whether we cian see with the
bubbles, that there is iii fact axially reversed flow. Ceat,, iih, with me bubbleb you ,in see large-scale turbulencIe but
what this means in terms of the mcan flow in the vortex is quite another matter One's eyes can in fact get ole in trouble
in situations like this with flow visualization.

Mr Dixon. I would hIk' to add a commcni. to that Within the last year we havc coiducted tests at Lockheed Ct.orgiL
Con.p,iny vwith a canard onfigaration with spanv, sse iWowing on the tanard We know very well that tihe canard does not
have the vortex bursting, and wvc hay' gotten very favoiable interaLtion results. hlihs is a ' cry large-scale test that we
conducted. They are there zind I wanted to make that comment

Prof. Young. It struck mIc, as has been mentioned earher. that si the use of tile word bursting there may be a degree of
c Infusion between wh it JiffeCnt people mean. When we talk of bursting of a wing-tip vortex., vv genrally have a piLture
o' a %ortcs whillh ,Pitiahly for quite a distancIc is apprcntlk very stable and does not diffuse very rapidly. Then at some
stag,. It begins to go Vavy,, usually under the mnfluence if the other vortex, and in the process, a marked instability of thc.
%ortcx as a whule develops and then it blows up fairl., suddenly. ltowever. it seems to inc that what happens with regard
to vortices from canards and slender wings is probably somewhat different. I think thl ,ii re is evidence to show that
the typical wing-tip vortex is basically not turbulent, even though it may spring from a flow which is initially turbulent.
fhe turbulence is very rapidly damped out in the strongly swirling flow inside the vortex. The difffusioin of the vortex
as a whole is more nearly that of a laminar flow than a turbulent flow. If you calhulatc the late of diffi,sion as Squire
did many years ago, you find that it is in praLtice an order of magnitude less than any thing you might pi edict if you
assume that turbulent diffusion is taking place. So evidencc suggests that the final mnstability process is then essentially
of the vortex distorting and interacting with itself or with the other vortex. On the other hand, the kind of vortex flow
fiom a canard, strake om junction passing over a wing that we wert. talking about yesterday, iould well be one where the
vortex is being continuously fed with turbulent flow from the wirng surface, because it is passing over the wing surface,
and it is fed with flow from the edge where it originated. This continual injeLtion of turbulent flow into the vortex
ctauses it to diffuse muL.h more rapidly than it would otherwise do. It does not r,.ally burst, it just spreads a lot more
rapidly than in the Lase of the wing tip vortex. I would guess that it Lan then preserve some kind of 'dt'ntity for quite a
long way behind the wing, once it survives in a clear fashion back to tile trailing edge.

Mr White: In answer to the direct question that you raised, Mr Bore, even if the vortex is burst, it does in fact still
crganize the flow over the surface of the wing. Leaving aside for the moment the aspect of whether the vortex bursts or
does not burst, the primary effect of the canard vortex on the flow field on the main wing is that of its induced effect.
If One considers the relative locations of the canard vortex to the main wing, it is probably at a distance gre 'ter than the
core diameter of the vortex, regardless of core size. In that type of a condition, the induced effect of the canard vortex
on the main wing is Lontrolled by the Biot-Savart law. If we assume that the canard vortex itself conserves vorticity for
the time period we are talking about, then whether or not the vortex is "burst" or not "burst", it wIll have the same
induced effect on the flow field of the main wing, which would tend to organize it the same way whether it was a small
core diameter or a large core diameter.

Prof. Hummel: I would like to point out that there exist a lot of experimental investigations on the physics of vortex
bursting. I agree with Prof Young that the vortex sheet rolling up from the leading-edge is not significantly disturbed by
vortex bursting. The vortex sheet exists also downstream of the vortex bursting position. The abrupt clanges of the flow
field take place at the center of the vortex core which is the region within the rolled up vortex sheet The retardation of
tile flow starts at the vortex axis and spreads downstream over the whole vortex core within the conical vortex sheet.

Mr Benepe: Several yers ago there was published in Great Britain, a series of visual flow studies on some waverider
wings which had slightly rounded pianfornis. I have forgotten the particular name that was given to the planforms, but
one of them had a very peculiar characteristic with regard to the formation of the vortex. It was a turbulent vortex
almost immediately from the apex, which tur.ied out to be very stable and provided very large components of vortex
lift. Apparently the phenomenon was similar to what is being seen on the canard of the particular configuration we are
talking about. Whether or not a burst vortex exists in the sense of the mathematics of the problem, or whether or not
a burst turbulent vortex exists in the sense of the physics as to what happens downstream, this turbulent vortex may be
as useful or perhaps more useful and more stable than is the usual leading edge vortex.

Mr Kloos: I would like to confitmn a few points of view expressed here. We at Saab-Scania have observed, that, before
a real vortex burst occurs, there is a thickening of the core. We have, in instances where the canard was some distance
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fron- the main wing, observw d 'De fact that a thickening of tile core over or behind tile canard can occur When the
vortex enters the low prtsbure field over the main wing, the core thins out again and the vortex remains stable. We
eonsidei therefore at Saab-S,.ama the term "vortex burst" somewhat misleading because it isn't something that happens
all of a sudden on a well orgamzed vortex, but things are happening ,n the .ore as Prof. Hlummnel also says, 1.c , it thickens
and vou can in certain cases halt this process.

Prof. Hummel. Some early experiments have shown that a pressure rise along the vortex core creates vortex bursting
whereas a pre ,sure drop avoids vortex bursting. The same result has been found by Mr Kloos on canard configurations

Finally. I would hke to express, that the bursting phenomenon ocLurring in the c.enter of a vwotex seems to 2iz to
be tbv link b-'tween a three-dimensional type flow separation with a certain preferred flow direction in the separated
region and at two-dimensional type flow separation in which no flow direc-tion iv preferred In the vortex flow over a
slender delta wing a regular three-dimensional separation takes place upstream of the burst position and downstream of
it the character of the flow turns over to a two-dimensional type flow separation

Mr Bore. What w,- have concluded is that we have now got th'. makings of a strong attack on caalculating ,nd measuring
the important flovw field effects of vortices. We will move on now to Session 3, which will be introduced by Dr Zonars.

Dr Zonarn. Session 3 was very informative and timely in that it enabled us to link the fluid dynamicist's work with air-
.;%`t f.yihig today. The theories appear to be advancing with deliberate speed and comnicnsarat, with man's abilities to
properly at•sunie the correct parameters and solve the associated equations of motion. We have seen this trend in the well
established theories of Drs Pandolphi, Thiede, Headman and Gregorio. It is evident that the development of vortical
theories is dominating tile scene because of the very powe-ful lifting mechanism involved in the excellent paper given by
Mrs Manro. I detected a vortex bursting or instability at the trailing edge at 120 angle-of iamk. This problem needs to
be addressed in terms of the stability parameters that provide a continuation of the lift. (. r ,xperiences with t&2 vortex
dc elopment and its instabilities, both from wind tunnel tests and confirming flight tesIs, hAve indicated that airplanes.
pauiti-ularly the highly maneuvering types, do have sioeslip. Nevertheless, if an aircraft with a swept wing is flying at a
side,.ip angle, we find tihat the vortex from the forward wing will break down first, wh,-rcas the highly swept trailing
wing will have a longer lived vortex stability We have seen these vortices burst when the wing was into the stream (a
lower sweep characteristic) and cause a traumatic maneuver. The air literally engulfed and went over the top of the
vertical tail, destroying the directional stability. There have been endless problems, confirmed by both ground and flight
tests, in trying to direct the aircraft as the pilot intends. I also wart to commend Miss Landiurn for her outstanding
paper. It was an honest assessment of our abilities to calculate the flow fields and the loadings If structural designers
were present, they would feel a bit appiehensive about our ability to com.pute the compressive side of the flow field.
These techniques can be improved, however, and Miss Landrun, indic-ated logical ways in which the improvements could
be undertaken. The experimental data and the theories we have seen during this session (from a user standpoint and from
our involvement with the flight article mt.,elf) indicate a great disparity betw, -n what we have to work with and what we
are experiencing in flight. We see a lot of high angle-of-attack data both from a purposely deflected control surface stand-
point where the pilot is maneuvering and from other unknown sources. We have seen asymmetrical forces, both in the
rolling and the yawing motions, which have a tendency under cextain conditions to transfer the moments to the pitch
axis. It merely indicates that today we have a serious lack of theory regarding the dynamics of motion with regard to
the aircraft. We have seen cases, such as described in Mr Benepe's paper, where a dynamic increase in lift can result from
the motion involved. We have also seen casts where the pilot has pulled up directly, wings level, at a very slight rate of
increase (approximately 30 per second), min reached a high angle-of-attack. Because the asymmetrical forces werc such
that the yawing moment was to the left and the rolling moment to the right (even though in a wvings level maneuver),
the aircraft would lose energy, fall through straight, and recover. When the rate was increased to 8 or 90 per second, the
story changed drastically to a very strong departure (nose slice). The aircraft subsequently went into a spin, and then
had to be recovered. There are cases where this dynamic condition occurred at an angle-of-attack less than the one
which we have observed in slow motion. We must not lull ourselves into a false sense of security, feeling that, because
we do the maneuver faster, we are going to be safer. There are dynamics (time dependencies associated with the develop-
ment of the flow field) that differ from side-to-side on an aircraft. These dynamics are presently unknown and are
causing difficulties. What we currently need are parametric studies between tile theoreticians and the experimentalists
to help describe the sensitivities of the influencing factors, such as the configuration, the strakes proposed on highly
maneuvering aircraft, sweep, aspect ratio, leading edge bluntness, sharpness, and the moments of inertia of the aircraft
Besides needing this type of data to assess the flight charaLteristics, we must have an ictive means (such as over-the-wing
blowing) by which we can recover the aircraft from such awkward positions. The canard system also appears to be
attractive once we can power it to play an active role in recovery. We have seen engines continue to run at 900 angle-of-
attack. Perhaps we can harness that type of system to help u, recover when the dynamic pressure has gone to zero.
One particular area that we need to aevelop (",s referred to by 1) - Levinsky) is dynamic methods by which we can assess
the high angle-of-attack dynamic flight mncki- ",,' have a good background from the standpoint of the high pitch rates
obtained in our hypersonic shock tunnels T:. .s it. thod of assessing model angle-of-attack at a very rapid rate needs to
be developed so that we can, in turn, assess e r ,rametrics involved. We must discover what these limiting maneuvering
attitudes are as a function of configuration a,', -f c.,1vrse. develop the methodology that accompanies it. The problem
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is so Loniplex at this tnec that probably the ,xpenmenta! tcc.hii, Lies vwill dominate and suggest guidelines as to how we
develop the theoiies.

Dr Hlemsch You realli outlined a lot of work 1 v%.tint to make a conmient about one of the first things that you said.
I L. that y ol not1.K,'d that vortex bu;sting was aclcrirated o'n the wind\ward fin when 't was sidCshlpplng and delayed on
the leeward fin I think thlla can be explained in terms of a wing that :s not sidCslipping, if You think about the leading
edge sweep Tile windward fin has now got a lower leading edge .,:meep. and therefore, a lower strength vortex.

Dr Zonars: That is absolutely correct

Dr Hemsch I noti,.ed this very recently, wkhen I was writing up a final report on missile aerodynliains. I found that if
I took two opposin0, fins at a particular angle of attack with roll, so that one wa., a windward fin and one was a leevard
f.n. that I %% ould haNe exactly tict same situation that y ou arc discusSIng I also found something that %- as vcr, interesting
wvith respect to the external vortex Woiling bak over the wing and organitinL the flow in a situ,,tion for which dhe fills
should have been stalled (the Malh numbcr was subsonic) 1 found that the fuselage vortiLes, or body vortices, appeared
to be organizing the flow. even though the body vortices on a missile are very large, and I was gettung 25 to 35 percent
greater lift oil the fins than I could have gotten from a wing-alone .urve. I thought that was "cry, interesting and closely
coupled. no pun intended, with the strake-wing type of configuration.

Dr Zonars: This ty pe of flow is a very c-omplex phenomenon, partiuularly when body characteristics dominate the
departure charactcristi•s We have found from model tests in the Langley Research Faility that a large variety of wings
could be installed without changing the departure characteristics The flow is a function of body parameters and how
they are integrated with the strake system. For that reason. I would encourage Mr Atraghji to investigate simple
geometrnes of a body of revolution to determine the interrelation between tWie dependent effctts and pitvh rates We
note that the same ty pe of asymmetries are applicable to missiles.

Dr Hemsch. I mentoned an ONR c.ontract As part of the work for ONR we are now looking into voitcx shedding from
noncLircuar •h'nder bodies under conditions of sideslip and angle of attatk. I think that this work is going to shed a great
deal of light on tile phenomena you are talking about

Prof. Humnml. I am wondering about Dr Zonars uomment o:1 wings with angle 3f sideslip and with vortex bursting
Dr Redeker and I have pubhshed a paper in 1967 in which we have investigated the unsymmetrical vortex bursting and
the corresponding effects on the rolling moment of wings having different aspect ratios. In this paper you will find
diagrams in wlhi.ch tthe s,',c comnbinations of incideilce and sideslip arc indicated and III which tile sudden c.hanges of aero-
dynamic a hcaracteristi, s due to an tnsymnnetrical burst condition are shown. I will give you the reference *

Dr Zonars. I appreciatc your comments. I kvould also like to mention that we have taken much wind tunnel test data
and the associated dylnamni,. derivatives that are needed for asses ing them on sm.ulators We were unable to duplicate the
departure characteristics in our simulator, however, even though we used input data from both ground and flight tests and
had pilots in the loop. We were only able to repeat these characteristics in flight in a few isolated cases.

Dr Ericsson. I would like to amplify what Dr Zo,.ars said in the mItroduction, i e., tile dynamic effect on the vortex and
the vortex burst. In work that was done in Britain, it was shown that on the gotnlic wing where the leading edge sweep
increases towards the trailing edge, iortex burst is delayed. There is also more vortex-induced load on the rear half of
the wing than for a delta wing This is becaose changes in the "'tightness" of the vortex shedding are delayed also The
quasi-steady equivalent to this increase of L.E. sweep towards tile T F is tile "downwind" side of a yawing delta wing
The yaw rate will increace the effective sweep of thi iackward moving wing-halif and decrease it on the forward moving
half. This affects the loc.tion of burst (and Also the vortcx Induced loads ,n tihe -,,ou wing halfs) with associated large
effects on the lateral stability. in regard to the stability ti pitt h it h.- !,e :,,, v'i by Lmribourne that if one cainbers
the delta wing, i.e., increase, tihe local angle of attack towards the trailing edge, the vom tex burst is delayed On the other
hand, if one b,.nds the apex up, i.e., gives the delta wing negative camber, the vortex burst is promoted and occurs very
early, near the apex. This is the quasi-steady equivalent to a pitching wing. 3ne can, of course, expect especially
dr,tmatic cff6cts v, lien considering the dynamic cross-coupling between yaw. pitch, and roll degrees of freedom, as has
been pointed out by Orlik-Rfickeniann.

• D.Hurnmel, G.Redekr. "Uber den Linfluss des Aufplatzens der Wirbel atuf de aerodynamnischen Bemwcrtc von Deliaflogeln nit klememi

"2itenverhidltnis beim Schiebeflug. Jahrbueh 1967 der WGI R, 232-240.
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Mr Bobbitt. Bet.ause of the himited time available for the paper of M.L.Manro dealing with the arrow wings, ,he didn't
go into the loads data for 1.ontrol surfa,.cs, partl-.ularly trailing edge tontrol surfaces There were several phenomena
observed that aire worth bringing to your attention, bei.ause the) have been largely ignored here in the other presenta-
tiomis. One was the la,.k of effe-.tiveness of the outboard .ontrol surfat.,e underneath the leading edge vortex The other
was the inboard .ontrol surfaie, whi-h was generally effettivc, but did have the type of separation in the vicinity of tile
hinge line tb one sees on kontrol surfac-es for wings of moderate sweep We tried in the course of the study to make a
predittion of the separated-flow effect but it was not very successful. There was a paper given earlier by Mr Thiede who
mentioned in presenting his tecihnique for calkiulating separated flows the possible appliLation of his mc. Jod to separation
at control surfac-e hinges. I think both ot these problem areas are in really slhabby shape in terms of being able to predict
the control effectiveness. We really need to (1o a lot of work to obtain reliable predictive technique .

Dr Zonars. In the .ase discussed by M.E.Manro, I detected the burst or at least the beginning of an instability at the
trailing edge We have seen surface pressure distributions very similar to w&hat she outlined. I would strongly recommend
to her that a trail of smoke be put into the vortex, if resources permit. This approach provides a very dramatic means
by whic.h one may obsene what is happemng. At low angle-of-attack, the vortex looks just like a thread As tile angle-
of-attack mcireases, it opens up and becomes very large. It would also be very appropriate to observe the instability
further downstream or in the trailing edge region usifhg the smoke trace method.

Major Lang. I was especially intrigued by some retialks by Mr Atraghji on the high angle of attack, asymmetrical vortex
shedding, and his mention of the fact that very small protruberances play an important part I would like to generalize
and talk about the leading edge vortex phenomenon oil airplane wings. We all know the importance of spanwise blowing
and the shape of the leading edge. It seems to me we are on a threshold, with the potential, that by use of very small
control surfaces (perhaps canard type) or spanwise blowing, that could be automated, we are maybe capable of con-
frolling a lot of these phenomena that induce high loads and cause things like nose slice, wing rock, departure, etc This
also appears related to dynamic stall. I think the threshold is a very important one. I speak in terms of the possibility
that, in tile future, we can have airplanes that manoeuvre readily in what we now consider that dark, forbidding area of
stall. This has great payoff and potential, and I think we have scratched the surface recently and should continue to dig
for the answers.

Mr Atraglji: I wou.d like to add briefly to the last remark by Major Lang. I have often read, in various newspaper
articles on captured Soviet aircraft, that your adversaries planes are "dirty". Dirty in the sense that the surface finish is
rough, rivet heads are left showing, skin panels are overlapping, etc.... a practice which, on this side, would be consi-
dered as a sloppy design.

Howefer, in watching the Soviets play hockey I get a different impression. Far from being sloppy, one realizes very
early on in the game, from the moves made by their various players, that they are invariably deliberate Because I have
a tendency to judge a nation's characteristics by the manner in which its sportsmen and sportswomen co-iduct themselves.
and the Russians are no exception, I suspect that their deliberate approach in hockey is being applied in other walks of
life also, like engineering, design and manufacture. I am wondering, therefore, if those dirty protruberances are in fact
intentional.

Those who are sports minded among you would know that Team Canada is beginning to will more ofte-i in matches
against the Russians not b.'-cause we are playing better hockey now than they used to, but because the Cana-lians have
learned to prevent the Soviets from organizing into a strategy before it becomes too powerful to overcome.

Have the Russians already discovered that such seemingly parasitic protruberances do in fact have their usefulness?
Namely, in disrupting the organized vortex pattern I talked about earlier in my paper, when the effects oil other parts
of the structure of the aircraft from such a pattern become detrimental.

Of course, I cannot speak with certainty on this matter, since the available information is rather limited I merely
wish to make the plea that this alternative explanation to a 'dirty' aircraft be given some consideration instead of simply
dismissing the product as yet another example of poor design by the other side.

Mr Bore: I think that we must move on from that topic, although I am afraid the disctssion centered very largely on the
first three-quarters of that session. Has anyone got comments on the interesting mathematical paper from Dr Medan on
aerodynamic loads near cranks and apexes? We had a compliment on that from Mr Slooff. Is there any more to add on
that? That stands as one complimented paper. There was one more, a brave vortex lattice approach for computing
overall forces; this time, getting around to including jet efflux effects from Lucchi and Schm~dt. Any comments on
that? As there are none we will move on to Session 4. Dr McCroskey chaired part of that.

SDr Mc.roskay: I can t make many comments on the ones of yesterday afternoon, as I was occupied elsewhere. But this
I morning, we have seen a presentation on some semi-empirical modelling of dynamic stall, a paper addressing tile hysteresis
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of the lift and nioincnt .urves on airfoils and s ings going Into stall a,"d back out 1g,11n. thlie ostIlIatIng spoiler, and finally
the leading edge bubble oil a c owl. There is a Lci lain coninonalit. in these problems In I n,orc general sense there is
also a kcnommonality with thc proble Ils discu~scd )csterda)y, sinc the fluc,tuting [(_ids vciy often iuvolvc sc iparatcd flows
Mo:A of the papers this morning dealt in sonic sense with separated rcgiuos that can bc .Loidcrvd bubbles, that is, withi
free-shear layers wh.•lch miay or nlay not reattach Ihe reattachnient characteristicS of this separating zone are is inpor-
tant. if not more so. than the initial separation, and tertainly the reattachment is very diffiLcult to predict

For the leading edge bubble, whether it is oil an oscllating airfoil or wing, whether it is the mecharsni for the
abrupt leading edge stall that gives the largý, amnount of hysteresi, that was shown in Dr Levinski's papcr. or whether it
occurs on a cowl. it is not very difficult to predict where the bubble starts Usually the flow is laminar at that polht
Then thie flow undergoes some sort of transition, and thc real tri.k is to moid, seini-enipirially or make any sensible
calculations of how this turbulent free-shear lay er will rcattach This remains virtuJl an ,msoive0I problcn, even In
in.onipressible flow. I do not bcfievc that coimprcssibility effects are very important ii the \ isLou., flow, but the potential
flow field outside. whicl is Sirongly coupled with these vis.ous, sht;ar lalt rs. is highly Auisceptble to omiolplcsibility
cffects. Ther6'orc. onc has to illude in ally rational anallysis some mechA .,sin for allowing either high lubsonl.. tran-
sonic, or supersonic potential flow. There are Reynolds number effects as wel

"To analy zc these kinds of problems, one is going to bdac to de\ clop some sort of viscous-inviscid inter, tion mioduls
that take Into account turbulent shear laycrs. and that is a formidable ,.hallenge 1 the mncintinm. we expect further
refinements along the hens of tihe senm-cinpirical modelling, whichi makes vet-ry gencrtc bs uLse of wind tunnel data Of
course, this has been a good t;Lchnique for many years W, will ,.ontinue that way. but %%e will reed better fundamental
Lunderstaniding. I wouldd like to offer tne suggestion that there iaya be a role to be played by c.arefully conducted and
arefully strutmnized Naviei-Stokes solutions obtained vsth inodernii coimputational capabilities, even though you could

inut cxpect to get brilliant engineering solutions or .oinIcthlng that is truly replCsCntativL of the actual Rey nolds numbers
you want to study These wvould probably be only for laminar flows at this point, or may be with some simple turbulence
modelling. One might use such solutions as , guide to~vard dsc\loping more simplified approximate analyses or to better
corielate the data in the semi-enmpirical methods.

It will be important in the future to mnake syvteinatic studwes of the inflt. nce of compressibil,ty on some of lhese
sepamated regions. such as the leading edge bubbles. When the flow is nLomnpressible, we are beginning to get a pretty
good uinderstanding of how it develop,,, such as the oscillating airfoil to sv loci Dr t-ricsson swas referring. But wI n -y ou
exainieie th:s leading edge vortex shedding phenonienon at .ompre-sible Macli numbers, as the Macli number increases,
there is some tendency for thtc shok-induced separation to Interfere witam the vortex development But we do not know
much about that. what really happens, so there is a need for more detailed experiments aleig these lines.

Mr Dixon. I hadn't noticed mnany conilnents about the rate of vorticity being shed from the leading edge w inch f,.r:Ms
this bubble. I thu.mk it is rather obvious that the leading edge vortex from a dynamnitcally stalled wing, or a steady -state
vortex that is being c.ontrolled by some means, that the strength of the vortex is a funition of the rate of vorticity being
shed from the leading edge, whici is in turn a funtion of the potential flow twhere the angle of attac.k of a wing or airfoil
at that station and the vortex btmength is also a functlion af the position it has assumed, so that in any dynamic flow it
appears this should be taken rato account. The vorticity shed is a function of time and also its position is a funct.on of
time.

Prof. Young. In your remarks, Dr McCroskey, you said that we had practitally no information about the reattachment
process. I think that it is true that we haven't got the whole story yet, but there is some work that has been done on
this. There was a paper by Horton (ARC CP 1073) some years ago, where he developed his theory of the reattaciment
process, which seemed to hlie tip pretty well with e.tperunent. Inevitably, as we are dealing with turbulent entrainment.
any theory must be semi-empiric-al We hase yet to arrive at the stage where we understand enough about turbulence to
be able to have .omnplete theories of it But, the point that might be of interest here is that as long as tle bubble is short
the effect of sweep on bubbles we find is relatively small as far as the flow not mal to the bubble is concerned. You c.an
predict its characteristits from two-dimensional data just considering the flow normal to the bubble. including the condi-
tion under whicl the bubble will suIdenly become long or burst. The main difference due to sweep, however, is that
there is a very strong spanwise flow along the bubble, because a bubble in three-d'mensions is no longer a closed volume
It is entraining flow from the main stream, and that flow must eventually go along the bubble. You can get velocities of
flow in a bubble in the spanwise direition of the same order as the main stream velocity. These velocities can therefore
be high and no doubt they account for the considerable effect on the pressure dstribution underneath the bubble There
is therefore work going on, but I agree that there is a lot more work to be done.

Dr McCroskey; My choice of words was probably not corret., as it appears that I indicated that not much work had
been done. I realize that there has been Horton's work on the bubbles, there are a i.otnbei of other investigations that
have been done, and still other work is in progress. On this question of the bubbles. I recently tried to take all the analyses
that are available in the literature and apply them systematically to the same prob : . I got quite a wide range of results,
even though each method had orginally compared favorably with some limited set of experimental data. I think the
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methods are better in agreement for the relatively uninteresting case of when the reattac.hment occurs, than in the more
significant case of when it aills to occur, that is :, say. bubble bursting When I considered several two-dimensional
airfoils that ire supposed to stall by the ine•hianism of leading edge bubble bursting, I found little correlation betv cen the
predictions of bubble-bursting incidence as a function of Reynolds number an I the experimentally-ob'erved s 1llhng
angles. Also, there was a very wide discrepancy amiong the different predictions A lot of work has been done and we
understand many of the general features of the leadirg edge bubbles But quatititatively, it reilly remains ,n unsolved
problem, even in twoedimensic-is for incor ipressible flow.

Mr Benepe: Wilth regard to the effect of compressibility on the leading edge spilled vortex phenomenor, I recently hbd
occassion to go back and look at data oil blast wave effects, and it is interesting to observe, fl-,m thv' inmited amount ot
data tiat does exist that there ,'. an apparent compressibility effett in whl1ih the spilling of the leading edge vortex is
ind•eed very much disturbed by the presence of a shock wave on an airfoil. The .cry 1 ;gh pressure rise obtained at sub-
critca, speeos disappears. I suspect that we will find that to be true for the :ases that you people have been looking at

Mr McKeeney: We h:"" -,t,,-ilar interest in thte assessment of the unsteady flow on air,.raft motion, particularly the
wing rock. I have a question for the audience here, and that is, kould anyone identify areas in the unsteady dynamic
flow areas where full-scale flight tests night be of benefit, something we can look at'?

Mr Bore: lii the UK some work is being considered on both wind tunnel model and flight work in the wing rock, i e,
the low incidence wing rock. and also into the high incidence almost fully stalled wing rock situation which arises as a
sort of dutch-roll c'oiplang phenomenon. I would doubt that tile UK will cover the whole field, and some American
contributions in that same field would be welcome.

Mr Coe: In connection with the wing rock phenomenon at Ames Research Center, we have recently completed wind
tunnel tests of a flghter-type configuiation that was .mounted on a sting with bearings so it could roll freely with only
the imestraint of a torsion bar pring which paNsed through the center of the sting A variable damper was also installed in
the system to guard against a diverging oscillation. There were pressure transducers installed on the model that will
allow us to make soin- deduction of the motion dependence of the local pres-ures associated with the problem of wing
roc<. The configuration was selected because some flight data are available •,hich will allow rorielations to be made
between th, wind tunnel and flight data in the futuro. It is premature to say v iything of th,' results of the investigation,
other than that the model did oscillate freely, both at intermediate and -t -cry high angles of attack. These tests were
just recently completed and tlee data are new being anatyzed. Hopefully, in the near future, tile results wil. yield
useful mnfori,:ation on the problem of wing rock.

Mr Bore: Now we will move on to the remain'ng half of Session 4. The session chairman is not with us That contained
one vaper by Mr Benepe on a whole range of aircraft nanoeuvres and dy namic pheCnoimena, which really we !.ave been
discussing in relation to the other topics to a good extent. Also, there were three papers on different approachcts to
buffet prediction. One of these used crnventional wind tunnel models in order to correct the witd tunnel behaviour to
flight behavior, and it looked quite promising. Another one was a ;omputational method and the third even more
mathematical. One might remark, that as far as fighters are concerned, it isn't buffet onset that is usually the worry, it
is usually the prediction of moderate or even severe buffet, which is much more to the point as an aircraft limitation.
From thi-, point oa view then, essentially any computational iethod has to include somic account of the separated flow
regime. Tils was attempted in the Redeker and Proksch method. It is a welcome atteiipt. Any comments from the
audience on those?

Mr Benepe: I would like to remark on buffet predictions. I have been involved with many approaches, from very simple-
minded ones whlich were similar to Mr Bore's first attempts 12 or 14 years ago, to very complicated ones where we are
trying to predict what will occur over tile entire structure. As far as a project is concerned, it is not a matter ot predicting
how much buffet intensity is going to occur, but whether or not you can get rid of it. Tlhe real aim that we have is to
determine what the ahs.,c ' of the phenomena arc, not necessarily to ounpute a solution, but to minimize the problem.

4 We have accomplished that goal for a specific configaration. I would not generalize and say that tIle approach is going
to work for all configurations, because I am sure 1nat won't hapoen. The approach that Mr Butler is ta!ling looks very
fruitful. Computationally you can estimate what the model is going to do ahead of time in terms of its vibration modes.
If you know enough about the airplane structural arrangement at that point in tfime, then you ought to be able to
estimate what the airplane vibration modes are. If the model doesn't vibrate in modes similar to those of the airplane,
then there is no point in taking the measurements, because you are not going to get anything significant You have to
have dynamic modelling ,n that sense. I do not say that you have to have a completely dynamically similar aeroelastic
nmodel in oider to get useful project information We used a technique very similar to that which Mr Butler is using, to
arrive at a configuration which was significantly better with regard to buffet than all the others we had looked at. While
we do have a need to get at the entire problem from the standpoint of aerodynamic loadings, the fatigue life of the air-
plane, etc., we also have another need, and that is to arrive a^ configurations during development which are worthwhile
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Dr Zonlars: I certainly want to comm end the authors of that particular sessioir on traisnicnt and flui.tuatimg lbads It,
Mr Benepe's example, I ant sure that there was a lot of configuration iteration before the buffet characteristmc, were
suppressed I think his paper was outstanding !n telling us what the i"h:iht problems are. We must improve the correlation
of our ground test :an1d analys-,, methods in order to bc able to predcict what will happen aill aircraft in maneuvering
fligh:. What we de';perately need is configuration sensitive iterations, similar to Dc Median's cranks and conifiguration
inputs in a sense. it is like doing configuratioo ,Oudies in tile same vein as described in the old NA('A airfoil series that
would define sensiti.,ity for high angle-of-attack. etc.

Mr Bore: We have come to the :rnd of our allotted time for this round table discussion. It hlas been filtcd w:th a great
deal of constructive :ommnents ! romn die audience. whiclh was exautly what it wa,, meant to (0o Lneking back, it seems
to me that we have had a session that has been very much directed to the problems of re;: aircrafT with all tieir com-
lcxities. all tlcir separated flows. From the point of view of aircraft designers, this musL be regarded as a vcry jileva'it
and practical symposlium.

It is now my lot to thank all tCe people who are concerned in bringing about this symposium and making it work
As far as the organization at this end of the chain of communications is conLerned, the administrative tasks were shared
between Mr L loyo Jones and Dr McCroskey. As far as I can see, the whole affaii has run on rails and not quite the
early days of BART-type rails. Everything has moved extremely shcl.ly, and there have been no slip-ups whatsoever
They can rest happy. Of course, there have been thc- efforts of Mikc Fischer, the Fluid Dynamics P.inel Executmv.. and
the Secretary, Ann Marie, who has been looking aftei all manner of aspeits of organizatio1 a behind the scenes. Of course.
we must never forget the other behind-the-scenes workers here, the projectionists and the sound technicians Not too
much seen here, although I suppose a bit heard, I have to thank very much the Program Com.nmittee, who assisted me in
trying to ';nd authors for papers and choosing which ones to have. They have done a fine job, but of course that fine
job would be utterly impossible without the essential contr'butors, tine authors. As far as I can see, they have done some
really strong work. Finally, not least. the participants from the floor without whom the wvhole exercise would have been
quite pointless. Thank you all very much for your attendance and your very ,ons'ructive participation For the final
remarks, I would now like to ask tile Chairman of the Fluid Dynamics Panel, Mr J.P Hartt~uker. to wind -1 tile filal
proceedings.

Mr Hartzuiker: I would like to say just a few words. Mr Bore, in thanking everybody who cooperated in the success of
this meeting, more or less deliberately left out one person, i.e., the Chairman of the Program Committee, Mr Bore himself.
From my own) experience, I know that, in preparing a meeting which is to be successful, you have to out in a lot of time
in preparin- the call for papers, in reviewing the abstracts, ir selecting the authors and guiding the whole meeting through
a successful two and oae-half days. I would like to thank Mr Bore for everything he did to make this meeting so success-
ful. With that I would like to call this symposium closed
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